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Foreword

by L F E Coombs IEng, BSc, MPhil, AMRAeS, FRSA

The progress of all types of aviation has depended on providing the
pilot with sufficient information to enable him or her to control the
aircraft safely and to navigate it to its destination.

From 1903 onwards each advance in speed, range, altitude and
versatility has had to be matched by instruments which enable the
crew to maximize an aircraft’s potential. In the beginning, i.e. the
Wright ‘Flyer” of 1903, the instrumentation was rudimentary,
consisting of only an anemometer for airspeed, a stop watch and an
engine revolution counter. Perhaps the piece of string attached to the
canard structure in front of the pilot, to indicate aircraft attitude
relative to the airflow, can also be classed as an instrument.

Limited instrumentation was a feature of the aircraft of the first
decade of heavier-than-air powered flight. However, the demands of
wartime flying accelerated the development of instrument:, and by
1918 a typical cockpit would have an airspeed indicator, an aitimeter,
inclinometer, fuel pressure gauge, oil pressure indicator, rpm
indicator, compass and a clock. Not until the end of the 1920s were
instruments available by which a pilot could maintain attitude and
heading when flying in cloud, or whenever the horizon was obscured.
In the 1930s and ’40s, considerable progress was made toward ‘blind
flying’ instruments. In the 1950s came the ‘director’-type attitude
indicators and in the '60s more and more electromechanical
instruments became available. By 1970 solid-state displays were -
edging their way on to the flight deck. In the past ten years the
electronic tide has swept in to an extent that the modern flight deck is
awash from wall to wall with solid-state displays such as the
electronic instrument systems (EIS) and engine indication and crew
alert systems (EICAS). ’ '

With a lifetime’s interest in the man—machine interface of the
cockpit, I have depended very much on the knowledge and advice of
many in the aviation industry and 2ssociated publishing. Over the
years a ‘nose’ is acquired which differentiates among the many
authors and separates them into categories. I place E H J Pallett at
the top of the list when it comes to the ability to grasp essentials
from a mass of technological facts, to explain succinctly, and, above
all, to write with that authority which can only be acquired from long
practical experience.

Vit
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Any author who writes on the subject of aircraft instrumentation,
and who aims a book, as does Eddie Pallett, at licensed engineers
and flight crew, has a difficult task, a task made more onerous by the
wide range of instrument types in use. This extends from mechanical,
through electromechanical, to electromechanical with some
electronics, and finally to today’s electronic solid-state displays. Both
engineers and flight crews will come across all of these different
technologies. Some aircraft types will include examples of each,
while others will be 90 per cent all-electronic — the so-called ‘glass
cockpit’.

Another problem, well tackled in this book, arises from the fact
that modern aircraft have systems rather than individuat items of
equipment, such as instrument display units; few instruments,
therefore, can be considered in isolation. Many are just one part of a
system: for example, the control and display unit (CDU) of a flight
management system is the visual and tactile interface with the pilot.
From this ‘tip’ depends the rest of the iceberg: the computers and
data links, and the interface units with other systems.

We have come a long way from the time when the engineer had
only to undo four bolts and two unions, and out came the airspeed
indicator. The title Aircraft instruments and integrated systems is
therefore most apposite.



Preface

The material for this book was initially intended to comprise a third
edition of Aircraft Instruments which for the last twenty years has
served as a reference to this area of the avionics field. Since the last
revision however, many technological changes have taken place, and
in deciding how information on such changes could be included in a
new edition, it soon became evident that the existing ‘framework’ and
title, would be totally inappropriate. Thus, after considerable
restructuring the compilation of material proceeded on the basis that
it would best serve as a complete replacement of Aircraft Instruments.

As far as the instrumentation requirements for aircraft are
concerned the most significant of the technological changes has been
that of processing data and presenting it in electronic display format.
Instruments and systems utilizing such format are, by virtue of high
levels of digital computer integration and signal distribution via data
‘highway’ busbar systems, able to project the same quantity of
operational data which would otherwise have to be displayed by a
very large number of conventional ‘clockwork’ type instruments. The
scene was, therefore, set not only for making drastic reductions in the
utilization of conventional instruments, but also for implementing full
automation of the management of all aspects of in-flight operation of
aircraft.

The development of electronic instrument systems ran parallel with
the launching of the Boeing 757, 767 and Airbus A310 aircraft in
1978 as design projects, and these were to become the first of ‘new
technology’ aircraft to enter commercial service in 1982—3. These
aircraft and several of their descendant types, are now in service
world-wide, together with many types of smaller aircraft, including
helicopters, in which the foregoing technology has also satisfied an
operational need.

Conventional instruments of course still fultill an important role but
the extent of their utilization now bears a more direct relationship to
types of aircraft. For example, in those already referred to, a
conventional airspeed indicator, altimeter and attitude indicator are
provided to serve as ‘standby’ references. There are on the other
hand many other types of aircraft in which conventional instruments
still satisfy the full instrumentation requirements appropriate to their
operational needs. The material for this book therefore, covers a



representative selection from the wide range of instruments and
systems that currently come: within both areas of technology and the
sequencing of the relevant chapters has been arranged in such a way
as to reflect the transition from one area to the other.

Like its predecesscr, the details emphasize fundamental principles
and their applications to civil aircraft instruments and systems, and
overall, are also intended to serve as a basic reference for those
persons who, either incependently or, by way of courses established
by specialist training organizations, are preparing for Aircraft
Maintenance Engineer Licence examinations. It is also hoped that the
details will provide some support to the current technical knowledge
requirements relevant to flight crew examinations. A large number of
‘self-test’ questions have been compiled and are set out in chapter
sequence at the end of the book.

As with all books of this nature schematic diagrams and
photographs are of great importance in supporting the written details
and so it is hoped that the three hundred or so spread over the
chapters which follow will achieve the desired objective. In reviewing
some current aircraft installations together with the contents of
Aircraft Instruments, and also of another of my books
(Microelectronics in Aircraft Systems) I found that a number of
diagrams and photographs were still appropriate and so it was
expedient to make further use of thest. The diagrams relating to ‘new
subject’ material have, in many cases, been redrawn from my
original ‘roughs’. The remaining new diagrams and photographs
(some of which are reproduced in colour) have been supplied to me
from external sources, and in this connection I would particularly like
to express my grateful thanks to Smith’s Industries, Aer Lingus, and
Boeing International Corporation for their assistance.

In conclusion, I wish to convey sincere thanks to Leslie Coombs
not only for his help, past and present, in providing material on a
subject of common interest, but in particular for having accepted my
invitation to write the Foreword to this book. It necessitated his
having to read through many pages of draft manuscript, but as this
resulted in comments that required some changes of text, then I am
sure that he too would agree that efforts were not wasted.

Copthorne E.P.
W. Sussex



Quantitative displays

instrument displays,
panels and layouts

In flight, an aircraft and its operating crew form a ‘man--machine’
system loop which, depending on the size and type of aircraft, may
be fairly simple or very complex. The function of the crew within the
loop is that of controller, and the extent of the control function is
governed by the simplicity or otherwise of the aircraft-as an
integrated whole. For example, in manually flying an aircraft, and
manually initiating adjustments to essential systems, the controller’s
function is said to be a fully active one. If, on the other hand, the
flight of an aircraft and system’s adjustments are automatic in
operation, then the controller’s function becomes one of monitoring,
with the possibility of reverting to the active function in the event of
failure of systems.

Instruments, of course, play an extremely vital role in the control
loop as they are the means of communicating data between systems
and controller. Therefore, in order that a controller may obtain a
maximum of control quality, and also to minimize the mental effort
in interpreting data, it is necessary to pay the utmost regard to the
content and format of the data displays.”

The most common forms of data display are (a) quantitative, in
which the variable quantity being measured is presented in terms of a
numerical value and by the relative position between a pointer or
index and a graduated scale, and (b) qualitative, in which the data is

. presented in symbolic or pictorial format.

There are three principal methods by which data may be displayed:
(i) the circular scale, or more familiarly, the ‘clock’ type of scale,
(ii) straight scale, and (iii) digital, or counter.

Circular scale

This may be considered as the classical method of displaying data in
quantitative form and is illustrated in Fig. 1.1. The scale base refers
to the graduated line, which may be actual or implied, running from
end to end of the scale and from which the scale marks and line of
travel of the pointer are defined.



Figure 1.1 Circular scale
quantitative display .

SCALE LENGTH

e SCALE SPACING
N UNITS OF 4

Figure 1.2 Linear and non-
linear scales. (a) Linear;
(b) square-law; (c) logarithmic.

{b)

(e

Scale or graduation marks are those which constitute the scale of
an instrument. For quantitative displays the number and size of marks
are chosen in order to obtain quick and accurate interpretation of
readings. In general, scales are divided so that the marks represent
units of 1, 2 or 5, or decimal multiples thereof, and those marks
which are to be numbered are longer than the remainder.

Spacing of marks is also governed by physical laws related to the
quantity to be measured, but in general they result in spacing that is
either linear or non-linear. Typical examples are illustrated in Fig.
1.2, from which it will also be noted that non-linear displays may be
of the square-law or logarithmic-law type, the physical laws in this
instance being related to airspeed and rate of altitude change
respectively.

The sequence of numbering always increases in a clockwise
direction, thus conforming to what is termed the ‘visual expectation’
of the observer. As in the case of marks, numbering is always in
steps of 1, 2 or 5 or decimal multiples thereof. The numbers may be
marked on the dial either inside or outside the scale base.



Figure 1.3 High-range long-
scale displays. (a) Concentric
scales: (b) fixed and rotating
scales: (¢} common scale and
triple pointers.

The distance between the centres of the marks indicating the
minimum and maximum values of the chosen range of measurement,
and measured along the scale base, is called the scale length.
Governing factors in the choice of scale length for a particular range
are the size of the instrument, the accuracy with which it needs to be
read, and the conditions under which it is to be observed.

High-range long-scale displays

For the measurement of some quantities — for example, turbine
engine speed, airspeed, and altitude — high measuring ranges are
involved with the result that very long scales are required. This
makes it difficult to display such quantities on single circular scales in
standard-size cases, particularly in connection with the number and
spacing of the marks. If a large number of marks are required their
spacing might be too close to permit rapid reading, while, on the
other hand, a reduction in the number of marks in order to ‘open up’
the spacing will also give rise to errors when interpreting values at
points between scale marks.

Some of the displays developed as practical solutions are illustrated
in Fig. 1.3. The display shown at (a) is perhaps the simplest way of
accommodating a lengthy scale; by splitting it into two concentric
scales, the inner one is made a continuation of the outer. A single
pointer driven through two revolutions can be used to register against
both scales, but as it can also lead to too frequent misreading, a

{c)



Figure 1.4 Reading accuracy.

presentation by two concentrically-mounted pointers of different sizes
is much better. A practical example of this is to be found in some
types of engine speed indicator. In this instance, a large pointer
rotates against an outer scale to indicate hundreds of rev/min, and at
the same time it rotates a smaller pointer through appropriate ratio
gearing, against an inner scale to indicate thousands of rev/min.

The method shown at (b) is employed in a certain type of
pneumatic airspeed indicator; in its basic concept it is similar to the
one just described. In this case, however, a single pointer rotates
against a circular scale and drives a second scale plate instead of a
pointer. This rotating plate, which records hundreds of knots as the
pointer rotates through complete revolutions, is visible through an
aperture in the miain dial of the indicator.

Scale and operating ranges

Instrument scale lengths and ranges usually exceed that actually
required for the operating range of the system with which an
instrument is associated, thus leaving part of the scale unused. This
may appear somewhat wasteful, but an example will show that it

‘helps in improving the accuracy with which readings may be

observed.

Let us consider a fluid system in which the operating pressure
range is, say, 0—30 Ibf/in?. It would be no problem to design a scale
for the required pressure indicator which would be of a length
equivalent to the system'’s total operating range, also divided into a
convenient number of parts as shown in Fig. 1.4(a). However, under
certain operating conditions of the system concerned, it may be
essential to monitor pressures having such values as 17 or 29 1bf/in?
and to do this accurately in the shortest possible time is not very
easy, as a second look at the diagram will show.

If the scale is now redesigned so that its length and range exceed
the system’s operating range and also graduated in the manner noted

(a) {b)



earlier, then as shown at (b) the result makes it much easier to
interpret and to monitor specific operating values.

Straight scale

In addition to the circular scale presentation, a quantitative display
may also be of the straight scale (vertical or horizontal) type. For the
same reason that the sequence of numbering is given in a clockwise
direction on a circular scale, so on a straight scale the sequence is
from bottom to top or from left to right.

{Although such displays contribute to the saving of panel space and
improved observational accuracy, their application to the more
conventional types of mechanical and/or electro-mechanical
instruments has been limited to those utilizing synchronous data-
transmission principleg) It is pertinent to note at this juncture that in
respect of electronic CRT displays (see Chapter 11) there are no
mechanical restraints, and so straight scales can, therefore, be more
widely applied.

An example of a straight scale presentation of an indicator
operating on the above-mentioned principles is illustrated in Fig.
1.5(a); it is used for indicating the position of an aircraft’s landing
flaps. The scales are graduated in degrees, and each pointer is
operated by a synchro (see Chapter 5). The synchros are supplied
with signals from transmitters actuated respectively by left and right
outboard flap sections.

Another variation of this type of display is shown at (b) of Fig.
1.5. It is known as the moving-tape or thermometer display and was
originally developed for the measurement of parameters essential to
the operation of engines of large transport aircraft. @gc_h display unit
contains a servo-driven white tape in place of a pointer, which moves
ina vemcal plane and registers against a scale in. 2 similar_manner to
the merc mercury column of a thermometerJAs will be noted, there is one
dlsplay unit for each parameter, the scales being common to each
engine in the particular type of aircraft. When such displays are
limited to only one or two parameters then, by scanning across the
ends of the tapes, or columns, a much quicker and more accurate
evaluation of changes in engine performance can be obtained as
compared to ‘clock’ type displays. This fact, and the fact that panel
space can be reduced, are clearly evident from the diagram.

Digital display

A digital, or counter, type of display is one that is generally to be
found operating in conjunction w1th the circular type of display; two
examples are shown in Fig. 1.6. gn the application to an altimeter
there are two counters: one presents a t:l?ggg}»!)ressure value which can



Figure 1.5 Straight scale
displays. (b) gives a
comparison between moving-
tape and circular scale displays.
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Figure 1.6 Application of
digital counter displays.

DYNAMIC COUNTER
OISPLAY

DISPLAY

and autgmancally presents changes in_ altltude “and is therefore known
as a Wr display, It is of interest to note that the
presentation of altitude data by means of a scale and counter is yet
another method of solving the long-scale problem already referred to
on page 3. The counter of the turbine gas temperature (TGT)
indicator is also a dynamic display since, in addition to the main

pointer, it is driven by a servo transmission system (see also page
363).

Dual-indicator displays

@hese displays are designed principally as a means of conserving

panel space, particularly where the measurement of the various
quantities related to engines is concerned They are normaily of two
basic forms: in one, two separate mdlcator mechanisms and scales are
contained in one case, while in the other, which also has two
mechanisms in one case, the pointers register against a common

scale. Typical examples of display combinations are illustrated in Fig.
1.7.

})perational range markings

These markings take the form of coloured arcs, radial lines and
sectors applied to the scales of instruments, their purpose being to
highlight specific limits of operation of the systems with which the

instruments are associated. The definitions of these marks are as
follows:

‘? RED radial line Maximum and minimum limits / j
! .YELLOW arc  Take-off and precautionary ranges ‘3
i . GREEN arc Normal operating range
\/ /RED arc Range in which operation is prohibited



Figure 1.7 Dual-indicator
displays. The display with three
pointers has a helicopter
application: it shows the speed
of No. 1 and No. 2 engines,
and of the main rotor.

Cualitative displays

In the example shown in Fig. 1.8(a), an additional WHITE arc is
provided which serves to indicate the appropriate airspeed range over
which an aircraft’s landing flaps may be extended in the take-off,
approach and landing configurations.

The application of sector-type markings is usually confined to those
parts of an operating range in which it is sufficient to know that a
certain condition has been reached rather than knowing actual
quantitative values. For example, it may be necessary for an oxygen
cylinder to be charged when the pressure has dropped to below, say,
500 Ibf/in®. The cylinder pressure gauge would therefore have a red
sector on its dial embracing the marks from 0 to 500 as at (b} of Fig.
1.8. Thus, if the pointer should register within this sector, this alone
is sufficient indication that recharging is necessary, and it is only of
secondary importance tc know what the actual pressure is.

Another method of indicating operating ranges is one that uses
what are termed ‘memory bugs’. These take the form of small
pointers which, by means of an adjusting device, can be rotated
around the dial plate of an instrument to pre-set them at appropriate
operating values on the scale. An example of their application to a
Mach/airspeed indicator {see page 47) is shown at (c) of Fig. 1.8.

These are of a special type in which the information is presented in a
symbolic or pictorial form to show the condition of a system,
whether the value of an output is increasing or decreasing. or to
show the movement of flight control surfaces as in the example
shown in Fig. 1.9.



Figure /.8 Operational range GREEN
markings.

RED

WHITE
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Figure 1.9 Qualitative display.




Director dispiays

Figure .10 Director display
(gyro horizon}.

10

T These displays are assocxatcd principally with the monitoring of flight

itude and navigatio , and present it in a manner that

indicates to the flight crew what control movements must be made,
either to correct any departure from a desired flight path, or to cause
an aircraft to perform a specific manoeuvrg} It is thus apparent that
in the development of such a display there must be a close
relationship between the direction of control movements and the
instrument pointer, or symbolic-type indicating element;;in other
words, movements should be in the ‘natural’ sense in order that the
‘directives’ or ‘commands’ of the display may be obeyed.

Displays of this nature are specifically applied to the two primary
instruments which comprise conventional flight director systems and
electronic flight instrument systems (see Chapters 9 and 12). One of
the instruments (referred to as an Attitude Director Indicator) has its
display origins in one of the oldest of flight attitude instruments,
namely the gyro horizon (see Chapter 4), and so it serves as a basis
for understanding the concept of director displays. As will be noted
from Fig. 1.10, three elements make up the display of the
instrument: a pointer registering against a bank-angle scale, an
element symbolizing an aircraft, and an element symbolizing the
natural horizon. Both the bank pointer and natural horizon element
are stabilised by a gyroscope. As the instrument is designed for the
display of attitude angles, and as also one of the symbolic elements
can move with respect to the other, then it has two reference axes,
that of the case which is fixed with respect to an aircraft, and that of
the moving element.

Assuming that in level flight an aircraft’s pitch attitude changes
such as to bring the nose up, then the movement of the horizon
element relative to the fixed aircraft symbol will be displayed as in
diagram (a). This indicates that the pilot must ‘get the nose down’.
Similarly, if an aircraft’s bank attitude should change whereby the
left wing, say, goes down, then the display as at (b) would direct the
pilot to ‘bank the aircraft to the right’. In both cases the commands

MINIATURE AIRCRAFT

HORZON BAR'
BANK SCALE
BANX POINTER
. (@ )



would be satisfied by the pilot moving the appropriate flight controls
in the natural sense.

The display presentation of a typical Attitude Director Indicator is
shown in Fig. 1.11(a), and as will be noted it is fundamentally
-similar to that of a gyro horizon. Details of its operation will be
covered in a later chapter, but at this juncture it suffices to note that

Figure 1.1] Attitude director Fixed bank "

display. (a) Aircraft straight pointer ::g::g;egoz:':
and level; (b) aircraft nose up;

(c) aircraft banked left; (d) *fly

up' command; (¢) ‘fly left’
command. o Horizon o
}' / line >‘
3 b 4
i m\ commang W&
[ bars ©f

OQVOO
!.v..

(d) (@
13



Electronic displays

12

the horizon symbolic element is driven by servomotors that receive
appropriate attitude displacement signals from a remotely-located
gyroscope unit. Thus, assuming as before a nose-up displacement of

- an aircraft, the signals transmitted by the gyroscope unit will cause

the horizon symbolic element to be driven to a position below the
fixed element symbolizing the aircraft, as shown at (b). The pilot is
therefore directed to ‘fly down’ to the level flight situation as at (a).

If a change in the aircraft’s attitude produces, say, a left bank, then
in response to signals from the gyroscope unit the horizon symbolic
element and bank pointer will be driven to the right as shown at {c).
The pilot is therefore directed to ‘fly right’ to the level flight
situation.

In addition to displaying the foregoing primary attitude changes, an
indicator also includes what is termed a command bar display that
enables. a pilot to establish a desired change in aircraft attitude. If, for
example, a climb attitude is to be maintained after take-off, then by
setting a control knob the command bars are motor-driven to a ‘fly
up’ position as shown at (d) of Fig. 1.11. During the climb the
horizon symbolic element will be driven in the manner explained
earlier, and the command bars will be recentred over the fixed
element so that the display will be as shown in diagram (b).

Roll attitude, or turn commands, are established in a similar
manner, the command bars in this case being rotated in the required
direction; diagram {e) of Fig. 1.11 illustrates a ‘fly left’ command.
As the aircraft’s attitude changes the aircraft symbolic element moves
with the aircraft, while the horizon symbolic element and bank
pointer are driven in the opposite direction. When the command has

_been satisfied, the display will then be as shown in diagram (c).

. The scales and pointers shown to the left and bottom of the
indicator also form a director display that is utilized during the
approach and landing sequence under the guidance of an Instrument
Landing System. Details of the operation of this display and of the
second indicator involved in a Flight Director System will be given in
Chapter 9.

With the introduction of digital signal-processing technology into the
field colloquially known as ‘avionics’, and its application of micro-
electronic circuit techniques, it became possible to make drastic
changes to both quantitative and qualitative data display methods. In
fact, the stage has already been reached whereby many of the
conventional ‘clock’ type instruments which, for so long, have
performed a primary role in data display, can be replaced entirely by
a microprocessing method of ‘painting” equivalent data displays on
the screens of cathode ray tube (CRT) display units.

In addition to CRT displays (see Chapter 11), electronic display



Table 1.1 Applications of electronic displays

Display rechnology Operating mode Typical applications
Light-emitting diode Active Digital counter dispiays of engine performance
Liquid crystal Passive monitoring indicators; radio frequency selector

indicators; distance measuring indicators: control
display units of inertial navigation systems.

Electron CRT beam Active Weather radar indicators; display of navigational
data; engine performance data; systems status;
check lists.

techniques also include those of light-emitting diode and liquid crystal
elements. Typical examples of their applications are given in Table
1.1. The operating mode of these displays may be either active or
passive, the definitions of which are as follows:

Active:  a display using phenomena potentially capable of
producing light when the display elements are
electrically activated,

Passive:  a display which either transmits light from an auxiliary
light source after modulation by the device, or which
produces a pattern viewed by reflected ambient light.

Display configurations

Displays of the light-emitting diode and liquid crystal type are usually
limited to applications in which a single register of alphanumeric
values is required, and are based on what is termed a seven-segment
matrix configuration or, in some cases, a dot matrix configuration.

Figure 1.12(a) illustrates the seven-segment configuration, the
letters which conventionally designate each of the segments, and the
patterns generated for displaying each of the decimal numbers 0—9.
A segmented configuration may also be used for displaying alphabetic
characters as well as numbers, but this requires that the number of
segments be increased, typically from seven up to 13 and/or 16.
Examples of these alphanumeric displays are illustrated at (b) of Fig.
1.12.

In a dot matrix display the patterns generated for each individual
character are made up of a specific number of illuminated dots
arranged in columns and rows. In the example shown at (c) of Fig.
1.12, the matrix is designated as a 4 X 7 configuration, i.e. it
comprises four columns and seven rows.

Light-emitting diodes (LEDs)

An LED is a solid-state device comprising a forward-biased p-n
junction transistor formed from a slice or chip of gallium arsenide

13



Figure 1.12 Electronic
alphanumeric displays.
(a) Seven-segment;

(b) 13- and 16-segment;
(c) a4 x 7 matrix.
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phosphide (GaAsP) moulded into a transparent covering as shown in
Fig. 1.13. When current flows through the chip it emits light which
is in direct proportion to the current flow. Light emission in different
colours of the spectrum can, where required, be obtained by varying
the proportions of the elements comprising the chip, and also by a
technique of ‘doping’ with other elements, €.g. nitrogen.

In a typical seven-segment display format it is usual to employ one
LED per segment and mount it within a reflective cavity with a



Figure 1.13 Light-emitting
diode. :
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plastic overlay and a diffuser plate. The segments are formed as a
sealed integrated circuit pack, the connecting pins of which are
soldered to an associated printed circuit board. Depending on the
application and the number of digits comprising the appropriate
quantitative display, independent digit packs may be used, or
combined in a multiple digit display unit.

LEDs can also be used in a dot-matrix configuration, and an
example of this as applied to a type of engine speed indicator is
shown in Fig. 1.14. Each dot making up the decimal numbers is an
individual LED and they are arranged in a 9 X 5 matrix. The counter
is of unique design in that its signal drive circuit causes an apparent
‘rolling” of the digits which simulates the action of a mechanical
drum-type counter as it responds to changes in engine speed.

Liquid crystal display (LCD)

The basic structure of a seven-segment LCD is shown in Fig. 1.15. It
consists of two glass plates coated on their inner surfaces with a thin
film of transparent conducting material (referred to as polarizing film)
such as indium oxide. The material on the front plate is etched to
form the seven segments, each of which forms an electrode. A mirror
image is also etched into the oxide coating of the back glass plate,
but this is not segmented since it constitutes a common retura for all
segments. The space between the plates is filled with a liquid crystal

15



Figure .14 Engine speed
indicator with a dot matrix
LED. (Courtesy of Smith’s
Industries Ltd.)

Figure 1.15 Structure of an Seven sagment electrode
LCD.
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compound, and the complete assembly is hermetically sealed with a
special thermoplastic material to prevent contamination.

When a low-voliage, low-current signal is applied to the segments,
the polarization of the compound is changed together with a change
in its optical appearance from tramsparent to reflective. The

16



Figure 1.16 Application of
LCD.

magnitude of the optical change is basically a measure of the light
reflected from, or transmitted through, the segment area to the light
reflected from the background area. Thus, unlike an LED, it does not
emit light, but merely acts on light passing through it. Depending on
polarizing film orientation, and aiso or whether the display is
reflective or transmissive, the segments may appear dark on a light
background (as in the case of digital watches and pocket calculators)
or light on a dark background. An example of LCD application is
shown in .Fig. 1.16.

Head-up displays

A head-up display (HUD) is one in which vital in-flight data are

presented at the same level as a pilot’s line of sight when he is

viewing external references ahead of the aircraft, i.e. when he is

maintaining a ‘head-up’ position. This display technique is one that

has been in use for many years in military aviation, and in particular

it has been essential for those aircraft designed for carrying out very

high-speed low-level sorties over all kinds of terrain.

As far as civil aviation is concerned, HUD systems have been

designed specifically for use in public transport category aircraft

s during the approach and landing phase of flight, but thus far it has
been a matter of choice on the operators’ part whether or not to
install systems in their aircraft. This has resulted principally from the
differing views held by operators, pilot representative groups, and
aviation authorities on the benefits to be gained, notably in respect of
a system’s contribution to the landing of an aircraft, either
automatically or manually, in low-visibility conditions.

The principle adopted in a HUD system is to display the required
data on the face of a CRT and to project them through a collimating
lens as a symbolic image on to a transparent reflector plate, such that
the image is superimposed on a pilot’s normal view, through the
windscreen, of the terrain ahead. The display is a combined
alphanumeric and symbolic one, and since it is focused at infinity it
permits simuitaneous scanning of the ‘outside world’ and the dispiay
without refocusing the eyes. The components of a typical system are
shown in Fig. 1.17.

17



Figure 1.17 Head-up display.
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The amount of data required for display is governed by the
requirements of the various flight phases and operational role of an
aircraft, i.e. military or civil, but the parameters shown in diagram
(b) are common to all. The format and disposition of the displays
corresponding to required parameters can vary between systems; for
example, a heading display may be in the form of a rotating arc at



Paneis and iayouts

Instrument grouping

the upper part of the reflector plate, and altitude may be indicated by
the registering of moving dots with a fixed index at one side of the
plate instead of the changing digital counter readout located as shown
in the diagram. Additional data such as decision height, radio altitude
and runway outlines may also be displayed.

All instruments essential to the operation of an aircraft are
accommodated on panels,'}the number and disposition. of which vary
in accordance with the number of instruments required for the
appropriate type of aircraft and its cockpit or flight deck layoutj A
main instrument panel positioned in front of pilots is, of coursefa
feature common to all types of aircraft since instruments displaying
primary data must be within the pilot’s normal line of vision} The
{ panel may be mountcdwmwthe vertical position.or, as is now more

bg _en MPllOtS.; Flgure 1.18 illustrates the foregomg arrangemcnt
appropriate to the Boeing 737-300 series aircraft. Where a flight
engineer is required as a member of an operating crew, then panels
would also be located at the station: specrﬁcally provided on the flight

deck.

Flight instruments

(Basically there are six flight instruments whose indications are so co-
ordinated as to create a ‘picture’ of an aircraft’s flight condition and
requrred control movementsJ%they are the arrspeechdlcator

speed.indicator

and tur,ll,an.d, ,an,k_,,,mdrcator Lt is, therefore. most important for these
instruments to be properly grouped to maintain co-ordination and to

assist a pilot in observing them with the minimum of effort. 2

The first real attempt at establishing a standard method of groupmg
was the ‘blind flying panel’ or ‘basic six’ layout shown in Flg

1.19(a). The gyro horizon occupies the top centre position, and since
it provides positive and direct indications of attitude, and attitude
changes in the pitching and rolling planes, it is utilized as the master
instrument. As control of airspeed and altitude are directly related to
attitude, the airspeed indicator, altimeter and vertical speed indicator
flank the gyro horizon and support the interpretation of pitch attitude.
Changes in direction are initiated by banking an aircraft, and the
degree of heading change is obtained from the direction indicator;
this instrument therefore supports the interpretation of roll attitude

19



Figure 1.18 Flight deck

layout: Boeing 737~300 series

aireraft.

Figure 1.19 Flight instrument

grouping. {a) Basic six:
(b) basic "T" (with flight
director system indicators).
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and is positioned directly below the gyro horizon. The turn-and-bank
indicator serves as a secondary reference instrument for heading
changes, so it too supports the interpretation of roll attitude.

( With the development and introduction of new types of aircraft,

and of more comprehensive display presentations afforded by the
indicators of flight director systems, a review of the functions of
certain of the instruments and their relative positions within the group
resulted in the adoption of the ‘basic T’ arrangement as the current
;standar@ As will be noted from diagram (b) of Fig. 1.19, there are
‘now four ‘key’ indicators: airspeed, pitch and roll attitude. an altitude
inNd‘irg’agt\or forming the horizontal bar of the “T*, and a horizontal
situation (direction) indicator forming the vertical bar. As far as the
positions flanking the latter indicator are concerned, they are taken up
by other less specifically essential flight instruments which, in the
example shown, are the vertical speed indicator and a radiomagnetic
indicator (RMI). In some cases a turn-and-bank indicator, or an
indicator known as a turn co-ordinator, may take the place shown
occupied by the RMI. In many instances involving the use of flight
director system indicators and/or electronic flight instrument system
display units, a turn-and-bank indicator is no longer used.

In the case of electronic flight instrument systems, the two CRT
display units (EADI and EHSI) are also used in conjunction with four
conventional-type indicators to form the basic ‘T, as shown in Fig.
1.20(a). In displays of more recent origin, and now in use in such
aircraft as the Boeing 747—400 (see also Fig. 12.11), the CRT
screens are much larger in size, thus making it possible for the EADI
to display airspeed, altitude and vertical speed data instead of
conventional indicators. The presentation, which also corresponds to
the basic *T" arrangement is illustrated at (b) of Fig. 1.20.

Power plant instruments

I The specific grouping of instruments required for the monitoring of
power plant operation is governed primarily by the type of power
plant, the size of aircraft, and therefore the space available for
location of instruments.}@n a single-engined aircraft this does not
present too much of a problem since the small number of instruments
required may flank the ﬂlght instruments,, thus keeping thein within a
small ‘scanning range’.
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Figure 1.20 Basic "T"
grouping with electronic flight
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! Conventional instruments as standby

@he problem is more acute in multi-engined aircraft, the number of
instruments’ for-all essential parameters doubling up with each engine.
For twin-engined aircraft, and for certain medium-size four-engined
aircraft, the practice is to group the instruments at the centre of the
main instrument panel and between the two groups of flight
instruments..,

In those aircraft having a flight engineer’s station, the instruments
are grouped on the contro! panels at this station. Those instruments
measuring parameters required to be known by the pilot during take-
off, cruising and landing, e.g. rev/min and turbine gas temperature,
are duplicated at the centre of the main instrument panel.

The positions of the instruments within a group are arranged so



Figure 1.21 Power plant
instrument grouping.

that those relating to each power plant correspond to the power plant
positions as seen in plan view..| It will be apparent from the layout of
Fig. 1.21 that by scanning a row of instruments a pilot or engineer
can easily compare the readings of a given parameter, and by
scanning a column of instruments can assess the overall performance |
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Figure 1.22 Power plam
instrument grouping (solid-state
displays): Primary parameters
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pattern of a particular power plant. Another advantage of this
grouping method is that all the instruments for one power plant are
more easily associated with the controis for that power plant.

Figure 1.22 illustrates the grouping arrangement currently adopted
in Boeing 737400 series aircraft for the display of the primary
parameters associated with its power plants.

The numeric values corresponding to each parameter are indicated
by LEDs arranged in a dot matrix ‘rolling digit’ configuration, and
located at the centre of permanently defined scale bases, graduations
and coloured range markings. In addition to the counter displays,
LEDs are also located around the periphery of each scale base, and
in their active state they simulate the rotation of conventional
indicator pointers.



The earth’s
atmosphere

An air data (or manometric) system of an aircraft is one in which the
total pressure created by the forward motion of an aircraft, and the
static pressure of the atmosphere surrounding it, are sensed and
measured in terms of speed, altitude and rate of altitude change
(vertical speed). The measurement and indication of these three
parameters may be done by connecting the appropriate sensors, either
directly to mechanical-type instruments, or to a remotely-located air
data computer which then transmits the data in electrical signal
format to electro-mechanical or servo-type instruments.

Since the primary source of air for these measurements is the
earth’s atmosphere itself, then it is necessary to have some
understanding of its characteristics before going into the operating
principles of the measuring instrumenis and systems involved.

The earth’s atmosphere is the surrounding envelope of air, which is a
mixture of a number of gases, the chief of which are nitrogen and
oxygen. By convention, this gaseous envelope is divided into several
concentric layers extending from the earth’s surface, each with its

‘own distinctive features; these are shown in Fig. 2.1.

The lowest layer, and the one in which conventional types of
aircraft are_flown, is termed the troposphere, and extends to a
boundary - height termed the tropopause.

Above the tropopause, the next layer, termed the straiosphere, also
extends to a boundary height called the stratopause.

At greater heights the remaining atmosphere is divided into further
layers which are termed the chemosphere, ozonosphere, ionosphere
and exosphere.

Throughout all these layers the atmosphere undergoes a gradual
transition from its characteristics at sea-level to those at the fringes of
the exosphere where it merges with the completely airless outer
space.

Atmospheric pressure

The atmosphere is held in contact with the earth’s surface by the
force of gravity, which produces a pressure within the atmosphere.
Gravitational effects decrease with increasing distances from the

25



Figure 2.1 Earth’'s
atmosphere.

Pressure
Temperature gaas

Relative density - eem-
150
| I
EXOSPHERE
140 IONOSPHERE .|
OZONOSPHERE
CHEMOSPHERE
130
120
110
Stratopause 105,000 ft
3 5 pressure 8.680 mb 4 ’
100 e temparature —44.35°C
a
i
.50 b
Aititude in &
thousands of ﬁ
feet 80 s
70 STRATOSPRERE
80
50
40 Tropopause 38,080 ft
“prassure 226 aamb 4 g
30 temperature —56.5°C
\ Troposphere
20 3 temperature _|
?, \ decreases at
) - S 1.98°C per
@, 1
10 9%257\ 000 #t
LN o0,
®,
1%,
0 1 T
Peserns 0 10 o 0 40 o 6o 70 o o0 1ok
i
Temp. °C ~60 -30 40 - 30 -20 -10 0 10 20 30 40
Rel. dens. % O 10 2 30 4 S0 60 70 80 90 100

earth’s centre, and this being so, atmospheric pressure decreases
steadily with increases of height above the earth’s surface.

The units in which atmospheric pressure is expressed are: pounds
per square inch (psi). inches of mercury (in Hg) and millibars (mb).
Conversion factors for these units are given in Appendix 1.

The steady fall in atmospheric pressure has a dominating effect on



the density of the air, which changes in direct proportion to changes
of pressure.

Atmospheric temperature

Another important factor affecting the atmosphere is its temperature.
The air in contact with the earth is heated by conduction and
radiation, and as a result its density decreases as the air starts rising.
In doing so, the pressure drop allows the air to expand, and this in
turn causes a fall in temperature from a known sea-level value. It
falls steadily with increasing height up to the tropopause, and the rate
at which it falls is termed the lapse rate (from the Latin lapsus,
meaning slip). In the stratosphere the temperature at first remains
constant at some reduced value, then increases again to a maximum,

Standard atmosphere

In order to obtain indications of airspeed, altitude and vertical speed,
it is of course necessary to know the relationship between the
pressure, temperature and density variables, and altitude. If such
indications are to be presented with absolute accuracy, direct
measurements of the three variables would have to be taken at all
altitudes and fed into the appropriate instruments as correction
factors. Such measurements, while not impossible, would, however,
demand some rather complicated sensor mechanisms. It has therefore
always been the practice to base all measurements and calculations on
what is termed a standard atmosphere, or one in which the values of
pressure, temperature and density at different altitudes are assumed to
be constant. These assumptions have in turn been based on
established meteorological and physical observations, theories and
measurements, and so the standard atmosphere is accepted
internationally. As far as airspeed indicators, altimeters and vertical
speed indicators are concerned, the inclusion of the assumed values
of the relevant variables in the calibration laws permits the use of
sensing elements that respond solely to pressure changes.

The assumptions are: (i) the atmospheric pressure at mean sea-level
is equal to 14.7 psi, 1013.25 mb, or 29.921 in Hg; (ii) the
temperature at mean sea-level is 15°C (59°F); (iii) the air
temperature decreases by 1.98°C (3.556°F) for every 1000 ft
increase in altitude (the lapse rate already referred to) from 15°C at
mean sea-level to —56.5°C (—69.7°F) at 36 090 ft. Above this
altitude the temperature is assumed to remain constant at —56.5°C.

It is from the above mean sea-level values that all other
corresponding values have been calculated and presented in what is
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Basic air data system

Figure 2.2 Basic air data

systeni.
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termed the International Standard Atmosphere (1SA). Altitudes and
values are given in Table 1.

In its basic form the system consists of a pitot-static probe, the three
primary air data instruments (airspeed indicator, altimeter and vertical
speed indicator) and pipelines and drains interconnected as shown
diagrammatically in Fig. 2.2. Sensing of the total, or pitot, pressure
{p,) and of the static pressure (p;) is effected by the probe, which is
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suitably located in the airstream and transmits these pressures to the
sensing elements within the indicators.

The pressure transmission produces small displacements of the
sensing elements in such a manner that displacements corresponding
to (a) airspeed are proportional to the difference between p, and p,,
(b) altitude are directly proportional to p,. and (c) vertical speed are
proportional to the difference between p, and a ‘case’ pressure p,
produced by a calibrated metering unit. The displacements are, in
turn, transmitted to an indicating element via an appropriate
‘magnifying system.

The complexity of an air data system depends primarily upon the
type and size of aircraft, the number of locations at which primary
air data are to be displayed, the types of instrument installed, and the
number of other systems requiring air data inputs. The point about
complexity may be particularly noted from Figs 2.3 and 2.4, which
show in schematic form the systems used in two types of public
transport aircraft currently in service.

Probes

Probes may be either of the combined pitot-static tube type, or of the
single pitot tube type, the latter being used in air data systems that
utilize remotely-located static vents or ports (see also page 33).
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Figure 2.4 Typical pitot probe STATIC
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A probe of the combined tube type is shown in basic form in Fig.
2.5. The tubes are mounted concentrically, the pitot tube being inside
the static tube which also forms the casing of the probe. Static
pressure is admitted through small ports around the casing. The
pressures are transmitted from their respective tubes by means of



Figure 2.6 Combined pitot-
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metal pipes which may extend to the rear of the probe, or at right
angles to it, depending on whether the probe is to be mounted at the
leading edge of an aircraft’s wing, under a wing, or at the side of a
fuselage. Locations of probes will be covered in more detall under
the heading of ‘Position error’.

A chamber is normally formed between the static holes aind the
pipe connection to smooth out any turbulent air flowing into ihe holes
which might occur when the probe is yawed, before transmitting it to
the instruments.

Protection against icing is provided by a heating elemeat fitted
around the pitot tube, or, as in some designs, around the inner
circumference of the probe casing, and in such a position that the
maximum heating effect is obtained at points where ice build-up is
most likely to occur. The temperature/characteristics of some
elements are such that the current consumption is automatically
regulated according to the temperature conditions to which the probe
is exposed.

Figure 2.6 illustrates a type of combined tube probe; it is supported
on a faired casing which is secured to the side of an aircraft’s
fuselage by means of a mounting flange. The assembly incorporates
two sets of static holes (S1 and S2) connected to individual pipes
terminating at the mounting flangz2; the use of both sets is shown in
more detail in Fig. 2.4. Pitot pressure is transmitted via an
appropriate connecting union and pipe terminating at the mounting

_ flange.

~ An example of a ‘pitot tube only’ type of probe is shown in Fig.
2.7, and from this it will be noted that its mounting arrangements are
similar to those adopted for the combined tube type. A typical
application of the probe is shown in more detail in Fig. 2.3.
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Figure 2.7 Pitot probe.
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‘Heating circuit arrangements

The heating elements of some probes require a 28 V dc supply for
operation, while others are designed to operate from a 115 V ac
supply, their application to any one type of aircraft being governed
principally by the primary power supply system adopted.

In any heating circuit it is of course necessary to have a control
switch, and it is also usual to provide some form of indication of
whether or not the circuit is functioning correctly. Two typical dc-
powered circuit arrangements are shown in Fig. 2.8.

In the arrangement shown at (a) the control switch, when in the
‘ON’ position, allows current to flow to the heater via the coil of a
relay which will be energized when there is continuity between the
switch and the grounded side of the heater. If a failure of the heater,
or a break in another section of its circuit occurs, the relay will de-
energize and its contacts will then complete the circuit from the
second pole of the switch to illuminate the red light which gives
warning of the failed circuit condition. The broken lines show an
alternative arrangement of the light circuit whereby illumination of an
amber light indicates that the heater circuit is in operation.

In the arrangement shown at (b) an ammeter is connected in series
with the heater element so that not only is circuit continuity
indicated, but also the amount of current being consumed by the
element.

An example of an ac-powered heater circuit is shown in Fig. 2.9;
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Figure 2.8 Typical probe
heating circuit arrangement
(dc). (a) Light and relay;
(b} ammeter.
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dc power is also used for indicator light circuit operation. With both
power supplies available, and the system control switch in the ‘CN’
position, single-phase ac is supplied to the heater element via the

primary winding of a transformer. The dc power to the amber

indicator lights passes to ground via a normally closed solid-state
switch, so they will initially remain illuminated.
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When current is supplied to the heater element, a current is also
induced in the secondary winding of the transformer and is supplied
to a bridge rectifier. The rectified output is, in turn, supplied to the
solid-state switch. When the heating current has reached a sufficient
level, the increased rectified output causes the solid-state switch to
interrupt the indicator light circuit; a ‘light out’ thus indicates that
‘probe heat is on’. Functioning of the indicator lights can be checked
by a press-to-test switch within the body of the light unit.

Position error

The accurate measurement of airspeed and altitude by means of a
combined tube type of probe presents two main difficulties: one, to
design a probe which will not cause any disturbance to the airflow
over it, and the other, to find a suitable location on an aircraft where
the airflow over it will not be affected by attitude changes of the
aircraft. The effects of such disturbances are greatest on the static
pressure sensing section of an air data system, giving rise to what is
termed a position or pressure error (PE). This error may be more
precisely defined as ‘the amount by which the local static pressure at
a given point in the flow field differs from the free-stream static
pressure’. As a result of PE, an airspeed indicator and an altimeter
can develop errors in their indications. The indications of a vertical
speed indicator remain unaffected by PE.

As far as airflow over a probe is concerned, we may consider it,
and the aircraft to which it is fitted, as being alike because some of
the factors determining airflow are: shape, size, speed and angle of
attack. The shape and size of a probe are dictated by the speed at
which it is moved through the air; a large-diameter casing, for
example, can present too great a frontal area which at very high
speeds can initiate the build-up of a shock wave which will break
down the airflow over the probe. This shock wave can have an
appreciable effect on the static pressure, extending as it does. for a
distance equal to a given number of diameters from the nose of a
probe. One way of overcoming this is to decrease the casing diameter
and to increase the distance of the static holes from the nose of the
probe. Furthermore, a number of holes may be provided along the
length of the casing of a probe spaced in such a way that some will
always be in the region of undisturbed airflow.

A long, small-diameter probe is an ideal one from an aerodynamic
point of view, but it can present certain practical difficulties; for
example, its ‘stiffness” may not be sufficient to prevent vibration at
high speed, and it could also be difficult to accommodate the heating
elements necessary for anti-icing. Thus, in establishing the ultimate
relative dimensions of a probe, a certain amount of compromise must
be accepted.



Figure 2.]0 Static vent or
port.
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When a probe is at some angle of attack to the airflow, it causes
air to flow into the static holes which creates a pressure above that of
the prevailing static pressure, and a corresponding error in static
pressure measurement. The pressures developed at varying angles of
attack depend on such factors as the: axial location of the static holes
along the probe casing, their positions around the circumference and
on their size.

Static vents

From the foregoing, it would appear that, if all these problems are
created by pressure effects at the static holes of a prabe, they might
as well be separated from it and positioned elsewhere on an aircraft.
This is, in fact, a solution put into practice on many types of aircraft
by using a single tube type of probe (see Fig. 2.7) in conjunction
with a static vent located in the side of the fuselage. A typical static
vent is shown in Fig. 2.10.

Location of probes and static vents

The choice of probe locations is largely dependent on the type of
aircraft, speed range and aerodynamic characteristics, and as a result
there is no common standard for all aircraft. Typical locations are:
ahead of a wing tip, under a wing, ahead of a vertical stabilizer tip,
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at the side of a fuselage nose section, and ahead of a fuselage nose
section.

Independent static vents, when fitted, are always located one on
each side of a fuselage and interconnected so as to balance out
dynamic pressure effects resulting from any yawing or sideslip
motion of an aircraft.

The actual PE due to a chosen location is determined for the
appropriate aircraft type during the initial flight-handling trials of a
prototype, and is finally presented in tabular or graphical format, thus
enabling corrections to be directly applied to the readings of the
relevant air data instruments, and as appropriate to various operating
configurations. In most cases, corrections are performed automatically
and in a variety of ways. One method is to employ aerodynamicatly-
compensated probes, i.e. probes which are so contoured as to create
a local pressure field which is equal and opposite to that of the
aircraft, so that the resultant PE is close to zero. Other methods more
commonly adopted utilize correction devices either within separate
transducers, or within central air data computers (see page 165).

Alternate pressure sources

If failure of the primary pitot and static pressure sources should
occur, e.g. complete icing-up of a probe due to a heating element
failure, then of course errors will be introduced in instruments’
indications and in other systems dependent on such pressures. As a
safeguard against failure, therefore, a standby system may be
installed in aircraft employing combined tube type probes whereby
static atmospheric pressure and/or pitot pressure from alternate
sources can be selected and connected into the primary system.

The required pressure is selected by means of selector valves
connected between the appropriate pressure sources and the air data
instruments, and located within easy reach of the flight crew. Figure
2.11 illustrates diagrammatically the method adopted in a system
utilizing an alternate static pressure source only. The valves are
shown in the normal operating position, i.e. the probes supply pitot
and static pressures to the instruments on their respective sides of the
aircraft.

In the event of failure of static pressure from one or other probe,
the instruments can be connected to the alternate source by manually
changing over the position of the relevant selector valve.

The layout shown in Fig. 2.12 is one in which an alternate source
of both pitot and static pressures can be selected. Furthermore, it is
an example of a system which utilizes the static holes of a combined
tube type of probe as the alternate static pressure source. The valves
are shown in their normal position, i.e. the probes supply pitot
pressure to the instruments on their respective sides of an aircraft;



Figure 2.1] Alternate static
pressure system.
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and the static pressure is supplied from static vents. In the event of
failure of pitot pressure from one or other probe, the position of the
relevant selector valve must be manually changed over to connect the
air data instruments to the opposite probe. The alternate static source
is selected by means of a valve similar to that employed in the pitot
pressure system, and, as will be seen from Fig. 2.12, it is a
straightforward change-over function.

The probes employed in the system just described are of the type
illustrated in Fig. 2.6, reference to which shows that two sets of
static holes (front and rear) are connected to separate pipes at the
mounting base. In addition to being connected to their respective
selector valves, the probes are also coupled to each other by a cross-
connection of the static holes and pipes; thus, the front set of holes
are connected to the rear set on opposite probes. This balances out
any pressure differences which might be caused by the location of the
static holes along the fore-and-aft axis of the probes.

Pipelines and drains

Pitot and static pressures are transmitted through seamless and
corrosion-resistant metal (light alloy and/or tungum) pipelines, and,
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Figure 2.12  Alternate pitot
pressure and static pressure
system.
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where connections to components mounted on anti-vibration
mountings are required, flexible pipelines are used. The diameter of
pipelines is related to the distance from the pressure sources to the
instruments in order to eliminate pressure drop and time-lag factors.

In order for an air data system to operate effectively under all
flight conditions, provision must also be made for the elimination of
water that may enter the system as a result of comdensation, rain,
snow, etc., thus reducing the probability of ‘slugs’ of water blocking
the lines. Such provision takes the form of drain holes in probes,
drain traps and valves in the system’s pipelines. Drain holes provided
in probes are of such a diameter that they do not introduce errors in
instrument indications.

The method of draining the pipelines varies between aircraft types,
and some examples are shown in Fig. 2.13. Drain traps are designed
to have a capacity sufficient to allow for the accumulation of the
maximum amount of water that could enter a system between
servicing periods. Valves are of the self-closing type so that they
cannot be left in the open position after drainage of accumulated
water.
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Air data instruments

The three primary air data instruments may be either of the pure
‘pneumatic’ type, or the servo-operated type. Pneumatic-type
instruments are those which are connected to probes and/or static
vents, and therefore respond to the pressures transmitted directly to
them. They are commonly used in the more basic air data systems
installed in many types of small aircraft, while in the more complex
systems adopted in large public transport aircraft, they are used only
in a standby role. :

Servo-operated instruments are, on the other hand, of the indirect
type in that they respond to electrical signals generated by pressure
transducers within central air data computers (CADCs) to which
probes and static vents are connected. The fundamental principles of
these instruments will be described-in a later chapter.
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Figure 2.14 Phot pressure.
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~Airspeed indicators (pneumatic)

-~ . . . s
7 These indicators measure speed in terms of the difference between
[ S

the pitot and static pressures detected by either a comhined pitot-static
probe, or a pitot probe and static vent, as appropri::ztefjjn

Pitot pressure This may be defined as the additional pressure
produced on a surface when a flowing fluid is brought to rest, or
stagnation, at the surface.

Let us consider a pitot probe placed in a fluid with its open end
facing upstream as shown in Fig. 2.14. When the fluid flows at a
certain velocity ¥ over the probe it will be brought to rest at the
nose; this pownt is known as the stagnation poini. If the fluid is an
ideal one, i.e. is not viscous, then the total energy is equal to the
sum of the potential energy, the kinetic energy and pressure cnergy,
and remains constant. In connection with this probe, however, the
potential energy is neglected, thus leaving the sum of the remaining
two terms as the constant.

in coming to rest at the stagnation point, kinetic energy of the fluid
is converted into pressure energy. This means that work must be
done by the mass of fluid and this raises an equal volume of fluid
above the level of the fluid stream. The work done in raising the
fluid is equal to the product of its mass, the height through which i
is raised, .and acceleration due to gravity. It is also equal to the
product of the ratio of the mass (m) to density (p) and pressure (p);
thus,

T———
i

/ Work done = % p |
/ P

H

The Kinetic energy of a mass m before being brought to rest is
equal to 4 mV?, where V is the speed, and since this is converted into
pressure energy,




Therefore

mtity 4 pV? is additional to the static pressure in the region
of the fluid flow, and is usvally referred to as the dynamic pressure,
denoted by the letter Q.

The factor 1 assumes that the fluid is an ideal one and so does not
take into account the fact that the shape of a body subject to fluid
flow may not bring the fluid to rest at the stagnation point. This
coefficient is, however, determined by experiment and for pitot
pressure probes it has been found that its value corresponds almost
exactly to the theoretical one.

The + p¥? law, as it is usually called in connection with airspeed
measurement, does not allow for the effects of compressibility of air
as speed increases. In order therefore to minimize ‘compressibility
errors’ in indication, the calibration law is modified as follows:

p=tor (1+155)

do
where p = pressure difference (mmH,0)
p = density of air at sea-level
V = speed of aircraft (mph or knots)
a, = speed of sound at sea-level (mph)

Airspeed terminology

_sAndicated airspeed (IAS) @‘ he readings of an airspeed indicator
corrected only for instrument erro/r;,] i.e. the difference between the
true value and the indicated value. Errors and appropriate corrections
to be applied are determined by comparison against calibration
equipment having high standards of accuracy.

.Computed airspeed [Basically, this is IAS with corrections for
position error (PE)Japplicd {(see page 34). The term ‘computed’
applies specifically to air data computer systems in which PE
corrections are automatically applied to an airspeed sensing moduie
via an electrical correction network.

_Calibrated airspeed (CAS) This is also associated with air data
computer systems and is the computed airspeed compensated for the
non-linear, or square-law, response of the airspeed sensing module;

. Equivalent airspeed (EAS) @his is the airspeed calculated from the
measured pressure difference p when using the constant sea-level

~ value of density p. In air data computer systems, CAS is ‘
automatically compensated for compressibility of air at a pitot probe "
to obtain EAS at varying speeds and altitudes.
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Figure 2.15 Airspeed
terminology.
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e
pressure {p,)

True airspeed (TAS) This is EAS compensated for changes in air
temperature and density at various flight levels. This is also done
automatically in air data computer systems.

The foregoing airspeeds are summarized pictorially in Fig. 2.15.

Limiting speeds

V.. Maximum operating speed in knots.
M,, Maximum operating speed in terms of Mach number.

.. Dypical indicator [ The mechanism of a typical pneumatic-type

airspeed indicater is illustrated in Fig. 2.16. The pressure-sensing
element is a metal capsule, the interior of which is connected to the
pitot pressure connector via a short length of capillary tube which
damps out pressure surges. Static pressure is exerted on the exterior
of the capsule and is fed into the instrument case via the second
connector. Except for this connector the case is sealed.
Displacements of the capsule in accordance with what is called the
‘square-law’ are transmitted via a magnifying lever system, gearing,
and a square-law compensating device to the pointer, which moves
over a linear scale calibrated in knots. Temperature compensation is
achieved by a bimetallic strip arranged to vary the magnification of



Figure 2.16 Typical pneumatic

airspeed indicator.

Figure 2.17 Square-law
characteristics. {a) Effect of
linear deflection/pressure
response; (b) effect of direct
magnification.
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pressure prassure

SPEED —o

CAPSULE DEFLECTION — 8o
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the lever svstem in opposition to the effects of temperature on system
and capsule sensitivityj

Square-law compensation Since airspeed indicators measure a
differential pressure which varies with the square of the airspeed, it
follows that, if the deflections of the capsules responded linearly to
the pressure, the response characteristic in relation to speed would be
similar to that shown in Fig. 2.17(a). If also the capsule were
coupled to the pointer mechanism so that its deflections were directly
magnified, the instrument scale would be of the type indicated at (b).
The non-linearity of such a scale makes it difficult to read
accurately, particularly at the low end of the speed range;
furthermore, the scale length for a wide speed range would be too
great to accommodate conveniently in the standard dial sizes.
Therefore, to obtain the desired linearity a method of controlling
either the capsule characteristic, or the dimensioning of the coupling
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Figure 2.18 Tuning spring
compensator. OX = effective
spring length diminishing as
spring makes contact with
SCrews.
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element conveying capsule deflections to the pointer, is necessary. Of
the two methods the latter is the more practical because means of
adjustment can be incorporated to overcome the effects of capsule
‘drift’ plus other mechanical irregularities as determined during
calibration. .

The principle of a commonly used version of the foregoing method
is one in which the length of a lever is altered as progressive
deflections of the capsule take place, causing the mechanism, and
pointer movement, to be increased for small deflections and
decreased for large deflections. In other words, it is a principle of
variable magnification.

Another type of square-law compensating device is shown in Fig.
2.18. It consists of a special ranging or ‘tuning’ spring which bears
against the capsule and applies a controlled retarding force to capsule
expansion. The retarding force is governed by sets of ranging screws
which are pre-adjusted to contact the spring at appropriate points as it
is lifted Dy the expanding capsule. As speed and differential pressure
increase, the spring rate increases and its effective length is
shortened; thus linearity is obtained directly at the capsule and
eliminates the need for a variable magnifying lever system. In some
types of servo-operated indicators, a specially profiled cam provides
square-law compensation (see also page 171).

/ Machmeters and Mach/airspeed indicators

In order for aircraft to operate at speeds approaching and exceeding
that of sound, their aerodynami¢ profiles and structural design must
be such that they minimize, or ideally overcome, the limiting effects
that high-velocity airflow and its associated forces could otherwise
have on in-flight behaviour of aircraft. Since the speed of sound



Figure 2.19- -Machmeter.

I Airspeed capsule, 2 altitude
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depends on atmospheric pressure and density, it will vary with
altitude, and this suggests that for an aircraft to operate within speed
limits commensurate. with structural safety, a different speed would
have to be maintained for each altitude. This obviously is not a
practical solution, and so it is therefore necessary to have a means
whereby the ratio of an aircraft’s speed, ¥, and the speed of sound,
a, can be computed from pressure measurement and indicated in a
_conventional manner: This ratio, V/a, is termed the Mach number
/M), and the instrument which measures it is termed a Machmeter.

__A Machmeter is a compound air data instrument which, as may be
seen from Fig. 2.19, accepts two variables and uses them tc compute
the required gatlojﬁ"he first variable is girspeed and therefore a
mechanism based on that of a conventional airspeed indicator is
adopted to measure this in terms of the pressure difference p,—p,,
where p, is the total or pitot pressure, and p is the static gressure"’\

he second variable is gltitude, and this is also measured in the
conyentional manner, i.e. by means of an aneroid capsule sensitive to
p;) Deflections of the capsules of both mechanisms are transmitted to
the indicator pointer by rocking shafts and levers] the dividing
function of the altitude unit being accomplished by an intermediaie
sliding rocking shaft.

Let us assume that the aircraft is flying under standard sea-level
conditions at a speed ¥ of 500 mph. The speed of sound at sea-level
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is approximately 760 mph, therefore the Mach number is 500/760 =
0.65. Now, the speed measured by the airspeed mechanism is, as we
have already seen, equal to the pressure difference p,—p;, and so the
sliding rocking shaft and levers A, B, C and D will be set to angular
positions determined by this difference. The speed of sound cannot be
measured by the instrument, but since it is governed by static
pressure conditions, the altimeter mechanism can do the next best

" thing and that is to measure p, and feed this into the indicating
systemn, thereby setting a datum position for the point of contact
between the levers C and D. Thus a Machmeter indicates the Mach
number V/a in terms of the pressure ratio (p,—p,)/p;, and for the
speed and altitude conditions assumed the pointer will indicate 0.65.

What happens at altitudes above sea-level? As aiready pointed out,
the speed of sound decreases with altitude, and if an aircraft is flown
at the same speed at all altitudes, it gets closer to and can exceed the
speed of sound. For example, the speed of sound at 10 000 ft
decreases to approximately 650 mph, and if an aircraft is flown at
500 mph at this altitude, the Mach number ‘will be 500/650 = 0.75,
a 10 per cent increase over its sea-level value, It is for this reason
that critical Mach numbers (M,,;,) are established for the various
types of high-speed aircraft, and being constant with respect to
altitude it is convenient to express any speed limitations in terms of
such numbers.

We may now consider how the altitude mechanism of the
Machmeter finctions in order to achieve this, by taking the case of
an aircraft having an M, of, say, 0.65. At sea-level and as based on
our earlier assumption, the measured airspeed would be 500 mph to
maintain M_,, = 0.65. Now, if the aircraft is to climb to and level
off at a flight altitude of 10 000 ft, during the climb the decrease of
p, causes a change in the pressure ratio. It affects the pressure
difference p, —p; in the same manner as a conventional indicator is
affected, i.e. the measured airspeed is decreased. The airspeed
mechanism therefore tends to make the pointer indicate a lower Mach
number. However, the altitude mechanism simultaneously responds to
the decrease in p,, its cépsule expanding and causing the sliding
rocking shaft to carry lever C_towards the pivot point of lever D.

The magnification ratio between the two levers is therefore altered
as the altitude mechanism divides p, —p, by p,, lever D being forced
down so as to make the pointer maintain a constant Mach number of
0.65.

The critical Mach number for a particular type of aircraft is
indicated by a pre-adjusted lubber mark located over the dial of the
Machmete,

Mach/airspeed indicator This indicator is one which combinessthe
functions of both a conventional airspeed indicator and a Machmeter,



Figure 2.20 Mach/airspeed MACH NO. SCALE  AIRSPEED POINTER
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and presents the requisite information in the manner shown in Fig.
2.20. The mechanism consists of two measuring elements which drive
their own indicating elements, i.e. a pointer and a fixed scale to
indicate airspeed, and a rotating dial and scale calibrated to indicate
Mach number. A second pointer, known as the velocity maximum
operating (V,,,) pointer, is also provided for the purpose of indicating
the maximum safe speed of an aircraft over its operating altitude
range; in other words, it is an indicator of critical Mach number. The
pointer is striped red and white and can be pre-adjusted to the desired
limiting speed value, by pulling out and rotating the setting knob in
the bottom right-hand corner of the indicator bezel. The adjustment is
made on the ground against charted information appropriate to the
operational requirements of the particular type of aircraft. The
purpose of the setting knob in the bottom left-hand corner of the
bezel is to enable the pilot to position a comrmand ‘bug’ with respect
to the airspeed scale, thereby setting an airspeed value which may be
used as a datum for an autothrottle control system, or as a fast/slow
speed indicator. Two external index pointers around the bezel may be
manually set to any desired reference speed, e.g. the take-off speeds
V, and V;.

In operation, the airspeed measuring and indicating elements
respond to the difference between pitot and static pressures in the
conventional manner, and changes in static pressure with changes in
altitude cause the Mach number scale to rotate (anti-clockwise with
increasing altitude) relative to the V,,, pointer. When the limiting
speed is reached, and the corresponding Mach number graduation
coincides with the V,,, pointer setting, mechanical contact is made
between the scale and pointer actuating assemblies so that continued
rotation of the scale will also cause the pointer to rotate in unison.
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Figure 2.21 Indicated/
computed airspeed indicator:
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The pointer rotates against the tension of a hairspring which returns
the pointer to its originally selected position when the Mach speed
decreases to below the limiting speed. It will be noted from Fig. 2.20
that at the high end of the speed range, the airspeed pointer can also
register against the Mach scale, thereby giving a readout of speed in
equivalent units. The necessary computation is effected by calibrating
the scales to logarithmic functions of pitot and static pressures.

In addition to theif basic indicating function, Mach/airspeed
indicators can also be designed to acutate switch units coupled to
visual or audio devices which give warning when such speeds as
Mach limiting, or laading gear extension are reached. In aircraft
having an autothrottle system, certain types of Mach/airspeed
indicator are designed to provide a speed error output which is
proportional to the difference between the reading indicated by the
airspeed pointer and toe setting of the command ‘bug’. This is
accomplished by means of a CT/CX synchro (see page 140)
combination which senses the positions of the airspeed pointer and
the command bug, and produces an output error signal which, after
amplification, is then supplied to the autothrottle system.

Indicared/computed airspeed indicator

An example of this type of indicator is shown in Fig. 2.21. It is very
similar in construction and presentation to the Mach/airspeed
indicator in that it employs pitot and static pressure-sensing elements
which position the appropriate pointers. It has, however, the
additional feature of indicating the airspeed computed by a central air
data computer (see Chapter 7). The indicating element for this
purpose is a servemotor-driven digital counter, the motor being
supplied with signals from a synchronous transmission system. In the

MAXIMLUM OPERATING
SPEED POINTER COMPUTED AIRSPEED COUNTER

COMMAND AIRSPEED

| _—  COUNTER
]
o v
-
INDICATED AIRSPEED
POINTER 220 3 180
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event of failure of such signals a yellow warning flag obscures the
counter drums. A check on the operation of the failure monitering
and flag circuits.can be made by moving the calibrated airspeed
(CAS) switch from its normally ‘ON’ position to ‘OFF’,

As in the case of certain types of Mach/airspeed indicators,
provision is made for seiting in a command airspeed signal and for
transmitting it to an autothrottle system which will adjust the engine
power to aitain a commanded speed. In the example illustrated, the
command set knob mechanically adjusts a synchrotel (see page 149)
which also senses indicated airspeed. Thus, the synchrotel establishes
the airspeed error signal output required by the autothrottle computer.
A readout of the command speed is given on a digital counter which
is also mechanically set by the command speed knob.

Altimeters (pneumatic)

["These instruments operate on the aneroid barometer princnplg} in
other words they respond to changes in atmospheric pressure, and in
accordance with appropriate calibration laws they indicate these
changes in terms of equivalent altitude values. ,

The dial presentation and mechanical features of a typical
pheumatic type of altimeter are shown in Fig. 2.22. The pressuie-

2 H . . . . e I3
F‘ igure 2.22 Preumatic-type sensing element consists of twin capsules, which transmit their
altimeter. "'”‘
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Figure 2.23 Conversion of
pressure/height relationship to a
linear scale.
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deflections in response to pressure changes. to a single pointer and
altitude drum via sector gears and pinio@{The direction of the solid
arrows shown in the diagram corresponds to the movements obtained
under increasing altitude condition§}‘. The complete mechanism is
contained within a casing which, with the exception of the static
pressure connection, forms a sealed unit.

In order to derive a linear altitude scale from the non-linear
pressure/altitude relationship (see Fig. 2.1 again) it is necessary to
incornorate some form of conversion within the altimeter mechanism.
This conversion is represented by the graphical example shown in
Fig. 2.23. Typically, linearity is obtained by a suitable choice of
material for the capsules and their corresponding deflections (curve 2)
and also choice of deflection characteristics of the variable
magnification and lever system for transmitting the rejevant
deflections to the pointer (curve 3). The resultant of both curves
produces the linear scale as at curve 4. To cater for variations
between deflection characteristics of individual capsules, and so allow
for calibration, adjustments are always provided whereby the lever
and gear system magnification may be matched to suit the capsule
characteristics.

i The pressure-sensing element of the altimeter is compensated for
changes in temperature of the air supplied to it by a bi-metal
compensator device connected in the magnification lever systenﬁ} The



temperature coefficient of the instrument is chiefly due to the change
of elasticity of the capsule material with change of temperature; this,
in turn, varies the degree of deﬂecmm of the capsules in relation to
the pressure acting external to them. XFor example, if at sea-level the
temperature should decrease, the elasticity of the capsules would
increase; in other words, and from the definition of elasticity, the
capsules have a greater tendency ‘to return to their original size’ and
so would expand and cause the aitimeter to over-read. At higher
altitudes the same effects on elasticity will take place, but since the
pressures acting on the capsules will also have decreased, then, by
companson the expansion of the capsules becomes progressively
greater. The bi-metal compensator is simultaneously affected by the
decrease in ambient temperature, but by virtue of its characteristics it
exerts forces through the lever system to oppose the error-producing
deflection of the capsules}

Barometric pressure setting As pointed out earlier in this chapter,
the basis for the calibration of air data instruments is the ISA and its
assumed values. As far as altimeters are concerned, they will, under
ISA conditions, indicate what is termed pressure altitude. In practice,
however, atmospheric pressure and temperature are continually
changing, and so under these ‘non-standard’ conditions altimeters
would be in error and would then display what is termed indicated
altitude.

We may consider these errors by taking the case of a simple
altimeter situated at various levels. In standard conditions, and at a
sea-level airfield, an altimeter would respond to a pressure of
1013.25 mb (29.92 in Hg) and indicate the pressure altitude of zero
feet. Similarly, at an airfield level of 1000 ft, it would respond to a
standard pressure of 977.4 mb (28.86 in Hg) and indicate a pressure
altitude of 1000 ft. Assuming that at the sea-level airfield the pressure
falls to 1012.2 mb (29.89 in Hg), the altimeter will indicate that the
airfield is approximately 30 ft above sea-level; in other words, it will
be in error by +30 ft. Again, if the pressure increases to 1014.2 mb
(29.95 in Hg), the altimeter in responding to the pressure change will
indicate that the airfield is approximately 30 ft below sea-level, an
error of ~30 ft.

In a similar manner, errors would be introduced in the readings of
such an altimeter in flight and whenever the atmospheric pressure at
any particular altitude departed from the assumed standard value. For
example, when an aeroplane flying at 5000 ft enters a region in
which the pressure has fallen from the standard value of 842.98 mb
to, say, 837 mb, the altimeter will indicate an altitude of
approximately 5190 ft.

Since the ISA also assumes ceriain temperature values at all
altitudes, then consequently non-standard values can also cause errors
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Figtre 2.24 Effect of
atmospheric temperature on an
altimeter.
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in altimeter readings. Variations in temperature cause differences of
air density and therefore differences in weight and pressure of the
air. This may be seen from the three columns shown in Fig. 2.24. At
point A the altimeter measures the pressure of the column AC. At
point H, which is, say, at an altitude of 5000 fi above A, the
pressure on the altimeter is less by that of the part AB below it. If
the temperature of the air in part AR increases, the column of air
will expand to A,B,, and so the pressure on the altimeter at H wiil
now be less by that of AH. The pressure of A,B, is, however, still
the same as that of AB, and so the pressure of AH must be iess than
that of AH. Thus the altimeter, in rising from A; to 5000 ft, wiil
register a smaller reduction of pressure than when it rose from point
A to 5000 ft. In other words, it will read less than 5000 fi. Similarly,
when the temperature of the air between points A and H decreases,
the part AB of the column reduces to A,B, and the change of
pressure on the altimeter in rising from A; to 5000 ft will be not only
the pressure of A,B, (which equals AB) but also the pressure of B,H.
The altimeter will thus read a greater pressure drop and will indicate
an altitude greater than 5000 ft. The relationship between the various
altitudes associated with flight operations is presented graphically in
Fig. 2.25.

It will be apparent from the foregoing that, although the simple
form of altimeter performs its basic function of measuring changes in
atmospheric pressure accurately enough, the corresponding altitude
indications are of little value unless they are correcied to standard
pressure data. In order, therefore, to compensate for altitude errors



Figure 2.25 Relation between
various altitudes.
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due to atmospheric pressure changes, altimeters are provided with a
manually-operated setting device which allows prevailing ground
pressure values to be preset.

In the altimeter shown in Fig. 2.22, the adjustment device consists
of two drum counters (one calibrated in in. Hg and the other in mb)
interconnected through gearing to a setting knob. When the knob is
rotated then, as shown by the dotted arrows, both counters can be set
to indicate the prevailing barometric pressure; i.e. the static pressure,
in the equivalent units of measurement. Likewise it will be noted that
the setting knob is also geared to the sensing element mechanism
body, so that this mechanism can also be rotated. The deflected
position of the capsules appropriate to whatever pressure is acting on
them at the time will not be disturbed by rotation of the mechanism.
However, in order to maintain the correct pressure/altitude
relationship, rotation of the setting knob will cause the altitude
pointer and drum to rotate and so indicate the altitude corresponding
to the pressures set on the counters. The underlying principle of this
may be understood by considering the setting device to be a millibar
scale having a simple geared connection to the altitude pointer as
shown in Fig. 2.26.

At (a) the altimeter is assumed to be subjected to standard
conditions; thus the millibar scale, in this case, when set to
1013.25 mb, positions the pointer at the G ft graduation. If the setting
is then changed to, say, 1003 mb as at (b}, the scale will be rotated
clockwise, causing the altitude pointer to rotaie anti-clockwise and to
indicate —270 ft. If now the altimeter is raised through 270 £ as at
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Figure 2.26  Principle of
barometric pressure setting.

SEA-LEVEL

(c) a pressure decrease of 10 mb will be sensed by the capsule and its
corresponding deflection will cause the altitude pointer to return to
the zero graduation. Thus, whatever pressure is set on the millibar
scale, the altimeter will indicate zero when subjected to that pressure.
Similarly, any setting of the altitude pointer automatically adjusts the
millibar scale reading to indicate the pressure at which the altitude
indicated will be zero.

‘Q’ code for altimeter setting The setting of altimeters to the
barometric pressures prevailing at various flight levels and airports is
part of flight operating techniques, and is essential for maintaining
adequate separation between aircraft, and also terrain clearance during
take-off and landing. In order to make the settings flight crew are
dependent on observed meteorological data which are requested and
transmitted from air traffic control. The requests and transmissions
are adopted universally and form part of the ICAO ‘Q’ code of
communication.

There are two code letter groups commonly used in connection
with altimeter setting procedures, and they are defined as follows:

QFE Setting the barometric pressure prevailing at an airport to
make the altimeter read zero on landing at, and taking off from, that
airport. The zero reading is regardless of the airport’s elevation
above sea-level.

QONH Setting the barometric pressure to make the altimeter read
airport elevation above sea-level on'landing and take-off. The
pressure set is a value reduced to mean sea-level in accordance with
ISA. When used for landing and take-off, the setting is generally
known as ‘airport QNH’. Any value is only valid in the immediate
vicinity of the airport concerned.

Since an altimeter with a QNH setting reads altitude above sea-
level, the setting is also useful in determining terrain clearance when
an aircraft is en route. For this purpose, the UK and surrounding seas
are divided into fourteen Altimeter Setting Regions, each transmitting
an hourly ‘regional QNH" forecast.

There is also a third setting and this is referred to as the Standard
Altimeter Setting (SAS), in which the barometric pressure counters
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are set to the ISA values of 1013.2 mb or 29.92 in Hg. It is used for
flights above a prescribed transition altitude and has the advantage
that with all aircraft using the same airspace and flying on the same
altimeter setting, the requisite limits of separation between aircraft
can more readily be maintained. The transition altitude within UK
airspace is usually 3000 ft to 6000 ft, and from these data altitudes
are quoted as flight levels: e.g. 4000 ft is FL 40 and 15 000 ft is FL
150.

The following definitions, together with Fig. 2.27, show how the
terms ‘altitude’, ‘elevation’ and ‘height’ are used in relation to
altimeter setting procedures.

Altitude is the vertical distance of a level, point or object
considered as a point above mean sea-level. Thus, an altimeter
indicates an altitude when a QNH is set.

Elevation is the vertical distance of a fixed point above or below
mean sea-level. For altimeter settings the QFE datum used is the
airport elevation which is the highest usable point on the landing
area. Where a runway is below the airport elevation, the QFE datum
used is the elevation of the touchdown point, referred to as
touchdown elevation.

Height is the vertical distance of a level, point or object considered
as a point measured from a specified datum. Thus, an altimeter
indicates a height above airport elevation (the specified datum) when
a QFE is set.

=Xertical speed indicaiors

These indicators (also known as rate-of-climb indicators) are the third
of the primary group of air data instruments, and are very sensitive
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Figure 2.28 Vertical spee
indicator presentation.
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differential pressure gauges, designed to indicate the rate of altitude
change from variations in static pressure alone.

Since the rate at which the. static pressure changes is involved in
determining vertical speed, a time factor has to be introduced as a
pressure function. This is accomplished by incorporating a special air
metering unit in the sensing system, its purpose being to create a lag
in static pressure across the system and so establish the required
pressure differences.

A pneumatic type of indicator consists basically of three principal
components: a capsule-type sensing element, an indicating element
and a metering unit, all of which are housed in a sealed case
connected to the static pressure source. The dial presentation is such
that zero is at the 9 o’clock position; thus the pointer is horizontal in
the straight and level flight attitude, and can move from this position
to indicate climb and descent in the correct sense. Certain types of
indicator employ a linear scale, but in the majority of applications,
indicators having a scale calibrated to- indicate the logarithm of the
rate of pressure change are preferred. The reason for this is that a
logarithmic scale is more open near the zero graduation, and so
provides for better readability and for more accurate observation of
variations from-level flight conditions. A typical exampie of this
presentation is shown in Fig. 2.28.

An indicator mechanism is shown in schematic form in Fig. 2.29,
from which it will be noted that the metering unit forms part of the
static pressure connection and is connected to the interior of the
capsule by a length of capillary tube. This tube serves the same
purpose as the one employed in a pneumatic type of airspeed
indicator, i.e. it prevents pressure surges reaching the capsule. It is,
however, of greater length due to the fact that the capsule is much
more flexible and sensitive to pressure changes. The other end of the
metering unit is open to the interior of the case to apply static
pressure to the exterior of the capsule. Let us now see how the
instrument operates under the three flight conditions shown in the
diagram.



Figure 2.29 Principle of
vertical speed indicator.
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In level flight, air at the prevailing static pressure is admitted to the
“interior of the capsule, and also to the instrument case via the
metering unit. Thus, there is no difference of pressure across the
capsule and the pointer indicates zero.

At the instant of commencing a descent, there will still be no
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Figure 2.30 Construction of a
typical vertical speed indicator.
1 Rocking shaft assembly.

2 sector, 3 hand-staff pinion,

4 gearwheel, 5 eccentric shaft
assembly, 6 capsule plate
assembly, 7 calibration springs,
8 capsule, 9 capillary tube,

1Q caiibration bracket. 11 static
connection, {2 metering unit,
13 mechanism body.

14 hairspring, 15 link.

16 balance weight.
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pressure difference, but as the aircraft is now descending into
conditions of higher static pressure then such pressure will be directly
sensed inside the capsule. The pressure inside the case, however, will
not build up at the same rate as the capsule pressure, because in
having to pass through the metering unit the airflow into the case is
restricted. Thus, a differential pressure is created across the capsule,
causing it to distend and so make the pointer indicate a descent.

During a climb, an aircraft will of course pass through conditions
of decreasing static pressure, but as the metering unit will then
restrict the airflow out of the case, a differential pressure is created,
as a result of case pressure now being greater than that inside the
capsule, causing it to collapse and so make the pointer indicate a
climb.

Apart from the changes of static pressure with changes of altitude;
air temperature, density and viscosity changes are other very
important variables which must be taken into account, particularly as
the instrument depends on rates of airflow. In addition, the
volumetric capacities of cases and capsules must also be considered in
order to obtain the constant differential pressures necessary for the
indication of specific rates of climb and descent. Metering units are
designed to compensate for the effecis of the variables over the
ranges normally encountered, and so from the theoretical point of
view a vertical speed indicator is a somewhat sophisticated
instrument.

The construction of a typical indicator is shown in Fig. 2.30. It
consists of a cast aluminium-alloy body which forms the support for



all the principal components with the exception of the metering unit,
which is secured to the rear of the instrument case. Displacements of
the capsule in response to differential pressure changes are
transmitted to the pointer via a balanced link and rocking-shaft
assembly, and a quadrant and pinion. The flange of the metering unit
connects with the static pressure connection of the indicator case. and
with the capsule via the capillary tube.

In order to achieve the correct relationship between the capsule’s
pressure/deflection characteristics and the pointer position at all points
of the scale, forces are exerted on the capsule by two pre-adjusted
calibration springs. The upper spring and its adjusting screws control
the rate of descent calibration, while the lower spring and screws
control that of rate of climb.

An adjustment device is provided at the front of the indicator for
setting the pointer to zero, and when operated it moves the capsule
assembly up or down to position the pointer via the magnifying lever
and- gearing system. The range of adjustment around zero depends on
the scale range of any one'type of indicator, but 200 and +400
ft/min are typical values.

Instanianeous vertical speed indicators (IVSI) These indicators
consist of the same basic elements as conventional VSls, but in
addition they employ an accelerometer unit which is designed to
create a more rapid differential pressure effect, specificaily at the
initiation of a climb or descent. The basic principle is illustrated in
Fig. 2.31. ,

The accelerometer comprises a small cylinder, or dashpot,
containing a piston heid in balance by a spring and by its own mass.
The cylinder is connected in a capillary tube leading to the capsule,
and is thus open directly to the static pressure source. When a change
in vertical speed is initiated, the piston is immediately displayed
under the influence of a vertical acceleration force, and this creates
an immediate pressure change inside the capsule. For example, at
initiation of a descent, the piston moves up and thereby decreases the
volume of chamber ‘A’ to produce an immediate increase of pressure
inside the capsule. The capsule displacement in turn produces
instantancous deflection of the indicator pointer over the descent
portion of the scale. At injtiation of an ascent, the converse of the
foregoing responses would apply. The accelerometer response decays
in each case after a few seconds, but by this time the change in
actual static pressure becomes effective, so that a pressure differential
is produced by the metering unit in the conventional manner. The
purpose of the restrictor in the bypass line is to prevent any loss of
pressure change effects created by displacements at the acceleration
pump.
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Figure 2.31 Instantaneous
verticai speed indicator.
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Alr temperature sensing

Air temperature is another of the basic parameters used to establish
data vital to the performance monitoring of aircraft and engines, e.g.
true airspeed measurement, temperature coutrol, thrust settings,
fuel/air ratio settings, etc. of turbine engines, and it is therefore
necessary to provide a means of in-flight measurement.

The temperature which would overall be the most ideal is that of
air under pure static conditions at the flight levels compatible with the
operating range of any particular type of aircraft concerned. The
measurement of static air temperature (SAT) by direct means is,
however, not possible for all types of aircraft for the reason that
measurements can be affected by the adiabatic compression of air
resulting from increases in airspeed. At speeds below 0.2 Mach, the
air temperature is very close to static conditions, but at higher
speeds, and as a result of changes in boundary’ layer behaviour and
the effects of friction, the temperature is raised to a value appreciably
higher than SAT; this increase is referred to as ram rise.
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For use in aircraft capable of high Mach speeds. and for efficient
control and management of the overall performance of their engines,
it is customary to sense and measure the maximum temperature rise
possible. This parameter is referred to as total air temperature (TAT)
and is derived when the air is brought to rest (or nearly so) without
further addition or removal of heat. If the corresponding SAT value
is to be determined and indicated, it is necessary to.calculate the
value of 1am rise and then subtract it from that of TAT. Details of
the method by which this is normally accomplished will be given in
Chapter 7.

Various types of sensor may be adopted for the sensing of air
temperature. The simplest type, and one which is used in some types
of small low-speed aircraft for the indication of SAT, is a direct-
reading indicator which operates on the principle of expansion and
contraction of a bi-metallic element when subjected to temperature
changes. The element is arranged in the form of a helix anchored at
one end of a metal sheath or probe; the opposite, or free end of the
helix, is attached to the spindie of a pointer. As the helix expands or
contracts, it winds or unwinds causing the pointer to rotate over the
scale of a dial fixed to the probe. The thermometer is secured
through a fixing hole in the side window of a cockpit, or in the
wrap-around portion of a windscreen. so that the probe protrudes into
the airsiream. An example of this thermometer and its installation in
one type of helicopter is shown in Fig. 2.32.

The measurement of TAT requires a more sophisticated measuring
technique, and because the proportion of ram rise due to adiabatic
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Figure 2.33 Total air
temperature probe (1).
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compression is dependent on the ability of a sensor to sense and
recover this rise, then a TAT sensor must itself be of a more
sophisticated design. In this context, the sensitivity of a sensor is
normally expressed as a percentage termed the recovery factor. Thus,
a sensor having a factor of 0.80 would measure SAT plus 80 per cent
of the ram rise.

TAT sensors are of the probe type, and one example is shown in
Fig. 2.33. The probe is in the form of a siall strut and air intake
made of nickel-plated beryllinm copper which provides good thermal
conductivity and strength. It is secured at a pre-determined location in
the front fuselage section of an aircraft (typically at the side, or upper
surface of the nose) and outside of any boundary layer which may
exist. In flight, the air flows thzough the probe in the manner
indicated; separation of any water particles from the air is effected by
the airflow being caused to turn through a right angle before passing
round the sensing element. The bleed holes in the intake casing
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Figure 2.34 Total air
temperature probe (2).
AIR FLOW
‘ ~&

N
|

oot |

AIR EXIT 70 SIDEPORTS " |

SENSING ELERENT

e > ENGINE BLEED AIR OUT

HEATING ELERENTS

ASPIRATED AIRFLOW OUT
] FROM SEWSING ELEWENTS
¢ & FROH PROBE CAVITY

EJECTOR FITTING

ELECTRICAL COMMECTOR ———

N

EHGINE BLEED AIR IN

permit boundary layer air to be drawn off under the influence of the
higher pressure that is created within the intake and casing of the
probe. o

A pure platinum wire resistance-type sensing element is used and is
hermetically sealed within two concentric platinum tubes. The
element is wound on the inner tube, and since they are both of the
same metal, a close match of thermal expansion and minimizing of
thermal strain is ensured. The probe has an almost negligible time-
lag, and a high recovery factor of approximately 1.00. An axial wire
heating element, supplied with 115 V ac at 400 Hz, is mounted
integral with the probe to prevent the formation of ice, and is of the
self-compensating type in that as the temperature rises so does the
element resistance rise, thereby reducing the heater current. The
heater dissipates a nominal 260 W under in-flight icing conditions,
and can have an effect on indicated air temperature readings. The
errors involved, however, are small, some typical values obtained
experimentally being 0.9°C at 0.1 Mach decreasing to 0.15°C at
Mach 1.0.

A second type of TAT probe is shown in Fig. 2.34. The principal
differences between it and the one just described relate to the air
intake configuration and the manner in which airflow is directed
through it and the probe casing. The purpose of the engine bleed air
injector fitting and tube is to creaie a negative differential pressure
within the casing so that outside air is drawn through it at such a rate
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that the heating elements have a negligible effect on the
temperature/resistance characteristics of the sensing element.

In some cases, an auxiliary sensing element is provided in a probe.
The purpose of this element is to transmit a signal to other systems
requiring air temperature information. An example of this would be
the airspeed measuring circuit of an ADC for the computing of true
airspeed (see Chapter 7).

Air temperature inicators As in the case of other instruments, TAT
indicators can, as a result of the instrumentation arrangements
adopted for each particular type of aircraft, vary in the manner in
which they display the relevant data. Some of the variations are
illustrated in Fig. 2.35.

The circuit of a probe and a basic conventional pointer and scale
type of indicator is shown in Fig. 2.36. The system is supplied with
115 V ac which is then stepped down and rectified by a power supply
module within the indicator. The probe element forms one part of a
resistance bridge circuit, and as the element’s resistance changes with
temperature, the bridge is unbalanced, causing current to flow
through the moving coil of the indicator.

Figure 2.37 illustrates the circuit arrangement of a servo-operated
indicator employing a mechanical drum-type digital counter display.
The generation of the appropriate temperature signals is also
accomplished by means of a dc bridge circuit, but in this case
unbalanced conditions are monitored by a solid-state chopper circuit
which produces an error signal to drive an ac servomotor via an
operational amplifier. The motor then drives the counter drums, and
at the same time positions the wiper contact of a potentiometer to
start rebalancing of the circuit, until at some constant temperature
condition the circuit is ‘nulled’.

In order to indicate whether temperatures are either positive or
negative, the rebalancing/feedback system also activates a ‘sign
changer’ and an indicator drum, and a switch which reverses the
polarity of the bridge circuit when the temperature indications pass
through zero.

Detection of failure of the 26 V ac power to the indicator, and
sensing of an excessive null voltage in the rebalancing/feedback
system, is provided by a failure moritor circuit module. This controls
an ‘OFF’ flag which under normal conditions is held out of view by
an energized solenoid.

The internal arrangement of an LCD (see page 15) type of
indicator is schematically shown in Fig. 2.38. The temperature data
signals are transmitted from a digital type of ADC (see Chapter 7)
via a data bus and receiver to a microcomputer. The power supply to
the computer is connected via supply, low voltage and failure monitor
modules. In addition to TAT, the indicator can also display SAT and



Figure 2.35 TAT displays.
(a) Conventional pointer and
scale: (b) servol/digital counter;
(c) LCD:; (d) electronic (CRT).
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Figure 2.36 TAT indicator

system.

Figure 2.37 Servo-operated
TAT indicator,
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Figure 2.39 Function mode
selection sequence.

Function selector
push-button

TAS, each of which can be selected in sequence by a push-button
function select switch. When power is first applied, the indicator
displays TAT, as in Fig. 2.39; to select SAT the switch is pushed in,
and then pushed in again to display TAS. Pushing the switch in for a
third time returns the display to TAT. A test input facility is
provided, and when activated it causes the display to alternate
between all seven segments (of each of the three digits), ‘ON” for
two seconds, and blank for one second.

As noted earlier, indications of SAT can be derived by subtracting
the ram rise from the measured values of TAT. Since this is normally
done by also supplying TAT signals to the speed-measurirg module
of an ADC, the operating principles of SAT indication will be
covered in Chapter 7.

Details of the coloured display shown at (d) of Fig. 2.35 will be
given in Chapter 16.

Air data alerting and In connection with the in-flight operation of aircraft, it is necessary to

warning systems impose limitations in respect of certain operating parameters
compatible with the airworthiness standards to which each type of
aircraft is certificated. It is also necessary for systems to be provided
which will, both visually and aurally, alert and warn a flight crew
whenever the imposed operational limitations are being exceeded.

The number of parameters to be monitored in this way varies in

relation to the type of aircraft and the number of systems required for
its operation overall. As far as air data measuring systems are
concerned, the principal parameters are airspeed and altitude, so let
us now consider the operating principles of associated alerting and
warning systems typical of those used in some of the larger types of
public transport aircraft.
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Figure 2.40 Mach warning

system.
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Mach warning system

This system provides an aural warning when an aircraft’s speed
reaches the maximum operating value in terms of Mach number, i.e.
M,,, (a typical value is 0.84M). The warning is in addition to any
limiting speed reference pointers or ‘bugs’ that are provided in
Mach/airspeed indicators (see Fig. 2.20 again).

The system consists of a switch unit which, as can be seen from
Fig. 2.40, comprises airspeed and altitude sensing units connected to
an aircraft’s pitot probe and static vent system in a manner similar to
that of a Machmeter. It will also be noted that in lieu of a pointer
actuating system, the sensing units actuate the contacts of a switch
which is connected to a 28 V dc power source.

At speeds below the limiting value, the switch contacts remain
closed and the dc passing through them energizes a control relay. The
contacts of this relay interrupt the ground connection to an aural
warning device generally referred to as a ‘clacker’ because of the
sound it emits when in operation. When the limiting Mach speed at
any given altitude is reached, the airspeed sensing unit causes the
switch contacts to open, thereby de-energizing the control relay so
that its contacts now complete a connection from the ‘clacker’ to
ground. Since the ‘clacker’ ir directly supplied with dc, then it will
be activated to provide the appropriate warning, which is emitted at a
specific frequency (typically 7 Hz).

A toggle switch that is spring-loaded to ‘OFF’ is provided for the
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Figure 2.4! Combined
indicator and switch unit
system.
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purpose of functional checking the system. When placed in the
‘TEST’ position, it allows dc to flow to the ground side of the switch
unit control relay, thereby providing a bias sufficient to de-energize
the relay and so cause the ‘clacker’ to be activated.

In some aircraft systems, Mach/airspeed indicators with ‘built-in’
warning switch units may be used and so arranged that they operate
two independent ‘clackers’. In the examnle shown in Fig. 2.41, the
indicator in the captain’s group of flight instrumnents is servo-operated
by signals from an ADC. The other indicator, which is in the first
officer’s group of flight instruments, is also of the servo-operated



type, but contains a switch unit that is connected directly to the pitot
probe and static vent system. The ‘ciacker’ units associated with the
indicators are respectively designated as ‘aural warning 1" and ‘aural
warning 2°.

The captain’s indicator contains an overspeed circuit module that is
supplied by the ADC with prevailing speed data and also the limiting
V. and M, , values appropriate to the type of aircraft. The circuit
module is, in turn, connected to a solid-state switch (S,) that is
powered ‘open’ at speeds below V,, and M,,,. If, however, these
speeds are reached, then S, is relaxed to provide a ground connection
for the dc supply to ‘aural warning 1° clacker unit which thus gives
the necessary warning.

The contacts of the switch unit in the first officer’s indicator are
connected to a relay, and since these contacts remain closed at speeds
below maximum values, the relay is de-energized. When the
maximum speed is reached, the relay coil circuit is interrupted and its
contacts then change over to provide a ground connection for the dc
supply which activates ‘aural warning 2” clacker unit.

Test switches are provided for checking the operation of each
clacker by simulation of overspeed conditions. When switch 1 is
operated dc is applied to the overspeed circuit module in the captain’s
indicator, and causes the switch S, to relax. The operation of switch
2 applies dc to the relay coil such that it is shorted out against the
standing supply from the closed airspeed switch; the relay ‘is therefore
de-energized to provide a ground connection for ‘aural warning 2°
clacker unit.

" The indicators themselves provide visual indications of overspeed
and these are discernible when the airspeed pointers become
positioned coincident with pre-set maximum limit pointers (see Figs
2.20 and 2.21).

Altitude alerting system

This system is designed to alert a flight crew, by aural and visual
means, of an aircraft’s approach to, or deviation from, a pre-selected
altitude. The components of a typical system are shown in Fig.
2.42(a).

An aircraft’s pressure altitude is provided as a signal input to the
alert controller unit from an altimeter via a coarse/fine synchro
system. The selected altitude is set by means of a knob on the
controller, and is indicated by a digital counter which is geared to the
rotors of control and resolver synchros, so that they produce a
corresponding signal. The signal is compared with the pressure
altitude signal, and the resulting difference is supplied to level
detection circuits within the controller. At predetermined values of
rotor voltages of both synchros, two signals are produced and
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Figure 2.42 Altitude alerting
system.
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supplied as inputs to a logic circuit and timing network which
controls the aural and visual alerting devices.

The sequence of alerting is shown at (b) of Fig. 2.42. As an
aircraft descends or climbs to the preselected altitude the difference
signal is reduced, and the logic circuit so processes the input signals
that, at a pre-set outer limit H, (typically 900 ft) above or below
preselected altitude, one signal activates the aural alerting device
which remains on for two seconds; the annunciator light is also
illuminated. The light remains on until at a further pre-set inner limit
H, (typically 300 ft) above or below preselected altitude, the second



Angle of attack
sensing

signal causes the annunciator light to be extinguished. As an aircraft
approaches the preselected altitude, the synchro system approaches
the ‘null’ position, and no further alerting takes place. If an aircraft
should subsequently depart from the preselected altitude, the
controller logic circuit changes the alerting sequence such that the
indications correspond to those given during the approach through
outer limit H,, i.e, aural alert on for two seconds, and annunciator
light illuminated.

The angle of attack (AoA), or alpha (a) angle, is the angle between
the chord line of the wing of an aircraft and the direction of the
relative airflow, and is a major factor in determining the magnitude
of lift generated by a wing. Lift increases as « increases up to some
critical value at which it begins to decrease due to separation of the
slow-moving air (the boundary layer) from the upper surface of the
wing, which, in turn, results in separation and turbulence of the main
airflow. The wing, therefore, assumes a stalled condition, and since it
occurs at a particular angle rather than a particular speed, the critical
AoA is also referred to as the stalling angle. The angle relates to the
design of aerofoil section adopted for the wings of any one particular
type of aircraft, and so, of course, its value varies accordingly;
typically it is between 12° and 18°.

The manner in which an aircraft responds as it approaches and
reaches a stalled condition depends on many other factors, such as
wing configuration, i.e. high, low, swept-back, and also on whether
the horizontal stabilizer is in the *T’-tail configuration. Other factors
relate to the prevailing speed of an aircraft, which largely depends on
engine power settings, flap angles, bank angles and rates of change
of pitch. The appropriate responses are pre-determined for each type
of aircraft in order to derive specifically relevant procedures for
recovering from what is, after all, an undesirable situation.

An aircraft will, in its own characteristic manner, provide warning
of a stalled condition, e.g. by buffeting, gentle or severe pitch-down
attitude change, and/or ‘wing drop’, and although recoverable, in a
situation such as an approach when an aircraft is running out of
airspace beneath itself, these inherent warnings could come too late!
It is, therefore, necessary to provide a means whereby o can be
sensed directly, and at some value just below that at which a stalled
condition can-occur it can provide an early warning of its onset.

Stall warning systems

The simplest form of system, and one which is adopted in several
types of small aircraft, consists of a hinged-vane-type sensor mounted



Figure 2.43  Alpha sensor.
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in the leading edge of a wing so that the vane protrudes into the
airstream. In normal level flight conditions, the airstream maintains
the vane in a paralle! position. If the aircraft’s attitude changes such
that « increases, then, by definition, the airflow will meet the leading
edge at an increasing angle, and so cause the vane to be deflected.
When « reaches that at which the warning unit has been preset, the
vane activates a switch to complete a circuit to an aural warning unit
in the cockpit.

In larger types of aircraft, stall warning systems are designed to
perform a more active function, in_that they are either of the ‘stick-
shaker’ or ‘stick push or nudger’ type; for some aircraft
contigurations they are used in combination.

Figure 2.43 iilustrates the type of sensor normally used for these
systems. It consists of a precision counter-balanced aerodynamic vane
which positions The Totot Of & Synchro. The vane is protected against
ice formation by an internal heater element. The complete unit is
accurately aligned by means of index pins at the side of the front
fuselage section of an aircraft. Since the pitch attitude of an aircraft
15 also changed by the extension of its flaps, the sensor synchro is
also interconnected with a synchro within the transmitter of the flap
position indicating system, in order to modify the « signal output as a
function of flap position. '

Stick-shaking is accomplished by a motor which is secured to a
control column and drives a weighted ring that is deliberately
unbalanced to set up vibrations of the column, to simulate the natural
buffeting associated with a stalled condition.

Sensor signals, and signals for the testing of a system, are
processed through a circuit module unit located on a flight deck
panel. Control switches for normal operation and for testing are also
provided in this unit. Sensing relays and shock sirut microswitches on
the nose landing gear are included in the circuit of a system to permit
operational change-over from ground to air.

The circuit of a typical system is shown in basic form in Fig. 2.44.
When the aircraft is on the ground and electrical power is on, the
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Figure 2.44 Stick-shaker
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contacts of the landing gear microswitches complete a dc circuit to a
sensing relay K, which, on being energized, supplies an ac voltage
(in this case 11.8-V) to the circuit module amplifier. The output is
then supplied to a demodulator whose circuit is designed to ‘bias off’
the ac voltage from the contacts of K;, so that the solid-state switch
S5, remains open to isolate the stick-shaker motor from its dc supply.
The vane heater element circuit is also isolated from its ac supply by
the opening of the second set of contacts of K,. The sensor synchro
is supplied directly from the ac power source.

During take-off, and when the nose gear ‘lifts off’, the
microswitches operate to de-energize relay K,, and with the system
contro} switch at ‘NORMAL", the system is fully activated. The only
signal now supplied to the amplifier and demodulator is the modified
a signal.

In normal flight, the signal produced and supplied as input to the
amplifier is less than a nominal value of 20 mV, and in phase with
the ac vo'tage supplied as a reference to the demodulator. if the
aircraft’s attitude should approach that of a stalled condition, the «
signal will exceed 20 mV and become out-of-phase. The demodulator
then produces a resultant voltage which triggers the switch 8§, to
connect a 28 V dc supply direct to the stick-shaker motor, which then
starts vibrating the control column.
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A confidence check on system operation may be carried out by
placing the circuit module control switch in the ‘TEST’ position. This
energizes a relay which switches the sensor signal to the motor of an
indicator, the dial of which will be rotated by the motor if there is
circuit continuity. Since the switch isolates the sensor circuit from the
amplifier, the reference voltage to the demodulator triggers the switch
SS, to operate the stick-shaker motor. The control switch also has a
‘HEATER OFF’ position which isolates the vane heater circuit from
its power supply, thus enabling the vane to be manipulated manually
without inflicting burns.

In most cases, two systems are installed in an aircraft, so that a
sensor is located on each side of the front fuselage section, and a
stick-shaker motor on e¢ach pilot’s control column.

In certain types of aircraft the sensor signals are transmitted to an
air data computer, which then supplies an output, corresponding to
actual « angle, to a comparator circuit within an electronic module of
the stall warning system. The comparator is also supplied with signals
from a central processor unit (also within the module) which
processes a programme to determine maximum « angles based on the
relationship between flap position and three positions of the leading
edge slats. The positions are: retracted, partially extended and fully
extended, and so signals corresponding to three different computed
angles are processed for comparison with an actual « angle signal. If
the latter is higher than a computed maximum, the circuit to the
stick-shaker motor is completed.

\/étick-pushers

in some types of aircraft, particularly those with rear-mounted
engines and a ‘T’-tail configuration. it is possible for what is termed
a ‘deep’ or ‘super’ stall situation to develop. When such aircraft first
get into a stalled condition then, as in all cases, the air flowing from
the wings is of a turbulent nature, and if the « angle is such that the
engines are subjected to this airflow, loss of power will occur as a
result of surging and possible ‘flame-out’. If, then, the stali develops
still further, the horizontal stabilizer will also be subjected to the
turbulent airflow with a resultant loss of pitch control. The aircraft
then sinks rapidly in the deep sialled attitude, from which recovery is
difficult, if not impossible. This was a lesson that was learned, with
tragic results, during the flight testing of two of the earliest types of
commercial aircraft configured as mentioned, namely, the BAC 1—11
and HS ‘Trident’.

In order to prevent the development of a deep stall situation,
warning systems are installed which, in addition to stick-shaking,
utilize the « sensor signals to cause a forward push on the control
columns and downward deflection of the elevators. The manner in



which this is accomplished varies; in some aircratt, the signals are
transmitted to a linear actuator which is mechanically connected to
the feel and centring unit of the elevator control system. In aircraft
having computerized flight control systems, « sensor signals are
transmitted to the elevator control channel of the flight control

. computer. Whenever stick-push is activated, the elevator control
channcls of automatic flight control systems are automatically
disengaged via an interlock system.

Indicators

There is no standard requirement for angle of attack indicators to be
installed in aircraft, with the result that the adoption of any one
available type is left as an option on the part of an aircraft
manufacturer and/or operator. When selected for installation,
however, they must not be used as the only means of providing stall
warning, but as a supplement to an appropriate type of stick-shake
and stick-push system.

Indicators are connected to the alpha sensors of a stall warning
system, and display the relevant data in a variety of ways, depending
on their design. In some cases a conventional pointer and scale type
of display is used, while in aircraft having electronic flight instrument
display systems, the data can be programmed into computers such
that it is displayed against a .vertical scale, usually located adjacent to
that indicating vertical speed, on the attitude director indicator.
Another type of indicator currently in use has a pointer which is
referenced against horizontal yellow, green and red bands; a dividing
line between the yellow and green bands signifies the angle at which
the stick-shaker operates.
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Direct-reading compasses

Compasses of this type were the first of the many airborne flight and
navigational aids ever to be introduced in aircraft, their primary
function being to show the direction in which an aircraft is heading
with respect to the earth’s magnetic meridian.

As far as present-day aircraft are concerned, the use of direct-
reading compasses as a primary directional reference source is
confined to small types of airgraft whose design and operating
requirements are at a fairly basic level. In the more sophisticated
types of aircraft, directional references are derived from flight
instrument systems and navigational aids based on advanced
technology, and although airworthiness requirements still necessitate
the installation of direct-reading compasses, they are relegated to a
secondary role.

The operating principle of a direct-reading compass is based on
established fundamentals of magnetism, and on the reaction between
the magnetic field of a suitably suspended magnetic elemsent, and that
of terrestrial magnetism.

The surface of the earth is surrounded by a weak magnetic field
which culminates in two internal magnetic poles situated near the
North and South true or geographic poles. That this is so is obvious
from the fact that a magnet freely suspended at various parts of the
earth’s surface will be found to settle in a definite direction, which
varies with locality. A plane passing through the magnet and the
centre of the earth would trace out on the earth’s surface an
imaginary line called the magnetic meridian as shown in Fig. 3.1.

It would thus appear that the earth’s magnetic field is similar to
that which would be expected at the surface if a short but strongly
magnetized bar magnet were located at the centre. This partly
explains the fact that the magnetic poles are relatively large areas,
due to the spreading out of the lines of force, and it also gives a
reason for the direction of the field being horizontal in the vicinity of
the equator. The origin of the earth’s field is still not precisely
known, but, for purposes of explanation, the supposition of a bar
magnet at its centre is useful in visualizing the general form of the
magnetic field as it is known to be.

The field differs from that of an ordinary magnet in several



Figure 3.1 Terrestrial
magnetism. Lines AA, BB and
CC are isoclinals.
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respects. Its points of maximum intensity, or strength, are not at the
magnetic poles (theoretically they should be) but oceur ai four other
positions, two near each pole, known as magnetic foci. Moreover, the
poles themselves are continually changing their positions, and at any
point on the earth’s surface the field is not symmeirical and is subject
to changes both periodic and irregular.

Magnetic variation

As meridians and parallels are constructed with reference to the true
or geographic North and South poles, so can magnetic meridians be
constructed with reference to the magnetic poles. If a map were
prepared to show both true and magnetic meridians, it would be
observed that these intersect each other at angles varying from 0° to
180° at different parts of the earth, diverging from each other
sometimes in one direction and sometimes in the other. The
horizontal angle contained between the true and the magnetic
meridian at any place is known as the magnetic variation or
declination.

When the direction of the magnetic meridian inclines to the left of
the true meridian, the variation is said to be westerly, while an
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inclination to the right produces easterly variation. It varies in amount
from 0° along those lines where the magnetic and true meridians run
together, to 180° in places between the true and magnetic poles. At
some places on the earth, where the ferrous nature of the rock
disturbs the main magnetic field, local attraction exists and abnormal
variation occurs which may cause large changes in its value over very
short distances. While the variation differs all over the world, it does
not maintain a constant value in any one place, and the following
changes, themselves not constant, may be experienced: (i) Secuiar
change, which takes place over long periods due to the changing
positions of the magnetic poles relative to the true poles; (ii) Annual
change, which is a small seasonal fluctuation superimposed on the
secular change; (iii) Diurnal or daily change.

Information regarding variation and its changes are given on special
charts. Lines are drawn on the charts, and those which join places
having equal variation are called isogonal lines, while those drawn
through places where the variation is zero are called agonic lines

Magnetic dip

As stated earlier, a freely suspended magnet will settle in a definite
direction at any point on the earth’s surface and will lie parallel to
the magnetic meridian at that point. It will not, however, lie parallel
to the earth’s surface at all points for the reason that the lines of
force themselves are not horizontal, as may be seen from Fig. 3.2.
These lines emerge vertically from the North magnetic pole, bend
over and descend vertically into the South magnetic pole; it is only at
what is known as the magnetic equator that they pass horizontally
along the earth’s surface. If, therefore, a suspended magnet is carried
along a meridian from north to south, it will be on end, red end
down, at the start, horizontal near the equator, and finish up again on
end but with the blue end down.

The angle the lines of force make with the earth’s surface at any

MAGNETIC MERIDIAN

MAGNETIC POLE
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given place is called the angle of dip or magnetic inclination, and
varies from 0° at the magnetic equator to 90° at the magnetic poles.
The angle of dip at all places undergoes changes similar to those
described for variation and is also shown on charts of the world.
Places on these charts having the same dip angle are joined by lines
known.as isoclinals, while those at which the angle is zero are joined
by a line known as the aclinic line or magnetic equator, of which
mention has already been made.

Earth’s total force

When a magnet freely suspended in the earth’s field comes to rest, it
does so under the influence of the total force of the field. This total
force is resolved into its horizontal and vertical components, termed
H and Z respectively. The relationship between these components and
dip is shown in Fig. 3.2.

As in the case of variation and dip, charts of the world are
published showing the values of the components for.all places on the
earth’s surface, together with the mean annual change. Lines of equal
H and Z forces are referred to as isodynamic lines.

The earth’s magnetic force may be stated either as a relative value
or an absolute value. If stated as a relative value, and in the case of
compasses this is the case, it is given relative to the H force at
Greenwich.

Direct-reading compasses have the following common principal
features: a magnet system housed in a bowl; liquid damping; liquid
expansion compensation; and deviation compensation. The majority of
compasses currently in use are of the card type, and the construction
of two examples is illustrated in Fig. 3.3.°

The magnet system of the example shown at (a) comprises an
annular cobalt-steel magnet to. which is attached a light-alloy card.
graduated in increments of 10°, and referenced against a lubber line
fixed to the interior of the bowl. The system is pendulously
suspended by an iridium-tipped pivot resting in a sapphire cup
supported in a holder or stem. The pivot point is above the centre of
gravity of the magnet system which is balanced in such a way as to
minimize the effects of angle of dip over as wide a range of latitudes
North and South as possible.

The bowl is of plastic (Diakon) and so moulded that it has a
magnifying effect on the card and its graduations. It is filled with a
silicone fluid to make the compass aperiodic, i.e. to ensure that after
the magnet system has been deflected, it returns o equilibrium
directly without oscillating or overshooiing. The fluid also provides
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Figure 3.3 Typical card B AND C’ CORRECTOR MOUNTING PLATE
compasses.
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Compass location

Errors in indication

the system with a certain buoyancy, thereby reducing the weight on
the pivot and so diminishing the effects of friction and wear. Changes
in volume of the fluid due to temperature changes, and their resulting
effects on damping efficiency, are compensated by a bellows type of
expansion device secured to the rear of the bowl.

Compensation of the effects of deviation due to longitudinal and
lateral components of aircraft magnetism (see page 87) is provided
by permanent magnet coefficient ‘B’ and ‘C’ corrector assemblies
secured to the compass mounting plate.

The compass shown at (b) of Fig. 3.3 is designed for direct
mounting on a panel. Its magnet system is similar to the one
described earlier except that needle-type magnets are used. The bowl
is in the form of a brass case which is sealed by a front bezel plate.
Changes in liquid volume are compensated by a capsule type of
expansion device. A permanent-magnet deviation compensator is
located at the underside of the bowl, the coefficient ‘B’ and ‘C’
spindles being accessible from the front of the compass. A small
lamp is provided for illuminating the card of the magnet system.

The location of a compass in any one type of aircraft is of
importance, and is pre-determined during the design stage by taking
into account the effects which mechanical and electrical equipment in
cockpit or flight deck areas may have on indications. In this
connection it is usual to apply the compass safe distance rule which,
precisely defined, is ‘the minimum distance at which equipment may
be safely positioned from a compass without specified design values
of maximum deviation being exceeded under all operating
conditions’. The distance is measured from the centre of a compass
magnet system to the nearest point on the surface of equipment.
Values are quoted by manufacturers as part of the operating data
appropriate to their equipment.

The pendulous suspension of a magnet system, although satisfactory
from the point of view of counteracting dip, is unfortunately a
potential source of errors under in-flight operating conditions in
which certain force components are imposed on the system. There are
two main errors that result from such components, namely
acceleration error and turning error.

Acceleration error

This may be broadly defined as the error, caused by the effect of the
earth’s field component Z, in the directional properties of the magnet
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Figure 3.4 Acceleration
errors. (a) Acceleration on
northerly heading in northern
hemisphere: (b) deceleration on
rortherly heading in northemn
hemisphere: (c) acceleration on
easterly heading in northern
hemisphere; (d) deceleration on
easterly heading in northern
hemisphere.
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system when its centre of gravity is displaced from its normal
position, such errors being governed by the heading on which
acceleration or deceleration takes place.

When accelerating or decelerating on any fixed heading, a force is
applied to the magnet system at the point of suspension P, this being
its only connection. The reaction to this force will be equal and
opposite and must act through the centre of gravity, which is below
and offset from P due to the slight dip of the magnet system. The
two forces constitute a couple which, dependent on the heading being
flown, causes the magnet system merely to change its dip offset
angle, or to rotate in azimuth.

Consider now an acceleration on a northerly heading in the
northern hemisphere. The forces brought into play will be as shown
in Fig. 3.4(a). Since both the point P and centre of gravity are in the
plane of the magnetic meridian, the reaction R causes the ‘N’ end of
the magnet system to go down, thus increasing the dip offset angle
without any azimuth rotation. Conversely, when decelerating, the
reaction R tilts the ‘S’ end of the magnet system as shown at (b).

In either the northern or southern hemispheres, acceleration or
deceleration on headings other than the N—S meridian will produce
azimuth rotation of the magnet system and consequent errors.

When an acceleration occurs on an easterly heading in the northern
hemisphere, as at (c) of Fig. 3.4, a force will again act through point
P, and the reaction R through the centre of gravity. In this case,
however, they are acting away from each other and the couple
produced tends to rotate the magnet system in a clockwise direction,
thus indicating an apparent turn to the north, or what is termed
easterly deviation. The reverse effects occur during a deceleration,
producing an apparent turn to the south or westerly deviation.



Hence, in the northern hemisphere, acceleration causes easterly
deviation on easterly headings, and westerly deviation on westerly
headings, whilst deceleration has the reverse effect. In the southern
hemisphere the results will be reversed in each case.

As northerly or southerly headings are approached, the magnitude
of the apparent deviation decreases, the acceleration error varying as
the sine of the compass heeding.

One further point may be mentioned in connection with these
errors, and that is the effect of aircraft attitude changes. If an aircraft
flying level is put into a climb at the same speed, the effect on its
compass magnet system will be the same as if the aircraft had
decelerated. If the change in attitude is alsc accompanied by a change
in speed, the apparent deviation may be quite considerable.

Turning errors

During a turn, the point P of a compass magnet system is carried
with the aircraft along the curved path of the turn. The system’s
centre of gravity, being offset, is subjected to the centrifugal
acceleration force produced by the turn, causing the system to swing
outwards and to rotate so that apparent deviations, or turning errors,
will be observed. In addition, the magnet system tends to maintain a
position parallel to the transverse plane of the aircraft, thus giving it
a lateral tilt the angle of which is governed by the aircraft’s bank
angle. For a correctly banked turn, the tilt angle would be maintained
equal to the bank angle, because the resultant of centrifugal force and
gravity -lies normal to the aircraft’s transverse plane, and also to the
plane through the point P and centre of gravity of the magnet system.
In this case, centrifugal force itself would have no effect other than
to exert a pull on the centre of gravity and so decrease the offset dip
angle of the magnet system.

As soon as the system is tilted, however, and regardless of whether
or not the aircraft is correctly banked, the system is free to move
under the influence of the earth’s component Z which will then have
a component in the lateral plane of the system, causing it to rotate
-and further increase the turning error.

The extent and direction of the error is dependent upon the
aircraft’s heading, the magnet system tilt angle, and the dip. In order
to form a clearer understanding of its effects, we may consider a few
examples of heading changes from the magnetic meridian, and in
both the northern and southern hemispheres.

Turning from a northerly heading towards east or west

Figure 3.5(a) represents the magnet system of a compass in an
aircraft flying on a northerly heading in the northern hemisphere. Let
us assume that a change in heading to the eastward is required. As
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Figure 3.5 Turning errors.
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soon as the turn commences, the centrifugal acceleration acts on the
centre of gravity causing the system to rotate in the same direction as
the turn, and since the system is tilted, the earth’s component Z
exerts-a pull on the N end causing further rotation of the system.
Now, the magnitude of system rotaticn is dependent on the rate at
which turning and banking of the aircraft is carried out, and resulting
from this three possible indications may be registered: (i) a turn of
the correct sense, but smaller than that actually carried cut when the
magnet system turns at a slower rate than the aircraft; {ii} no turn at
all when the system and aircraft are turning at the same rate; (iii) a
turn in the opposite sense when the system turns at a rate faster than
the aircraft. The same effects will occur if the heading changes from
N to W whilst flying in the northern hemisphere.

In the southern hemisphere (diagram (b)) the effects are somewhat
different. The south magnetic pole is now the dominant pole and so
the offset dip angle of the magnet system changes to displace the
centre of gravity to the north of peint P. We may again consider the
case of an aircraft turning eastward from a northerly heading. Since
the centre of gravity is now north of point P, the centrifugal
acceleration acting on it causes the magnet system to rotate more
rapidly in the opposite direction to the turn, i.e. indicating a turn in
the correct sense but of greater magnitude than is actually carried
out.

Turning from a southerly heading towards east or west
If the turns are executed in the northern hemisphere (Fig. 3.5(c)) then
because the magnet system’s centre of gravity is still south of point
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P, the rotation of the system and the indications registered will be the
same as turning from a northerly heading in the northern hemisphere.

In turning from a southerly heading in the southern hemisphere
(Fig. 3.5(d)) the magnet system'’s centre of gravity is north of the
point P and produces the same effects as turning from a northerly
heading in the southern hemisphere.

In all the above cases, the greatest effect on compass indications
will be found when turns commence near to northerly or southerly
headings, being most pronounced when turning through north. For
this reason the term northerly turning error is often used when
describing the effects of centrifugal acceleration on compass magnet
systems.

Turning through east or west

When turning from an easterly or westerly heading in either the
northern or southern hemispheres (diagrams (e)—(h)) no errors will
result because the centrifugal acceleration acts in a vertical plane
through the magnet system’s centre of gravity and point P. The
centre of gravity is merely deflected to the north or south of point P.
thus increasing or decreasing the magnet system’s pendulous
resistance to dip.

A point which may be noted in connection with turns from E or W
is that when the N or S end of the magnet system is tilted up, the
line of the system is nearer to the direction where the directive force
is zero, i.e. at right angles to the line of dip. Thus, if a compass has
not been accurately adjusted during a ‘swing’, any uncorrected
deviating force will become dominant and so cause indications of
apparent turns.

Magnetism is unavoidably present in aircraft in varying amounts, and
can therefore also produce errors in the indications of compasses.
However, by analysis it is divided into two main types and also
resolved into components acting in definite directions, so that steps
can be taken to minimize the errors, or deviations as they are called,
resulting from such components.

The two types of magnetism can be further divided in the same
way that magnetic materials are classified according to their ability to
be magnetized, namely hard-iron and soft-iron.

Hard-iron magnetijm is of a peramenent nature and is caused, for
example, by the presence of magnetically ‘hard’ materials in an
aircraft’s structure, in power plants and other equipment, the earth’s
field building itself into such materials during the many varied
manufacturing and assembly processes involved in the overall
construction of an aircraft.
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Figure 3.6 Components of
hard-iron magnetism.

Sofi-iron magnetism is of a temporary nature and is caused by the
metallic materials of an aircraft which are magnetically ‘soft’
becoming magnetized due to induction by the earth’s field. The effect
of this type of magnetism is dependent on an aircraft’s heading,
attitude and its geographical position.

There is also a third type of magnetism, due to the sub»pennanent
magnetism of what is called ‘intermediate’ iron, which can be
retained for varying periods. Such magnetism depends, not only on
heading, attitude and geographical position of an aircraft, but also on
the nature of its previous motlon vibrations, lightning strikes and
other external effects

The various magnetic components which cause deviations are
designated by letters, those for permanent hard-iron magnetism being
capitals, and those for soft-iron magnetism being small letters. The
resulting deviations are termed easterly when positive, and westerly
when negative.

Components of hard-iron magnetism

The total effect of this type of magnetism at a compass position may
be considered as having originated from equivaient bar magnets lying
longitudinally, laterally and vertically, as shown in Fig. 3.6. The
components are respectively denoted as P, (@ and R, and are either
positive or negative depending on the iocations of the blue poles of
the equivalent magnets. The strength of these components does not
vary with heading or change of latitude, but may do so with time due
to a weakening of aircraft magnetism. The deviations caused by each
of the components are set out in Table 3.1.

IEXIRED POLES




Table 3.1

Component  Axis Component Aircraft heading
polarity
North East South West
Deviations
. +ve 0 x. .-
P Horizontal max. +ve 0 max. -ve
-ve 0 max. -—ve 0 max. +ve
+ve max. + .-
0 Lateral ve 0 max. ~ve 0
~ve max. —ve 0 max. +ve 0

Aircraft nose up

+ve 0 max. +ve 0 max. ~ve
—ve 0 max. —ve 0 max. +ve

Aircraft nose down

+ve g max. —ve 0 max. +ve

A —ve 0 max. +ve o} max, —ve
R Vertical

Aircraft banked to port

+ve max. +ve 0 max. ~ve 0
~-Ve max. —ve ] max. +ve 0

Aircraft banked to stb’d

+ve max. —ve o max. +ve ¢
—-ve max. +ve 0 max. —ve 0

Notes: }. +ve and —ve devistions are termed easterly and westerly respectively.
2. Component R effective only in the aircraft attitudes indicated.

Components of soft-iren magnetism

The effect of this type of magnetism may be considered as originating
from a piece of soft-iron in which magnetism has been induced by
the earth's field. This field, as we already know, has two components
designated H and Z, but in the analysis of sofi-iron magnetism # is
resolved into two additional components X and Y. These, together
with component Z, are also related to the three principal axes of an
aircraft, namely X — longitudinal, Y — lateral and Z — vertical.

The polarities and strengths of components X and ¥ vary with
changes in aircraft heading relative to the fixed direction of the
earth’s component H. Components X, ¥ and Z also change with
geographical location because this results in changes in the earth’s
field strength and direction. A change in the polarity of component Z
will only occur with a change in magnetic hemisphere.
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Tabie 3.2

Component  Axis Component Aircraft heading
polarity
North NE East SE South SW West NW
Deviations
aX +ve 0 max. +ve 0 max. -ve 0 max, +ve 0 max. —ve
—ve 0 max. —ve 0 mazx. +ve 0 max, —ve 0 max. +ve
e +ve 0 -ve max, -ve ~ve 0 —-ve max. - ve -ve
bY Longitudinal —ve 0 +ve max., +ve +ve 0 +ve max, +ve +ve
+ve . -

Z —ve * Same as corresponding polarities of component P.

dxX +ve max. +ve +ve 0 +ve max. +ve +ve 0 +ve
-ve max. -ve —-ve ¢ ~ve max. —ve —ve 0 -ve
+ve  Same as - ve component aX.

e¥ Lateral —-ve Same as +ve component aX.
+ve . . -

§74 —ve * Same as corresponding polarities of component Q.
+ve

8x -ve

. +ve . s

hY Vertical —ve * Same as corresponding polarities of component R.
+ve

kZ
—-ve

* See Table 3.1,

Note: 1. +ve and —ve deviations are termed casterly and westerly respectively.
2. The polarities and direction of components cZ and fZ depend on whether an aircraft is in the northern or southemn
hemisphere.

Each of the three components produce three soft-iron components
that are designated aX, bY, ¢Z; dX, eY, /Z; and gX, hY, kZ. The
deviations caused by such components are set out in Table 3.2,

Total magnetic effect

The total effect of the magnetic fields that produce deviating forces
relative to each of the three axes of an aircraft is determined by
algebraically summing the quantities appropriate to each of the related
components. Thus:

TOTAL X' (longitudinal) = X+P+aX+bY+cZ
TOTAL Y' (lateral) = Y+Q+dX+eY+f2
TOTAL Z! (vertical) = Z+R+gX+hY+kZ



Fiyure 3.7 Relationship

between aircraft magnetism and

deviation coefficients.
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Deviation coefficients

Before steps can be taken o minimize the deviations caused by hard-
iron and soft-iron components of aircraft magnetism, their values on
each heading must be obtained and guantitatively analysed into
coefficients of deviation. There are five coefficients designated 4, B,
C, D and E, termed positive or negative as the case may be, and
expressed in degrees. The relationship between them and the
components of aircraft magnetism is shown in Fig. 3.7.

Coefficient A
This represents a constant deviation and may be termed as either rea/
A, which is caused by the soft-iron components bY and dX, or
apparent 4, which is a deviation produced by non-magnetic causes
such as misalignment of a direct-reading compass or of a flux
detector unit where appropriate (see page 182) with respect to an
aircraft’s longitudinal axis. In practice it is not necessary to
distinguish between them, since they are both understood to be
included in the term coefficient 4.

The coefficient is calculated by taking the average of the algebraic
differences between deviations measured on a number of equidistant

91



82

compass headings; this also applies to the other four coefficients. In
the case of A4, the average may be determined from deviations ‘on
either the four cardinal headings or, for greater accuracy, on these
headings plus the four quadrantal headings. Thus:

Deviation on N+E+S+W
4

A =

or

Deviation on N+NE+E+SE+8+SW+W+NW
8

The coefficient is positive or negative, depending on whether the
constant deviation which it represents is easterly or westerly.

A =

“Coefficient B

This represents the resultant deviation due to the presence, either
together or separately, of hard-iron component P and sofi-iron
component cZ. When these components are of like signs, they cause
deviation in the same direction, but when of unlike signs they tend to
counteract each other. The coefficient is calculated from the formula:

B = Deviation on E — Deviation on W
2

Since components P and ¢Z cause deviation which varies as the
sine of an aircraft’s heading 8, then deviation due to coefficient B
may also be expressed as B X sin 6.

Coefficient C

This represents the resultant deviation due to the presence, either
together or separately, of hard-iron component Q and soft-iron
component fZ. When of like and unlike signis these components cause
deviations whose directions are the same as those caused by
components P and ¢Z. The coefficient is calculated from the formula:

C = Deviation on N — Deviation on S
2

Since components  and fZ cause deviation which varies as the
cosine of an aircraft’s heading, then deviation due to coefficient C
may also be expressed as C X cos 6.

Coefficient D

This represents the deviation due to the ptesence, either together or
separately, of components aX and eY which cause deviations of the
same direction when they are of unlike signs and counteract each
other when of like signs. When a +aX or a —eY predominates, or



when they are present together, the coefficient is said to be positive,
whilst a —aX or a +eY predominating or together cause a negative
coefficient D, It is calculated from the formula:

D= (Dev. on NE+Dev. on SW)—(Dev. on SE+Dev. on NW)
4

The deviations caused by components aX and eY vary as the sine of
twice an aircraft’s heading; therefore deviations may also be
expressed as D X sin 26.

Coefficient E

This coefficient represents the deviation due to the presence of
components bY and 4X of like signs. When a +bY and a +dX are
combined, coefficient E is said to be positive, whilst a combination of
a —by and a —dX gives a negative coefficient; the two components
must in each case be equal in magnitude. The coefficient is calculated
from the formula:

E = (Dev. on N+Dev. on S)—(Dev. on E+Dev. on W)
2 -

The deviations caused by the components bY and dX vary as the
cosine of twice an aircraft’s heading; therefore deviations may also be
expressed as E X cos 26.

The total deviation on an uncorrected compass for any given
direction of an aircraft’s heading by compass may be expressed by
the equation:

Total deviation = A + Bsinf + Ccosf + Dsin26 + Ecos2f

Deviation compensation

In order to determine by what amount compass readings are affected
by hard- and soft-iron magnetism, a special calibration procedure
known as ‘swinging’ is carried out so that adjustments can be made
to compensate for the deviations.

These adjustments are effected by compensator or corrector magnet
devices which, in the case of direct-reading compasses, always relate
only to deviation coefficients B and C. Adjustment for coefficient A
is effected by repositioning the compass in its mounting by the
requisite number of degrees.

A compensator forms an integral part of a compass (see Fig. 3.3)
and in common with the majority of those in current use it contains
two pairs of permanent magnets which can be rotated through gearing
as shown in Fig. 3.8.

One pair of magnets is positioned laterally to provide a variable
longitudinal field, thereby permitting adjustment for coefficient B,
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Figure 3.8 Deviation
compensator device.

94

while the other pair is positioned longitudinally to provide a variable
lateral field and so permit adjustment for coefficient C. Thus, the
fields are effective in neutralizing the deviations on only the two
cardinal headings appropriate to each of the coefficients.

The manner in which compensation is carried out may be
understood by considering the case of an adjustment having to be
made for coefficient B, as indicated in Fig. 3.9. When the
appropriate compensator magnets are in the neutral position, as
shown at (a), the fields produced are equal and opposite, and if as
also shown the aircraft is heading north, then the total field is aligned
with the earth’s component H and the compass magnet system.
Variation of the field strength by rotating the magnets will, therefore,
have no effect. This would also be the case if the aircraft was
heading south.

At (b) of Fig. 3.9, the aircraft is represented as heading east and,
as before, the compensator magnets are in the neutral position. The
total field of the magnets, however, is now at right angles to the
earth’s component and the compass magnet system, and so if the
magnets are now rotated from the neutral position to the positions
shown at (c), the distance between poles N, and §, is smaller. Since
the intensity of a field varies in inverse proportion to the square of
the distance from its source, then in this case, a strong field will exist
between the poles of the magnets. The north-seeking pole of the
compass magnet system will, therefore, experience a greater repulsive
force, resulting in deflection of the system through-an appropriate
number of degrees. If the magnets are rotated so as to strengthen the

. field between poles N, and S,, the compass magnet system will then,

of course, be deflected in the opposite direciion. Deflection of the
compass magnet system would be obtained in a similar manner with
the aircraft heading west.

The coefficient C compensating magnets also produce similar
effects but, as a study of diagrams (d) to (f) will show, deflections of
the compass magnet system are only obtainable when an aircraft is
heading either north or south.

It wiil be apparent from the foregoing operating sequences that
maximum compensation of deviation on either side of cardinal
headings is obtained when the magnets are.in complete alignment.
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The gears on which magnets are mounted are connected to
operating heads which, depending on the type of compass, are
operated either by a key or by means of a screwdriver. Indication of
the neutral position of magnets is given by aligning datum marks,
located typically on the ends of magnet-operating spindles and on the
compensator casing.



4 Gyroscopic flight
instruments

In addition to the airspeed indicator, the altimeter and the vertical
speed indicator, a basic group of flight instruments also comprises
instruments which provide direct indication of an aircraft’s attitude.
There are three such instruments, namely a gyro horizon (sometimes
called an artificial horizon), a direction indicator, and a turn-and-
bank indicator. The complete group constitutes what is termed the
‘basic six’ arrangement, details of which were given in Chapter 1
(see page 20).

The three additional instruments utilize a gyroscopic type of sensing
element, the properties of which need to be understood before going
into the construction and operating details of each instrument.

The gyroscope and As a mechanical device a gyroscope may be defined as a system

its properties containing a heavy metal wheel or rofor, universally mounted so that
it has three degrees of freedom: (i) spinning freedom, about an axis
perpendicular through its centre (axis of spin XX,); (ii) tilting
freedom, about a horizontal axis at right angles to the spin axis (axis
of tilt YY,); and (iii) veering freedom, about a vertical axis
perpendicular to both the other axes (axis of veer ZZ)).

The three degrees of freedom are obtained by mounting the rotor in
two concentrically pivoted rings, called inner and outer rings. The
whole assembly is known as the gimbal system of a free or space
gyroscope. The gimbal system is mounted in a frame as shown in
Fig. 4.1, so that in its normal operating position, all the axes are
mutually at right angles to one another and intersect at the centre of
gravity of the rotor.

The system will not exhibit gyroscopic properties unless the rotor is
spinning; for example, if a weight is suspended on the inner ring, it
will merely displace the ring about its axis YY,; because there is no
resistance to the weight. When the rotor is made to spin at high
speed, however, the device then becomes a true gyroscope possessing
two important fundamental properties: gyroscopic inertia or rigidity,
and precession. Both these properties depend on the principle of
conservation of angular momentum, which means that the angular
momentum of a body about a given point remains constant unless
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Figure 4.1 Elements of a
gyroscope.
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some force is applied to change it. Angular momentum is the product
of the moment of inertia (/) and angular velocity (w) of a body
referred to a given point — the centre of gravity in the case of a
gyroscope.

If a weight is now suspended from the inner gimbal ring with the
rotor spinning it will be found that the ring will support the weight,
thus demonstrating the first fundamental property of rigidity. It will
also be found, however, that the complete gimbal'system will start
rotating about the axis ZZ,, such rotation demonstrating the second
property of precession.

These rather intriguing properties can be exhibited by any system
in which a rotating mass is involved, and a simple example of such a
system is the bicycle. If we lift the front wheel off the ground, spin it
at high speed, and then turn the handlebars, we will feel rigidity
resisting us, and precession trying to twist the handlebars from our
grasp. Other familiar mechanical systems possessing gyroscopic
properties are aircraft propellers, and jet engine compressor and
turbine assemblies.

The two gyroscopic properties may be more closely defined as
follows:



Rigidity. The property vhich resists any force tending to change
the plane of rotor rotation. It is dependent on three- factors: (i) the
mass of the rotor, (ii) the speed of rotation, and (iii) the distance at
which the mass acts from the centre, i.e. the radius of gyration.

Precession. The angular change in direction of the plane of
rotation under the influence of an applied force. The change in
direction takes place, not in line with the force, but always at a
point 90° away in the direction of rotation. The rate of precession
also depends on three factors: (i) the strength and direction of the
applied force, (ii) the moment of inertia of the rotor, and (iii) the
angular velocity of the rotor. The greater the force, the greater is
the rate of precession, while the greater the moment of inertia and
the greater the angular velocity the smaller is the rate of
precession.

Precession of a rotor will continue, while the force is applied,
until the plane of rotation becomes coincident with that of the
force. At this point there will be no further resistance to the force
and so precession will cease.

The axis about which a force is applied is termed the input axis,
and the one about which precession takes place is termed the output
axis.

Determining the direction of precession

The direction in which a gyroscope will precess under the influence
of an applied force may be determined by means of vectors and by
solving certain gyrodynamic problems, but for illustration and
practical demonstration purposes, there is an easy way of determining
the direction in which precession will take place, and also of finding
out where a force must be applied for a required direction. It is done
by representing all forces as acting directly on the rotor itself.

At (a) in Fig. 4.2, the rotor-is shown spinning in a clockwise
direction and with a force F applied upwards on the inner ring. In
transmitting this force to the rim of the rotor, as will be noted from
(b), it will act in a horizontal direction. Let us assume for a moment
that the rotor is broken into segments and concern ourselves with two
of them at opposite sides of the rim as shown at (c). Each segment
has motion m in the direction of rotor rotation, so that when force F
is applied there is a tendency for each segment to move in the
direction of the force. This motion is resisted by rigidity, but the
segments will turn about the axis ZZ; so that their direction of
motion is along the resultant of motion m and force F. The other
segments will be affected in the same way; thesefore, in being
combined to form. the solid mass of a rotor it will precess at an
angular velocity proportional to the applied force (see diagrams (d)
and (e)).



Figure 4.2 Gyroscopic
precession (1). (a) Gyro resists
force; (b) transmission of
torce; (c) effect on rotor
segments; (d) generation of
precession; (e) effect of
precession,
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In the example illustrated in Fig. 4.3(a), a force F is applied to the
outer ring; this is the same as transmitting the force to the rotor rim
at the point shown at (b). As in the previous case this results in the
direction of motion changing to the resultant of moticn m and force
F. This time, however, the rotor precesses about the axis YY, as
indicated at (d) and (e).



Figure 4.3 Gyroscopic PLANE OF
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segments: (d) generation of
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References
established by
Qyroscopes

o) ’ {e)

For use in aircraft, gyroscopes must establish two essential reference
datums: one for the detection of pitch and roll attitude changes, and
the other for the detection of changes about the vertical axis, i.e. a

directional reference. These datums are established by using vertical
and horizontal spin-axis gyroscopes respectively as shown in Fig.
4.4, Both types utilize their fundamental properties in the following
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Figure 4.4 References
cstablished by gyroscopes.

Limitations of a free
gyroscope
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manner: rigidity provides a stabilized reference unaffected by
movement of the supporting body, and precession controls the effects
of apparent and real drift thus maintaining stabilized datums.

It will also be noted from Fig. 4.4 that the pitch, roll, and
directional attitudes of an aircraft are determined by its displacement
with respect to each appropriate gyroscope. For this reason,
therefore, the gyroscopes are referred to as displacement-type
gyroscopes. Each one has three degrees of freedom and,
consequently, three mutual axes, but for the purpose of attitede
sensing, the spin axis is discounted since no useful attitude reference
is provided when displacements take place about the spin axis alone.
Thus, in the practical case, the two types of gyroscope are further
classified as two-axis displacement gyroscopes.

In flight, the attitudes of an aircraft must be referenced with respect
to the earth’s surface, and this being so requires that a free or space
gyroscope, thus far considered, be corrected for drift with respect to
the earth's rotation, called apparen: drift, and for wander as a resuit
of carrying a gyroscope over the earth’s surface, called transport
wander,

Apparent drift

The earth rotates about its axis at the rate of 15°/hour, and in
association with gyrodynamics, this is termed earth rate (w,). When a



Figure 4.5 Drift and transpont
wander.
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free gyroscope is positioned at any point on the earth’s surface, it
will sense, depending on the latitude at which it is positioned, and on
the orientation of its spin and input axes, various components of w, as
an angular input. Thus, to an observer on the earth having no sense
of the earth’s rotation, the gyroscope would appear to veer or drift.
This may be seen from Fig. 4.5(a) which illustrates a horizontal-axis
gyroscope at a latitude A, At ‘A’, the input axis is aligned with the
local N—S component of w,; therefore, to an cbserver at latitude N -
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the gimbal system would appear to drift clockwise (opposite to the
earth’s rotation) in a horizontal plane relative to the frame, and at a
rate equal to 15° cos A. When the input axis is aligned with that of
the earth (‘B’), drift would also be apparent, but at a rate equal to
w,, 1.e. 15°/hour. If the input axis is now aligned with the local
vertical component of w, (‘C” in the diagram) the apparent drift
would be equal to 15° sin A.

In order to further illustrate drift, we may consider diagram (b) of
Fig. 4.5, which is a plan view of a free horizontal-axis gyroscope
positioned at the North pole with its input axis (ZZ,) aligned with
that of the earth. After three hours the earth will have rotated through
45°, and the gyroscope will appear to have drifted through the same
amount but in the opposite direction. After six hours the earth’s
rotation and apparent drift will be 90°, and so on through a complete
24-hour period.

If the same gyroscope were to be positioned so that its input axis
ZZ, was aligned with the E—W component of », at any point, its
spin axis would then be vertical; in other words, it becomes a
vertical-axis gyroscope. Since the plane of rotation is coincident with
that of the earth, there will be no apparent drift.

Real drift

Real drift results from imperfections in a gyroscope such as bearing
friction and gimbal system unbalance. Such imperfections cause
unwanted precession which can only be minimized by applying
precision engineering techniques to the design and construction.

Transport wander

Let us again consider a horizontal-axis gyroscope which is szt up
initially at the North pole, with its input axis aligned with that of the
earth. In this position it will exhibit an apparent drift equal to w,.
Assume now that it is carried to a lower latitude, -and with its input
axis aligned with the local vertical component of w,. During the
period of transport it will have appeared to an observer on the earth
that the spin axis has tilted in a vertical plane, until at the new
latitude it appears to be in the position shown at (c) of Fig. 4.5. This
apparent tilt, or transpor: wander, would also be observed if, during
transport, the input axis were aligned with either a local N—S
component, or a local E~W component of w,.

Transport wander will, of course, appear simultaneously with drift,
and so for a complete rotation of the earth, the gyroscope as a whole
would appear to make a conical movement. The angular velocity or
transport rate of this movement will be decreased or increased
depending on whether the E—W component of an aircraft’s speed is



towards east or west. The N—S component of the speed will increase
the maximum divergence of the gyroscope axis from the vertical, the
amount of divergence depending on whether the aircraft’s speed has a
N or S component and also on whether the gyroscope is situated in
the northern or southern hemisphere.

The relationship between w,, transport wander, and input axis
alignment are summarized in the following table:

Input axis alignment

Local north Local east Local verticai

Earth rate W, COS A nil w, sin A
Transport wander v i v tan A
R R R

w, = earth’s angular velocity; A = latitude; R = earth’s radius; V =
N—S8 component of transport velocity; U = E—W component of
transport velocity.

If the input axis of a gyroscope were to be positioned such that its
spin axis was vertical, then during transport it would only exhibit
transport wander.

Control of drift and transport wander

Before a free gyroscope can be of practical use, drift and transport
wander must be controlled so that the plane of spin of the rotor is
maintained relative to the earth; in other words, it requires
conversion to what is termed an earth gyroscope.

" Drift, as already pointed out, relates only to horizontal-axis
gyroscopes, and it can be controlled either by (i) calculating
corrections using the earth rate formulae given in the preceding table
and applying them as appropriate, e.g. to the readings of a direction
indicator; (ii) applying fixed torques which unbalance the gyroscope
and cause it to precess at a rate equal and opposite to w,; (iii)
applying torques having a similar effect to that stated in (ii) but
which can be varied according to the latitude in which the gyroscope
is being used. '

The control of transport wander is normally achieved by using
gravity-sensing devices which automatically detect tilting of the
gyroscope’s spin axis, and applying the appropriate corrective
torques.
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Displacement
gyroscope limitations

Methods of operating
gyroscopic filght
Instruments
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The operation of some typical control methods will be described
later under the headings of the appropriate flight instruments.

Depending on the orientation of its gimbal system, a displacement
gyroscope can be subject to certain operating limitations; one is
referred to as gimbal lock and the other as gimbal error.

Gimbal lock

This occurs when the gimbal orientation is such that the spin axis
becomes coincident with one or other of the axes of freedom which
serve as attitude displacement references. Let us consider, for
example, the case of the spin axis of a vertical-axis gyroscope shown
in Fig. 4.4 becoming coincident with the ZZ, axis. This means, in
effect, that the gyroscope would ‘lose’ its spin axis, and since the
plane of spin would be at 90° to the ZZ, axis but in the same plane
as displacements in roll, then the stable roll attitude reference would
also be lost. If, in this ‘locked’ condition of the gimbal system, the
gyroscope as a whole were to be tarned, then the forces acting on the
gimbal system would cause the system to precess or topple.

Gimbal error

This is an error which is also related to gimbal system orientation,
and it occurs whenever the gyroscope as a whole is displaced with its
gimbal rings not mutually at right angles 1o each other. The error is
particularly relevant to horizontal-axis gyroscopes when used in
direction indicating instruments (see page 127).

There are two principal methods of driving the rotors of gyroscopic
flight instruments: pneumatic and electric.

Pneumatic

The pneumatic method is adopted in a number of small types of
aircraft, and may be either vacuum or pressure. A typical vacuuin
system is shewn schematically in Fig. 4.6; it consists of an engine-
driven pumnp that is connected through pipelines to the avpropriate
flight instruments. A vacuum indicator, a relief valve, and a central
air filter are also provided. In operation the pump creates a vacuum
that is regulated by the valve at a value between 3.5 and 4.5 in Hg.
Some types of turn-and-bank indicator may operate at a lower value



Figure 4.6 Vacuum-operated
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and this is obtained by including an additional relief valve in the
main supply line. .

Each instrument case has two connections: one is made to the
pump and the other is made internally to a spinning jet system that is
open to the surrounding atmosphere via the central air filter. When
vacuum is applied, the pressure within the cases of the instruments is
reduced to allow surrounding air to enter and emerge through the
spinning jets. The jets are positioned adjacent to a series of recesses
(commonly called ‘buckets’) formed in the periphery of each
gyroscope rotor, so that as the airstreams impinge con the ‘buckets’,
the rotors are rotated at high speed.

An example of a relief valve is shown in Fig. 4.7. During system
operation the valve remains closed by compression of the spring, the
tension of which is pre-adjusted to obtain the required vacuum so that
air pressure acting on the outside of the valve is balanced against
spring tension. If for some reason the adjusted value should be
exceeded, the outside air pressure would overcome spring tension,
thus opening the valve to allow outside air to flow into the system
until the balanced condition was once again restored.

In' some small types of turbine-engine aircraft that have
pneumatically-operated instruments installed, the vacuum is created
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Figure 4.7 Relief valve.
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by bleeding air from the engine compressor and passing it through an
ejector/venturi (see Fig. 4.6).

A pressure-operated system is, as far as principal components are
concerned, not unlike a vacuum system but, as will be noted by
comparing Figs 4.6 and 4.8, a changeover of system inlet and outlet
connections is necessary.

Electric
In electrically-operated instruments, the gyroscopes are special
adaptations of ac or dc motors that are designed to be driven from
the appropriate power supply systems of an aircraft. In current
applications, ac motors are adopted in gyro horizons, while dc motors
are more common to turn-and-bank indicators. Gyroscopes used for
the purpose of direction indicating can also be motor-driven, but they
npormally form part of a magnetic heading reference system, or of the
more widely adopted flight director systems. These systems will be
covered in later chapters.
Gyro horizon A gyro horizon indicates the pitch and roll attitude of an aircraft
principie relative to its vertical axis, and so for this parpose it employs a
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Figure 4.8 Pressure-operated
system.
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displacement gyroscope whase spin axis is vertical. Indications of
attinde are presented by the relative positions of two elements, one
symbolizing the aircraft itself, the other in the form of a bar
stabilized by the gyroscope and symbolizing the natural horizon.
Supplementary indications of roll are presented by the position of a
stabilized pointer and a fixed roll angle scale. Two methods of
presentation are shown in Fig. 4.9,

The gimbal system (see Fig. 4.10) is arranged so that the inner
ring forms the rotor casing and is pivoted parallel to an aircraft’s
lateral axis YY,; the outer ring is pivoted at the front and rear ends
of the instrument case, parallel to the longitudinal axis ZZ,. The
element symbolizing the aircraft may be either rigidily fixed to the
case, or it may be externally adjustable for setting a particular pitch
trim reference.

In operation the gimbal system is stabilized so that in level flight
the three axes are mutually at right angles. When there is a change in
an aircrafi’s attitude, it goes into a climb, say, the instrument case
and outer ring will move about the axis YY, of the stabilized inner
ring. The horizon bar is pivoted at the side and to the rear of the
outer ring, and engages an actuating pin fixed to the inner ring, thus
forming a magnifying lever system. The pin passes through a curved
slot in the outer ring. In a climb attitude the bar pivot carries the rear
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Figure 4.9 Gyro horizon
presentations. (a) Bottom bank
scale; (b) 10p bank scale.

110

end of the bar upwards so that it pivots about the stabilized actusting
pin. The front end of the bar is therefore moved downwards through
a greater angle than that of the outer ring, and since the movement is
relative to the symbolic aircraft element, the bar will indicate a climb
attitude.

Changes in the lateral attitude of an aircraft, i.e. rolling, displace
the instrument case about the axis ZZ,, and the whole stabilized
gimbal system. Hence, lateral attitude changes are indicated by
movement of the symbolic aircraft element relative to the horizon
bar, and also by relative movement between the roll angle scale and
pointer.

Freedom of gimbal system movement about the roll and piich axes
is 360° and 85° respectively, the latier being restricted by means of a
‘resilient stop”. The reason for this restriction is to prevent gimbai
fock (see page 106).

Pasumatic type of gyro horizon

A typical instrument of the vacuum-driven type is shown in Fig.
4.1%1. The rotor is pivoted in ball-bearings within the inner
ring/casing which is, in turn, pivoted in outer ring bearings. The
upper bearing of the rotor is spring-loaded 1o compensate for the
effects of differential expansion between the rotor shaft and casing
undet varying temperature conditions. A background plate which



Figure 4.10 Principle of gyro
horizon. 1 Symbolic aircraft, 2
rotor, 3 outer ring, 4 inner
ring, S balance weight, 6 pivot
point, 7 actuating pin, 8
horizon bar, 9 roll pointer and
scale.

Figure 4.1/ Preumatic type of
gyro horizon. 1 Sky plate,

2 inner gimbal ring, 3 resilient
stop, 4 balance nut,

S temperature compensator,
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gimbal ring, 9 actuator anm,
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symbolizes the sky is fixed to the front end of the outer ring and
carries the roll pointer which registers against the roll angle scale.

A vacuum supply connection is provided at the rear of the
instrument case, together with a filtered air inlet. The latter is
positioned over the outer ring rear-bearing support and pjvot which
are drilled to communicate with a channel in the outer ring. This
channel terminates in diametrically-opposed spinning jets within the
rotor casing, the underside of which has a number of outlet holes in
it.

When the vacuuin system is in operation, the air pressure within
the instrument case becomes lower than that of the surrounding air,
which is then able to pass through the filtered inlet and to the
spinning jets. The air issuing from the jets impinges on the rotor
buckets, thus imparting even driving forces to spin the rotor at
approximately 15 000 rev/min in an anti-clockwise direction as
viewed from above. After spinning the rotor, the air passes through a
pendulous vane unit (see page 114) attached to the underside of the
rotor casing, and is finally drawn off by the vacuum source.

Electric gyro horizon

This instrument is made up of the same basic elements as a
pneumatic type, with the exception that the gyroscope is an ac
squirrel-cage induction motor which operates from a 115 V, 400 Hz,
three-phase supply source.

One of the essential requirements of any gyroscope is to have the
mass of the rotor concentrated as near to the periphery as possible,
thus ensuring maximum inertia. This presents no difficulty where
solid metal rotors are concerned, but when adopting electric motors
as gyroscopes some rearrangement of their basic design is necessary
in order to achieve the desired effect. An induction motor normally
has its rotor revolving inside its stator, but to make one small enough
to be accommodated within the confines of an instrument would mean
too smalil a rotor mass and inertia. This is overcome by designing the
rotor and its bearings so that it rotates on the outside of the stator;
thus, for the same required size of motor the rotor mass is
concentrated further from the centre, thereby increasing the radius of
gyration and inertia.

The motor assembly is carried in a housing which forms the inner
ring, this in turn being supported in the outer ring bearings. The
horizon bar assembly is pivoted and actuated in a manner similar to
that already described on page 109. The ac power supply is fed to
the motor stator via slip rings, wire brushes and finger contact
assemblies, thereby allowing for all gimbal ring movements.

When power is applied, a rotating magnetic field is set up in the
stator; the field, in turn, inducing a current in the squirrel-cage rotor.



Figure 4.12  Standby attitude
indicator.

The effect of this current is to produce magnetic fields which interact
with the stator’s rotating field causing the rotor to turn at a speed of
approximately 20 000—23 000 rev/min. A solenoid-operated ‘power
off’ warning flag is also provided.

Standby attitude indicators

Many aircraft currently in service employ flight director systems, or
more sophisticated electronic flight instrument systems, all of which
comprise indicators having the capability of displaying not only
attitude data, but also the data from other navigational systems. In
such cases, therefore, the role of a conventional gyro horizon is
relegated to that of secondary or standby, for use as a reference in
the 'event of any failure that might occur in the attitude display
sections of the aforementioned primary systems.

An example of one type of gyro horizon designed for use as a
standby attitude indicator is shown in Fig. 4.12. Its gyroscope is
powered by 115 V, three-phase ac supplied by a static inverter
which, in turn, is powered by 28 V dc from the battery busbar of an
aircraft. Power from such a source is always available, thereby
ensuring continuity of indicator operation. In place of the morz
conventional stabilized horizon bar method of displaying attitude, a -
stabilized spherical element is adopted as the reference. The upper
half of the element is coloured blue to dispiay climb attitudes, ard is
divided, by an horizon line, from the lower half which is in black
and displays descending attitudes. Each half is graduated in 10°
increments, the upper one up to 80°, and the lower up o0 60°. Roll
or bank angles are indicated in the conventional manner.

A pitch trim adjustment and a fast-erection facility are provided,
both being controlled by a knob in the lower right-hand comer of the
indicator bezel. When the knob is rotated in its normally. ‘in’
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Figure 4.13 Pendulous vane
unit. (a) Construction; (5)
precession due to air reaction;
{c) gyro in vertical position;
(d) gvro tilied.
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position, the aircraft symbol may be positioned through £5°, thereby
establishing a variable pitch trim reference. Pulling the knob out ard
holding it actuates a fast-erection circuit {see also page 119).

Erection systems for gyre horizons

These systems are designed for the purpose of erecting the gyroscope
to, and maintaining it in, its vertical spin-axis position during
operation. The systems adopted depend on the particular design of
gyro horizon, but they are all of the gravity-sensing type and in
general fall into two main categories: mechanical and electrical.

Pendulous vane unit
This is a mechanical system adopted for the gyro horizon described
on page 110. It is fastened to the underside of the rotor housing and
as indicated in Fig. 4.13(a) it consists of four knife-edged,
pendulously-suspended vanes clamped in pairs on two intersecting
shafts and passing through the unit body. Cne shaft is parallel to the
axis YY, and the other to the axis ZZ,. In the sides of the body there
are four elongated ports (A, B, C and D), one under each vane.
After having spun the rotor, air is exhausted through the poris,
emerging as four streams and in the directions indicated. The reaction
of the air as it flows through the ports applies a force to the unit




Figure 4.14 Ball-type erection
unit. (2) Gyro vertical.

(b) tilted away from front of
instrument; (c) precession to
vertical.
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body. The vanes, under the influence of gravity, always hang in the
vertical position and it is this feature that is utilized to govern the
airflow from the ports and to control the reaction forces applied 1o
the gyroscope.

When the gyroscope is in its normal vertical position as at (b) the
knife edges of the vanes bisect each of the ports, making all four
openings equal. All four air reactions are therefore equai and the
resultant forces about each axis are in balance.

If now the gyroscope is displaced, so that, for example, its top is
tilted towards the front of the instrument as at (c), the pair of vanes
on the axis Y'Y, remain vertical, thus opening the port D and closing
the port B. The increased reaction of the air from D results in a
force being applied to the bedy in the direction of the arrow, about
axis XX,. This force is equivalent to one applied on the underside of
the rotor and to the left, or at the top of the rotor at point F as
shown at (d). Precession back to the vertical position will therefore
take place at point P, and the vanes will again bisect the ports to
equalize the air reactions.

Ball-type erection unit

This mechanical system is applied to some designs of electric gyro
horizon; it utilizes the precessional forces resulting from gravity on a
number of steel balls displaced within a rotating holder suspended
from the gyroscope housing as shown in Fig. 4.14. The balls are free
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to roll across a radiused erecting disc and into and out of a number
of specially profiled hooks in a plate fixed around the inner edge of
the holder. The spacing of the hooks is chosen so as to regulate the
release of the balls when the gyroscope tilts, and to shift their mass
to the proper point on the erecting disc to apply the force required
for precession. Rotation of the holder takes place through reduction
gearing from the gyroicope’s rotor shaft; the speed of the holder is
approximately 25 rev/min,

When the gyroscope is in its normal operating position, as shown
at (a), the balls change position as the holder rotates but their mass
remains concentrated at the centre of the disc. Under this condition, -
gravity exerts its greatest pull at the centre of the mass, and therefore
all forces about the principal axes of the gyroscope are in balance.

At (b) the gyroscope’s vertical axis is shown displaced about pitch
axis YY, away from the front of the instrument. The displacement of
the ball holder causes the balls to roll towards the hooks, which at
that instant are on the low side; therefore the force due to gravity is
now shifted to this side. Since the hooked plate is rotating (clockwise
viewed from above), the balls and the point at which the force is
acting will be carried round to the left-hand side of the holder. In this
position the balls remain hooked and their mass remains concentrated
to allow a force to be exerted at the left-hand side of the holder as
indicated at (c). This force may also be considered as acting directly
on the left-hand bearing of the gyroscope housing and outer ring.
Transferring this point of applied force to the rotor rim, precession
will then take place about axis YY, to counteract the displacement.

As the erector mechanism continues to rotate, the balls will be
carried round to the high side of the holder, but one by one they will
roll into the hooks at the lower side. Thus, their mass is once again
concentrated at this side, allowing the force and precession to be
maintained as they are carried around to the left-hand side. This
action continues with diminishing movement of the balls as the
gyroscope erects to its normal vertical position, at which the balls are
at the centre of the disc and the force due to gravity is again
concentrated at the centre of the mass.

Displacement of the gyroscope in other directions about its lateral
or longitudinal axes will result in similar actions to those described.

Torque motor and levelling switch system

This system is used in a number of electrically-operated gyro
horizons and the remote vertical gyroscope units associated with
flight director systems. It consists of two torque control motors
operated independently by liquid levelling switches, which are
mounted, one parallel to the lateral axis, and the other parallel to the
longitudinal axis. The disposition of motors and switches is illustrated
diagrammatically in Fig. 4.15.



Figure 4.15 Torque motor and PITCK TORQUE MOTOR
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The laterally-mounted switch detects roll displacement and is
connected to its torque motor so that a corrective force is applied
around the pitch axis. Pitch displacements are detected by the
longitudinally-mounted switch, which is connected to its torque motor
so that corrective forces are applied around the roll axis. Each switch
is in the form of a sealed glass tube containing three electrodes and a
small quantity of either mercury or an electrolytic solution.

Each torque motor consists of a stator and a squirrel-cage rotor.
The roll torque motor has its stator fixed to the outer ring of the
gyroscope, and its rotor fixed to the inner ring. The stator of the
pitch motor is fixed to the instrument frame, and its rotor fixed to the
outer ring.

The electrical interconnection of the components that comprise each
system is indicated in Fig. 4.16(a). In the case of mercury levelling
switches, the mercury will lie at the centre of the tubes and, being in
contact with the centre electrode, will supply a voltage to the
reference windings of their respective torque motors, only when the
gyro is running and in its normal operating position. The two outer
electrodes are connected one to each section (designated ‘A’ and ‘B’)
of their respective torque motor control windings; thus, in the normal
operating position of the gyro the contro! winding circuit is open.

When the gyro is displaced about one of its axes, the appropriate
levelling switch will also be displaced so that the mercury bridges the
gap between the centre clectrode and one or other outer electrode.
This completes a circuit to either the ‘A’ or ‘B’ section of the
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respective torque motor control winding, depending on the direction
of gyro displacement.

iIn order for the torque motor to apply the necessary corrective
torque to the gimbal system, the magnetic field of the motor stator
must be made to rotate. As will be noted from Fig. 4.16, the voltage
to the reference winding is applied via a capacitor, and so, as in any
ac circuit containing capacitance, the phase of the current is shifted
so as to lead the voltage by 90°.

The control winding circuit has no capacitance, and so the voltage
and current flowing through it are in phase; therefore, and because
the control and reference windings are both supplied from the same
power source, reference winding current must also lead control
winding current by 90°. This out-of-phase arrangement (called phase
quadrature) applies also to the magnetic field set up by each
winding.



Thus, with current and a magnetic field flowing through the
appropriate half of the control winding resulting from a displacement
of the gyro, a resultant field is preduced which rotates within the
torque motor stator in either a clockwise or anti-clockwise direction.
As the field rotates, it cuts the conductors of the rotor and induces a
current in them; this in turn produces a magnetic field that interacts
with the stator field and creates a tendency for the roter to rotate
with the stator field. This tendency is opposed because of the rigidity
of the gyro, and consequently a reactive torgue is set up in the
torque motor and is exerted on the associated gimbal ring to precess
the gyro and levelling switch to their normal operating position.

In the case of levelling systems utilizing electrolytic solution-type
switches, the supply of current to the control winding sections of a
torque motor is controlied in a different manner to that of mercury
levelling switch systems. The reason for this is, as will be noted from
Fig. 4.16(b), that the electrodes are always immersed in the
electrolytic solution, and the circuits to the contrel winding of a
torque motor are always closed. In the normal stabilized vertical
position of the gyro, the switch electrodes are in equa! amounts of
electrolyte and so the currents flowing in each section of a torque
moter contrel winding are equally opposed. Since the electromagnetic
effects on the rotors are also equally opposed then no torques will be
applied to the gimbal system.

When a switch is displaced it causes a change in the amount of
surface area of electrolyte in contact with the electrodes and, in turn,
an imbalance in the electrical resistance of the control winding
circuit. This may be noted from diagram (c): at the ‘low end’
electrode there is a greater amount of electrolyte and, in accordance
with basic electrical principles, this means low resistance and so more
current will flow in that half of the control winding connected to that
electrode. A corresponding rotating field is therefore produced to set
up a reactive torque in the torque motor for precessing the gyro and
levelling switch to the normal stabilized position and in the same
manner as that described carlier.

Fast-erection systems

These systems are used in some types of electrically-operated gyro
horizons for the purpose of bringing their gyros to the vertical
position as quickly as possible from large angles of tilt, particularly
during starting.

A control device is therefore provided which, in a typical system,
activates a set of contacts to introduce a higher voltage and current
flow through the control phase windings of the erection torque
control motors. The resulting higher torque applied thereby increases
the precession rate. To prevent overheating of the stator coils a time
limit (typically 15 seconds) is imposed on system operation. Certain
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types of gyro horizon utilize a system whereby the gimbal system is
mechanically caged when the operating knob is operated.

Erection rate
This is the term used to define the time taken, in degrees per minute,
for a vertical gyroscope to take up its normal operating position
under the control of its particular type of erection system. Ideally, the
rate should be as fast as possible under all conditions, but in practice
such factors as speed, turning and acceleration of an aircraft, and the
earth’s rotation, all have their effect and must be taken into account.
Thus, erection systems are designed so that, for small angular
displacements of a gyroscope from the vertical, the erecting couple is
proportional to the displacement, while for larger displacements it is
made constant. It is also arranged that the couple gives equal erection
rates for any rotor axis displacement in any direction in order to
reduce the possibility of a slow cumulative error during manoeuvring
of an aircraft. Normal rates provided by some typical erection
systems are 8°/min for pneumatic-type gyro horizons, and 3—5°/min
for those that are electrically operated.

Errors due to acceleration and turning

Since gyro horizon erection devices are of the pendulous type, it is
possible for them to be displaced by the forces acting during the
acceleration and turning of an aircraft, and unless provision is made
to counteract this the gyroscope spin axis would be precessed to a
false vertical position, thereby presenting a false attitude indication.
For example, let us consider the effects of a rapid acceleration in the
flight direction, firstly on the vane type of erection device, and
secondly on the levelling switch and torque motor type.

As shown in Fig. 4.17(a) the acceleration force will deflect the two
athwartships-mounted vanes to the rear, thus opening the right-hand
port. The greater reaction of the air flowing through this port applies
a force to the underside of the rotor causing it to precess forward
about the axis YY,. The horizon bar is thus displaced downwards,
presenting a false climb indication.

In the case of levelling switches (Fig. 4.17(b)), an acceleration
force will deflect the liquid in the one related to pitch to the rear of
its tube. A circuit will thus be completed to the control winding of
the pitch torque motor which, in the manner described on page 117,
will precess the gyroscupe forward and will therefore also produce a
false climb indication.

In both cases the precession is due to a natural response of the
gyroscope, and the pendulous vanes and/or liquid always return to
their neutral positiens, but for as long as the disturbing forces
remain, such positions apply only to a false vertical. When the forces



Figure 4.17 Acceleration ACCELERATION
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are removed the false climb indication will remain initially and then
gradually diminish under the influence of precession, restoring the
gyroscope to its normally true vertical position.

- It should be apparent from the foregoing that, during periods of
deceleration, a gyro horizon will present a false indication of descent.
When an aircraft turns, false indications about both the pitch and

roll axes can occur, due to.what are termed ‘gimbailing effects’
brought about by forces acting on both sets of pendulous vanes or
both levelling switches, as appropriate. There are, in fact, two errors
Ane to turning: erection errors and pendulosity errors.
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Erection errors As an aircraft enters a turn, the gyroscope’s spin
axis will initially remain in the vertical position and so an accurate
indication of the roll or bank angle will be presented. In this position,
however, the longitudinally-mounted penduious vanes, or the roll
levelling switch, are acted upon by centrifugal force. This force will
be applied to the gyroscope in such a direction that it will tend to
precess towards the perpendicular along which the resultant of
centrifugal and gravity forces are acting, Thus, the gyroscope erects
to a false vertical and introduces an error in roll indication. Such
errors may be compensated by one of the following methods: (i)
inclination of the gyroscope’s spin axis; (ii) erection cut-out; and (iii)
pitch-bank compensation.

inclined spin axis This method is based on the idea that, if the top
of the axis can describe a circle about itself during a turn, then only
a single constant error will result. In its application, the methed is
mechanical in form and varies with the type of gyro horizon, but in
all cases the result is to impart a constant tilt of the axis from the
vertical (typically 1.6° or 2.5°). In pneumatic types of gyro horizon,
the athwartships-mounted pendulous vanes are balanced so that the
gyroscope is precessed to the tilted position; in certain electric gyro
horizons, the pitch levelling switch is fixed in a tilted position sc that
the gyroscope is precessed away from the true vertical in order to
overcome what it detects as a pitch error. The linkages between
gyroscope and horizon bar are so arranged that during level flight the
horizon bar will indicate this condition.

Erection cut-our  An example of this method as applicable to
electrically-operated gyro horizons incorporates additionaj liquid-level
switches positioned in pairs on the pitch and roll axes. The switches
are connected to the torgue motors in such a way that under the
influence of forces they isolate the control winding circuits from the
main erection switches. Operation of the system may be understood
from Fig. 4.18 which shows the arrangement applicable to pitch
erection cut-out. The pairs of switches are set at an angle to each
other in order to differentiate between acceleration and deceleration
forces.

Assuming that an acceleration occurs, the electrolyte in the pitch
erection switch will be displaced in the opposite direction, and as we
have already learned, the change in electrical resistance of the
electrolyte will produce an unbalanced condition in the torque motor
control winding circuit, and a torgue tending to precess the gyro; in
this case, to a false vertical position. At the same time, however, the
acceleration force displaces the electrolyte in cut-out switch ‘A’ 1o
complete a circuit to a solid-state switch which then operates to open
the ground connection of the control winding; torque motor operation



Figure 4.18 Erection cut-out.
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is thereby prevented. Switch ‘B’ performs a similar function but
under the influence of a decleration force.

Roll erection cut-out is accomplished by another identically-
arranged pair of switches connected to the roll torque motor, except
of course that they are angled to differentiate between the centrifugal
forces corresponding to left and right turns.

Pitch-roll (bank) erection This method is a combined one
(incorporated in some gyro horizons utilizing mercury-type levelling
switches) in which the roll levelling switch is disconnected during a
turn by the pitch levelling switch. It is intended to correct the varying
pitch and roll errors and operates only when the rate of turn causes a
centrifugal acceleration exceeding 0.18 g, which is equivalent to a
10° tilt of the roll erection switch. As shown schematically in Fig.
4.19, two additional switches, connected in a double-pole changeover

123



Figure 4.19 Pitch-roll (bank)
erection.
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arrangement, are provided and are interconnected with the normal
erection systems.

Let us consider first a turn to the left and one creating a centrifugal
acceleration less than 0.18 g. In such a turn, the mercury in the roll
levelling switch will be displaced to the right and wiil bridge the gap
between the supply and right-hand electrodes, thus completing a
circuit to the roll torque motor. This is the same as if the gyroscope
axis had been tiited to the right at the commencement of the turn; the
roll torque motor will therefore precess the gyroscope back to a false
vertical, and left of the true one. At ths same time, the axis tilts
forward due to gimballing effect, and the mercury in the ptich
switch, being unaffected by centrifugal acceleration, moves forward
and completes a circuit to the pitch torque motor, which precesses the
gyroscope rearwards. The two additional switches, which are also
mounted about the roll axis, do not come into operation since the
mercury in them is not displaced sufficiently to contact the right-hand
electrodes. Thus, with acceleration less than 0.18 g there is no
compensation.

When acceleration is in excess of 0.18 g, the mercury in the roll
levelling switch is displaced to the end of the tube and so disconnects
the normal supply to its torgue motor, i.e. it acts as an erection cut-
out. The pitch switch, however, stili responds to a forward tilt and
remains connected to its forque motor, and, as will be noted from the
diagram, it also connects a supply to the lower of the two additional
switches. Since the mercury in these switches is also displaced by the
acceleration, a circuit is completed from the lower switch to the roll



Direction indicator

torque motor, which precesses the gyroscope axis to the right to
reduce the roll error. At the same time, the pitch switch completes a
circuit to its torque motor, which then precesses the gyroscope axis
rearward, so reducing the pitch error. Thus, during turns a constant
control is applied about both the pitch and roll axes by the pitch
levelling switch.

The changeover function of the additional switches depends on the
direction of gyroscope tilt in pitch. This is indicated by the broken
arrows in Fig. 4.19; the gyroscope and the pitch levelling switch now
being tilted rearward, the latter connects a supply to the upper
additional switch so that the direction of the supply to the roll torque
motor is changed, and the gyroscope is precessed to the left. The
change in direction of the supply to the roll torque motor is also
dependent on the direction of turn, as a study of Fig. 4.19 will show.

Since the forces produced depend on an aircraft’s speed and rate of
turn, then all erection errors will vary accordingly, thus making it
difficult to compensate for them under all conditions. It is usual,
therefore, particularly for instruments employing the inclined axis
method of compensation, to base compensation on standard values,
e.g. a rate [ turn of 180°/min at a speed of 200 mph.

This indicator was the first gyroscopic instrument to be introduced as
a heading indicator, and although for most aircraft currently in
service it has been superseded by remote-indicating compass systems
and flight director systems, there are still applications of it in its
pneumatically-operated form. The instrument employs a horizontal-
axis gyroscope and, being non-magnetic, is used in conjunction with
a magnetic compass; it defines the short-term heading changes during
turns, while the magnetic compass provides a reliable long-term
heading reference as in sustained straight and level flight. In addition,
of course, the direction indicator overcomes the effects of magnetic
dip, and of turning and acceleration error inherent in the magnetic
compass (see Chapter 3).

In its basic form, the outer ring of the gyroscope carries a circular
card, graduated in degrees, and referenced against a lubber line fixed
to the gyroscope frame. When the rotor is spinning, the gimbal
system and card are stabilized so that, by turning the frame, the
number of degrees through which it is turning may be read on the
card.

The manner in which this simple principle is applied to practical
indicators varies between types, but we may consider the vacuum-
driven version illustrated in Fig. 4.20(a) and (b), which is used in the
basic instrumentation of some types of small aircraft.

The rotor is enclosed in a case, or shroud, and supported in an
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inner ring which is mounted in an outer ring, the bearings of which
are located at the top and bottom of the indicator case. The front of
the case contains a cut-out through which the card is visible, and also
the lubber line reference.

When the vacuum system is in operation, the reduced pressure
created within the case allows surrounding air to enter through a
filtered inlet and to pass through channels in the gimbal rings to
emerge finally through jets. The air issuing from the jets impinges on
the rotor ‘buckets’, causing the rotor to rotate at speeds between
12 000 and 18 000 rev/min.

A caging and setting knob is provided at the front of the case to sct
the indicator on the same heading as that of the magnetic compass.
When this knob is pushed in, an arm is lifted thereby locking the
inner ring at right angles to the outer ring, and at the same time
meshing gearing between the knob and the outer ring. Thus, a
heading can be set by rotating the knob and the whole gimbal system.
The reason for caging the inner ring is to prevent it from precessing

128



when the outer ring is rotated, and to ensure that, on uncaging, their
axes are mutually at right angles.

Control of drift

Drift, as we have already learned (see page 102), is a fundamental
characteristic of a horizontal-axis type of gyroscope, and so for
practical direction indicating purposes, earth rate error, transport
wander, and real drift must be controlled. This is generally effected
by gimbal ring balancing and by erection devices.

Gimbal ring balancing

The method of controlling earth rate error is deliberately to unbalance
the inner ring so that a constant force and precession are applied to
the gimbal system. The imbalance is effected by a nut fastened to the
inner ring, and adjusted during initial calibration to apply sufficient
outer ring precession to cancel out the drift at the latitutde in which it
is calibrated. For all practical purposes, this adjustment is quite
effective up to 60° of latitude on the earth’s surface.

Erection devices

These form part of the rotor air-drive system and are so arranged that
they sense misalignment of the rotor axis in terms of an unequal air
reaction. In the indicator already described, this is accomplished by
exhausting air over a wedge-shaped plate secured to the outer ring as
shown in Fig. 4.20(c).

In the normal horizortal position of the rotor axis, the air flowing
from the outlet of the casing is equally divided, and the reaction of
the air applies equal and opposite forces to the faces of the wedge.
When the rotor is tilted, the air outlet is no longer bisected by the
wedge; thus, the reaction forces are unbalanced, and if the greater
force is visualized as being applied to the rotor rim, then it and the
inner ring will be precessed until the forces are again equal and

opposite.

Gimbal errors

A definition of gimbal error has already been given (see page 106).
In the case of a direction indicator, errors are dependent upon: (i) the
angle of climb, descent, or roll; (ii) the angle between the rotor axis
and longitudinal axis of an aircraft. Fig, 4.21 illustrates the gimbal
system geometry when an aircraft is in particular attitudes.

At (a) an aircraft is represented as flying straight and level on an
easterly heading, and as the gimbal system geometry is such that the
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Figure 4.21 Gimbal errors,

28

. FRAME

CQUTER GIMBAL RING

ROTOR

INNER GIMBAL RING

rotor axis lies N—8, the three axes of the system are mutually at
right angles, and the heading will be indicated without error. The
same would also be true if an aircraft were flying on a westerly
heading.

If an aircraft rolls to the left or right on either an easterly or
westerly heading, or executes a left or right turn, the outer gimbal
ring will be carried about the axis of the stabilized inner ring
(diagram (b}). In this condition the cardinal headings, or changes of
heading during turns, would also be indicated without error.

At (c) an aircraft is assumed to be descending so that, in addition
to the outer gimbal ring being tilted forward about the rotor axis, the
inner ring also rotates, both rings maintaining the same relationship
to each other. Again, there is no gimbal error; this would also apply
in the case of a climbing attitude.

When an aircraft carries out 2 manoeuvre which combines changes



Turn-and-bank
indicator

in roll and pitch attitudes, e.g. the banked descent shown at (d}, the
outer ring is made to rotate about its own axis, thus introducing a
gimbal error causing the indicator to show a change of heading.

If an aircraft is flying on an intercardinal heading. the rotor axis
will be at some angle to the aircraft’s longitudinal axis, as at (e), and
gimballing errors will occur during turns, rolling in straight and level
flight, pitch attitude changes or combinations of these.

When the heading is such that the aircraft’s longitudinal axis is
aligned with that of the gyroscope rotor, rolling of the aircraft on a
constant heading will not produce gimballing error because the
gimbal system also rotates about the rotor axis. If, however, rolling
is combined with a pitch attitude change, the effect is the same as the
combined manoeuvre noted earlier (diagram (d)).

Whenever the angular relationship between the gimbal rings is
disturbed during a manoeuvre. an indicator’s erection device will be
attempting to re-erect the rotor into a new plane of rotation and will
cause false erection, the magnitude of which depgnds on how long
the erecting force is allowed to operate, i.e. on the duration of the
manoeuvre. The magnitude of the force itself will depend on the
angle of the rotor to the device. Thus, on completion of a4 manoeuvre
it is possible to have an error due to false ercction. and during a
manoeuvre an error can be caused which is a combination oi toth
gimballing effect and false erection.

This indicator contains two independent mecharisms: a
gyroscopically-controlled poinier mechanism for the detcction and
indication of the rate at which an aircraft turns, and a mechanism for
the detection and indication of bank and/or slip. The dial presentation
of a typical indicator is shown in Fig. 4.22(a).

Rate gyroscope

For the detection of rates of turn, a rate gyroscope is used and is
arranged in the manner shown at (b) in Fig. 4.22. It differs in two
respects from the displacement gyrescopes thus far described: it has
only one gimbal ring, and it has a calibrated spring connected
between the gimbal ring and casing to restrain movement about the
tongitudinal axis YY,. i.e. it is a single-axis gyroscope.

When the indicator is in its normal operating position the rotor spin
axis. due to the spring restraint, will always be horizontal and the
turn pointer will be at the zero datum mark. With the rotor spinning,
its nigidity will further ensure that the zero position is maintained.

Let us assume that the indicator is turned to the left about a
vertical input axis. The rigidity of the rotor will resist the turning
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Figure 4.22 Turn-and-bank/
slip indicator.
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movement, which it detects as an equivalent force being applied to its
rim at point F. The gimbal ring and rotor will therefore be tilted
about the longitudinal axis as a result of precession at point P.

As the gimbal ring tilts, it stretches the calibrated spring until the
force it exerts prevents further deflection of the gimbal ring. Since
precession of a rate gyroscope is equali to its angular momentum and
the rate of turn, then the spring force is a measure of the rate of
tarn. The actual movement of the gimbal ring from the zero position
can, therefore, be taken as the required measure of turn rate.

In practice, the gimbal ring deflection is generally not more than
6°, the reason for this being to reduce the error due to the rate of
turn component not being at right angles to the spin axis during
gimbal ring deflection
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Figure 4.23 Ball-type bank
indicating element. (a) Level
flight; (b) correctly banked;
{c) underbanked (skidding out
of turn); (d) overbanked
(slipping into the turn).

The rate of turn pointer is actuated by the gimbal ring and a
magnifying system which moves the pointer in the correct sense over
a scale calibrated in what are termed ‘standard rates’. Although they
are not always marked on a scale, they are classified by the numbers
1 to 4 and correspond to turn rates of 180°, 360°, 540° and 720°
per minute respectively. The marks at either side of zero of the
indicator scale shown in Fig. 4.22 correspond to a Rate 1 tern.

A system for damping out oscillations of the gyroscope is also
incorporated and is adjusted so that the turn pointer wili respond to
fast rate of turn changes and at the same time respond to a definite
turn rate instantly.

It should be noted that a rate gyroscope requires no erecting device
or correction for random precession, for the simple reason that it is
always centred by the control spring. For this reason also, it is
unnecessary for the rotor to rotate at high speed, a typical speed
range being 4000—4500 rev/min. The most important factor in
connection with speed is that it must be maintained constant, since
precession of the rotor is directly proportional to its speed.

Bank indication

In addition to the primary indication of turn rate, it is also necessary
to have an indication that an aircraft is correctly banked for the
particular turn. A secondary indicating mechanism is therefore
provided which depends for its operation on the effect of gravitational
and centrifugal forces. A method commonly used for bank indication
is one utilizing a ball in a curved liquid-filled glass tube as illustrated
in Fig. 4.23.

-

{e) (b)

{c)
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Figure 4.24 Mechanism of a
preumatic-type turn-and-bank -
indicator.

132

In normal level flight {diagram (a)) the ball is held at the centre of
the tube by the force of gravity. Let us assume now that the aircraft
turns to the left at a certain airspeed and bank angle as at diagram
(b). The indicator case and the tube move with the aircraft, of
course, and because of the turn, centrifugal force in addition to that
of gravity acts upon the ball and tends to displace it outwards from
the centre of the tube. However, when the turn is executed at the
correct bank angle and matched with airspeed, then there is a
balanced condition between the two forces and so the resultant force
holds the ball at the centre of the tube as shown. If the airspeed were
to be increased during the turn, then the bank angle and centrifugal
force would also be increased, but so long as the bank angle is
correct for the appropriate conditions, the new resultant force will
still hold the ball at the centre of the tube.

If the bank angle for a particular rate of turn is not correct, say
underbanked as in diagram (c), then the aircraft wili tend to skid out
of the turn. Centrifugal force will predominate under such conditions
and will displace the ball from its central position. When the turn is
overbanked, as at (d), the aircraft will tend to slip into the turn and
so the force due to gravity will now have the predominant effect on
the bail. It will thus be displacec. from centre in the opposite
direction to that of an underbanked turn.

Typical indicator

The mechanism of a typical pneumatic type of indicator is shown in
Fig. 4.24. Air enters through a filtered inlet situated at the rear of
the case and passes through a jet from which it is directed onto the
rotor buckets. The direction of spin is in the direction of flight.
Adjustment of gyroscope sensitivity is provided by a screw attached




Turn coordinator

Figure 4.25 Turn coordinator.

to one end of the rate control spring. A stop is provided to limit
gimbal ring movement to an angle which causes slightly more than
full-scale deflection (left or right) of the rate of turn pointer.

A feature common to all indicators is damping of gimbal ring
movement to provide ‘dead beat’ indications. In this particular type,
the damping device is in the form of a piston, linked to the gimbal
ring, and moving In a cylinder or dashpot. As the piston moves in
the cylinder, air passes through a small bleed hole, the size of which
can be adjusted to provide the required degree of damping.

The slip indicator is of the ball and liquid-filled tube type, the
operation of which has already been described.

This instrument is a development of the turn-and-bank indicator, and
is adopted in lieu of this in a number of small types of aircraft. The
primary difference, other than the display presentation, is in the
setting of the precession or output axis of the rate gyroscope. This is
set at about 30° with respect to an aircraft’s longitudinal axis, thus
making the gyroscope sensitive to rolling or banking as well as
turning. Since a turn is initiated by banking, then the gyroscope will
precess, and thereby move the aircraft symbol to indicate the
direction of the bank, enabling a pilot to anticipate the resulting turn.

-The turn is then controlled to the required rate as indicated by the

alignment of the symbol with the graduations on the outer scale. In
the example illustrated in Fig. 4.25 the graduations correspond to a

ACTUATING PIN
AIRCRAFT SYMBOL
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rate 2 (2-min) turn. Coordination of the turn is indicated by the ball-
type indicator remaining centred in the normal way (see page 131).
In some indicators, a pendulous type of indicator may be adopted for
this purpose.

The gyroscope is a dc motor operating at approximately 6000
rev/min; in some cases, a constant-frequency ac motor may be used.
The annotation ‘no pitch information® on the indicator scale is given
to avoid confusion in pitch control which might result from the
similarity of the presentation ta that of a gyro horizon.

Damping of the gyroscope may be effected by using a silicone fluid
or, as in the indicator illustrated, by a graphite plunger sliding in a
glass tube.



5 Synchronous

Categories of synchro
systems

£

ta-transmission
systems

The instruments that have been described thus far are very basic in
concept, in that the display of appropriate data is achieved by
mechanical-type elements which require either a direct connection to
remotely-located sensing elements, as in the case of pneumatic
airspeed indicators, altimeters and vertical speed indicators, or which
provide indications directly from their sensing elements, as in
compasses and gyroscopic instruments. While such instruments can
still satisfy a primary role requirement in the instrumentation of small
types of aircraft, their application to large aircraft is restricted by
increase in distances between the locations of sensing elements and
flight deck panels. In order, therefore, to overcome some of the
problems that can arise, e.g. having to run lengthy pipelines between
sensors and instruments, an electrical method of transmitting changes
in measured quantities is adopted. This is not new, of course, having
originated in the days when it became necessary to improve the
measuring accuracy of those instruments associated with the operating
parameters of engines and, in particular, their use in multi-installation
arrangements.

As part of the technigque of ‘remote indicating’, synchronous data-
transmission systems, or synchro systems as they are generically
known, were introduced. They consist of transmitting and receiving
elements which, in varying circuit configurations, are now utilized
not only in certain engine instruments, but also in analogue-type air
data computers, remote-indicating compasses, and in flight director
systems for heading and aircraft attitude sensing.

Synchro systems are divided into four main categories as follows:

1. Torque This is the simplest form of synchro, in which torque is
derived solely from the input to its transmitting element; no
amplification of this torque takes place. Moderate torque only is
developed at the output shaft of the receiving element, and for this
reason the system is used for data-indicating purposes, e.g. oil or
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fuel pressure, and for the indication of the position of mechanical
controlling devices, e.g. airflow control valves.

2. Control This type of synchro normally forms part of a
servomechanism to provide the requisite signals which, after
amplification, are used for the control of a drive motor.

3. Resolver This is used where precise angular measurements are
required. It converts voltages, which represent the cartesian
coordinates of a point, into a shaft position and a voltage which
together represent the polar coordinates of the point. They can
also be used for conversion from polar to cartesian coordinates.
Typical applications are in analogue computers, remote-indicating
compasses, and flight director systems.

4. Differential This type of synchro is used where it is necessary to
detect and transmit error signals representative of two angular
positions, and in such a manner that the difference or the sum of
the angles can be indicated. They can be utilized in conjunction
with either torque, control or resolver synchro systems.

The foregoing synchros are designated by standardized
abbreviations and symbols as in Table 5.1.

Torque synchro system

This consists of a TX element and a TR element interconnected as
shown in Fig. 5.1. Both elements are electrically similar, each
consisting of a rotor carrying a single winding around a laminated
iron core, mounted co-axially within a stator core carrying windings
that are spaced 120° apart. The principal physical differences
between the two elements are that the TR is usually fitted with a
mechanical damper to reduce oscillation, and that the TX rotor is
mechanically rotated whereas the TR rotor is rotated by a magnetic
field produced by the TX.

Both rotors are supplied from a source of single-phase ac power via
sliprings and fine wire brushes, and the corresponding stator
connections are ‘oined by transmission.lines to form a closed circuit.
When the axis of a rotor is aligned with that of the S; winding of a
stator, a synchro is in what is termed the electrical zero position.
This serves as a datum when testing a synchro for accuracy.

When power is applied to the system, current flows in both rotor
windings and sets up an alternating magnctic flux. Since the rotor
windings and stator windings of the TX and TR correspond, in effect,
to the primary and secondary windings of a transformer, then the flux
induces an alternating voltage in the stator winding coils. The induced
voltages are at maximum, and in phase with the rotor voltages, in the
‘electrical zero’ position, and are zero when the rotors are at 90° to
this position. At 180°, the induced voltages are again maximum but



Table 5.1

Synchro type Abbreviation Circuit Symbol
Torque:
Transmitter TX
Receiver TR
Control:
Transmitter cX
%
m
k>3
a2
53
Receiver CT
3882
Resolver RS s i
st Rt
s A2

Differential (in a
torque system):
Transmitter TDX El

Receiver TDR M@
a2
Differential (in a "
control system):

Transmitter CDX =
Receiver CDR R 2

[

out of phase with the rotor voltages. At 270°, the induced voltages
will again be zero. Due to the 120° spacing of the stator coils, the
voltages appearing between the connection points S;, S, and S; will
be the sums or differences between the voltages induced in the stator
coils, depending on whether such voltages are in phase or 180° out
of phase.

When the TX and TR rotors are in the same angular positions, e.g.
the electrical zero position, the voltages induced in the staiors are
equal and opposite, and so no current will flow in the stator coils. If,
however, the rotors occupy different angular positions, e.g. the TX
motor is moved through an angle of 30° while the TR rotor is at
‘electrical zero’, then an unbalanced condition between voltages
induced in the stator coils arises.

This imbalance causes current to flow through the closed circuit
between TX and TR stators. The magnitude and phase of the currents
are in proportion to that of the induced voltages. The currents are
greatest in the coil sections of stator windings when the voltage

137



Figure 5.1 Torque synchro
system.
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imbalance is greatest; thus, with the TX rotor at 30°, the imbalance
is greatest in the section comprising coils S, and S,. The greatest
current therefore flows through these coils to the corresponding ones
in the TR stator.

The current flow through the TX stator produces a resultant
magnetic field, and as with normal transformer action, this field and
the one produced by current flowing in the rotor winding must
always be in balance; the directions of the fields are, therefore, in
opposition.

The current flowing through the TR stator also produces a resultant
magnetic field, but as the direction of current flow is opposite to that
through the TX stator, then the direction of the field will also be
opposite. The interaction of this field with that of the rotor will
develop a totque and thereby turn the rotor from ‘electrical zero’ 1
the same position as that of the TX. As the rotor turns, the imbalance
of induced voltages decreases, and in turn the currents produced by
them also decrease. When the TR rotor synchronizes with the 30°
position of the TX rotor, its field will be in alignment with the
resultant field, its voltages will be balanced, and current no longer
flows between the stators. The system is then said to be at the ‘auil’
position.

The foregoing action takes place as a result of positioning the TX



Figure 5.2 Interchange of TX
synchro connections.

(a) Symmetrical connections —
data coincide; (b) rotor
connections reversed — output
datum advanced 180°;

(¢) cyclic shift of stator
connections — output datum
advanced 240°; (d) two stator
leads interchanged — output
rotor reverses direction of
rotation.

rotor at any other angle; it is apparent, therefore, that if this rotor
were to be continuously rotated, then rotating magnetic fields would
be set up to provide synchronized and continuous rotation of the TR
rotor.

During operation, and because of the current flow in the stator
coils of the TX, a torque is also set up tending to turn its rotor out of
alignment. This torque, however, is overcome by the loads exerted
by the prime mover that actuates the TX.

In the event that the rotor and stator connections of a TX and TR
system are changed cver from the normal symmetrical arrangement
indicated in Fig. 5.1, then different operating results will be
produced. The TR rotor can still move synchronously with the rotor,
but it can do so from a different reference position, or in the reverse
direction. The possible rearrangements are illustrated in Fig. 5.2.
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Control synchro system

A control synchro system differs from the one just described in that
its function is to produce an error voltage signal in the receiver
element, as opposed to the production of a rotor torque. Typical uses
of the system are in servomechanisms such as: altimeters and
Mach/airspeed indicators that operate in conjunction with air data
computers, and in the indicators of flight director systems.

The interconnection of the two elements of the system are shown in
Fig. 5.3. The transmitter is designated as CX, and the receiver as
CT, signifiying control transformer. The CX is similar to 2 TX, and
from the diagram it will be noted that the single-phase ac power is
connected to its rotor only. The CT rotor is not energized since it
acts merely as an inductive winding for detecting the magnitude and
phase of error voltage signals which are supplied to an amplifier.
Other differences in a CT element are as follows:

(a) the rotor winding is on a cylindrical core, 10 ensure that the rotor
is not subjected to any torgue when the magnetic field of the CT
stator is displaced.

(b) it operates as a single-phase transformer with the stator windings
acting as the primary, and the rotor winding as the secondary.

(c) the stator winding coils are of high impedance to limit the
alternating currents through them.

{d) it is at electrical zero when the rotor is at 90° as shown.

When the CX rotor is energized, then, as in the case of a TX,
voltages are induced in the stator windings o produce resultant
magnetic fields when the rotor is at electrical zero (see diagram (a))
The induced voltages are applied to the CT stator coils and the
alternating flux produced induces a voltage in the rotor. The
magnitude of this voltage depends on the relative position of the
rotor; with the rotor at its ‘electrical zero’ position of 90° as shown,
the induced voltage is zero.

If the CX rotor is now rotated clockwise from its electrical zero
position as in diagram (b), the resultant flux in the CT stator will be
displaced from its datum point by the same angle, and relative to the
rotor at that instant. An error voltage is therefore induced in the
rotor, and with the connections as shown, the magnitude of the
voltage increases from zero, 2nd is alse in phase with the voltage
applied to the CX rotor. For an anti-clockwise rotation of the CX
rotor from electrical zero (as in diagram (c)), the error voltage
induced in the CT rotor again increases in magnitude, but this time it
is in anti-phase with the voltage applied to the rotor.

As commonly used in servomechanisms, the error voltage signal
from a CT rotor is supplied to an amplifier whicl, in turn, supplies
its output to the control phase of an ac servomotor. The other phase



Figure 5.3 Control synchro
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(the reference phase) of this motor is continuously supplied with ac.
Since the control phase of a two-phase motor can either lead or lag
the reference phase voltage, then the phase of the error voltage will
determine the direction in which the motor will rotate, and its
magnitude will determine its speed of rotation. "
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The servomotor drives the mechanism being controlled, and in
addition it turns the CT rotor in the direction appropriate to that in
which the CX rotor has been turned, thereby reducing the error
voltage. At zero error voltage, the synchros are at ‘null’ and the
mechanism being controlled is at the new datum established by the
positioning of the CX rotor.

In some control synchro servomechanisms, the servomotor also
drives a tacho-generator which produces a feedback signal that is
supplied to the amplifier for the purpose of controlling the rate at
which the servomotor rotates.

Differential synchros

In some applications it is necessary to detect and transmit error
signals representative of two angular positions, and in such a manner
that the receiver element of a synchro system will indicate the
algebraic difference or the sum of the two angles. This is achieved by
introducing a differential synchro into either a torque or control
synchro system, and then using it as a transmitter. Unlike TX or CX
synchros, the rotor of a differential synchro also has three star-
connected windings; the rotor core is of cylindrical shape. When
utilized in rorque or control synchro systems, differential synchros
are designated as TDX and CDX respectively.

Figure 5.4 shows the three synchros comprising a TDX system,
their interconnection in this case being set up for detecting the
algebraic difference between two inputs. One input shaft controls the
-angular position of the TX rotor, and the second input shaft controls
the angular position of the TDX rotor. Clockwise rotations of the
rotors are taken as positive, and anti-clockwise rotations as negative.
The TDX rotor windings are connected to the TR stator windings.
The TX and TDX rotors are at their electrical zero positions, and so
the resultant magnetic fields are as shown. The effects of the voltages

"induced in the TR stator will, therefore, produce resultant fields such
that its rotor will also be at electrical zero.

If now the TX rotor is rotated clockwise through 60° while the
TDX rotor remains at electrical zero as in diagram (a), the signals
generated in the stator of TX will be transmitted, unmodified, to the
TR stator windings and so the resultant fields will rotate its rotor
clockwise through 60°,

In diagram (b) the TX rotor is shown at the electrical zero position,
while the TDX rotor is rotated clockwise through 15°. The fields of
both synchros remain at electrical zero because their position is
determined solely by the orientation of the TX rotor. However, a 15°
clockwise rotation of the TDX rotor without a change in the position
of its field is equivalent to moving the rotor field 15° anti-clockwise
whilst leaving the rotor at electrical zero. This relative angular



Figure 5.4 TDX synchro
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Figure 5.5 Algebraic addiion.
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change is duplicated in the TR stator and so its rotor will align itself
with the field, i.e. for a 15° clockwise rotation of the TDX rotor, the
TX rotor will rotate 15° anti-clockwise.

When the algebraic addition of two inputs is required, the TX and
TDX stator connections S, and S,, and also the TDX rotor
connections R, and R; to the stator connections S, and 85 of the TR,
are interchanged as shown in Fig. §.5.

Figure 3.6 illustrates the effects produced by interchanging the
connections of a TDX system,

An alternative method of integrating two inputs into a single output
is to utilize a differential synchro as a receiver (TDR) in conjunction
with two TXs (one for each input) as shown in Fig. 5.7. The
interconnections are arranged to obiain the algebraic difference
between the {wo inputs.

As in the case of the basic TR synchro, the rotor of 2 TDR always
aligns itself so that its magnetic field coincides with thai of the
receiver stator. Assume now that the rotor of TX (A) is displaced
50° clockwise and the rotor of TX (B) is displaced 157 from their
electrical zero positions. This displacement of the rotor of TR (A)
displaces the stator magnetic field of TDR 60° clockwise from the
electrical zero position. The magnetic field of the TDR rotor is
derived from TX (B), thus a 15° displacement of its stator magnetic
field also causes a 15° displacement of the field of the TDK rotor.
The consequent rotation of the rotor to align its magnetic field with
that of its stator is thus 45° clockwise, thereby indicating the
difference {60° — 15°) in the angular displacements of the two TX
rotors.

If the connections K, and R, of the TDR rotor and the connections
S, and 8, are interchanged, the angular rotation of the rotor of TX
(B} from the electrical zero position gives rise to an equal and
opposiie displacement of the TDR rotor field. The angular movement
of this rotor to align its magnetic field with that of its stator is now



Figure 5.6 Interchange of
TDX system connections.
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75° clockwise, thus indicating the algebraic sum of the two inpuis to

the TDR.

In the sarme way that differential synchros can be used in torque
synchro systems,

so they can be used in systems utilizing control

synchros; the basic arrangement is shown in Fig. 5.8.

Resoiver synchros

As was pointed out at the beginning of this chapter, resolver synchros
are employed to convert voltages which represent the cartesian

coordinates of a point into a

shaft position and 2 voltage which
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Figure 5.7 TDR arrangement.
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together represent the polar coordinates of a point. Let us now see
what is meant by these terms and how they are related to a voltage.

If a vector representing an alternating voltage is drawn, then, as
indicated in Fig. 5.9, it can be defined in terms of its length
(designated r) and also of the angle @ it makes with a horizontal axis
X, these are referred to as the polar coordinates. This same vector
can also be defined in terms of x and y, where:

x=rcosf and y=rsiné

These two expressions are the cartesian coordinates.

Unlike torque or control synchros, a resolver has four stator
windings and four rotor windings arranged as shown in Fig. 5.10(a).
Stator windings S, and S, are in series and have a common axis
which is at right angles to that formed by S; and S, in series. A
similar arrangement applies to the rotor windings. For the purpose of
simplification, arrangements are usually shown as at the right of the
diagram.



Figure 5.8 CDX synchro
system.
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Figure 5.10(b) illustrates a common application of a resolver

whereby polar coordinates are converted to cartesian. An alternating
voltage is applied to one of the rotor windings and represents the
length r of the vector shown in Fig. 5.9. The other winding is
unused and is normally shorted-out to improve accuracy and to limit

spurious response.
The flux produced by the rotor current links with the stator

windings, and voltages are induced in them depending on the relative
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Figure 5.10 Resolver synchro,
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position of the rotor. In the position shown in Fig. 5.10, maximum
voltage is induced in the stator coils aligned with the rotor windings
in use, i.e. §, and §; aligned with R, and R,. No voltage is induced
in 8; and S, which are at right angles to the rotor flux.

Movement of the rotor at a constant speed will therefore induce
sinusoidal voltages across the two stator coils; these variations will be
equal to r cos # in §, and §; and to r sin & in 8; and 8,. The sum of
these two defines, in cartesian coordinates, the input voltage and
rotor shaft rotation, which together are the polar coordinates (r and 8
of Fig. 5.9).

Figure 5.11 shows the arrangement in which cartesian coordinates
are converted to polar. An alternating voltage V, = r cos § is applied
to the cosine winding 5, and S, and a voltage V, = rsin § is
applied to the sine winding S; and S;. An alternating flux of
amplitude and direction dependent on these veliages and representing
the cartesian coordinates is, therefore, produced inside the stator.

Cne of the rotor windings R, and R, is connected to an amplifier
and a servomotor which drives the output load, and also the rotor in
such a direction as to return the rotor to a ‘null’ position, i.e. at $0°

{b)



Figure 5.11 Conversion of
vartesian to polar coordinates.
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to the stator flux; the motor then stops. Rotor winding R, and R,
must now lie parallel to the stator field and has induced in it a
voliage proportional to the amplitude of the aliernating flux; in other
words, proportional to the Iength of vector r (Fig. 5.9) and equal to
J(Vi + W2). The shaft position then represents the angle 8. Thus, the
input defined in cartesian coordinates has been converted to an output
in terms of polar coordinates.

A synchrotel is generally used as a low-torque CT and is
interconnected with a CX synchro, but unlike the CT synchro applied
to the more conventional type of control system, it serves as a signal
transmitting element. The construction of a synchrotel, and its
interconnections, are shown schematically in Fig. 5.12. It employs a
stator core carrying three windings at 120° apart, but, as will te
noted, the rotor section differs from the conventional form of
construction in that: (i) the rotor, which is made of aluminium, is
hollow. and of oblique section; (ii) the rotor rotates in an air gap
formed between a fixed cylindrical core, the stator core, and the
single-phase rotor winding which is also fixed. The rotor shafl is
supported in jewelled bearings and concentric with the cylindrical
core, and is mechanically connected to the element whose position or
displacement is to be measured.

In a typical application, e.g. measurement of a fluid pressure, the
synchrotel rotor is connected to the appropriate pressure-sensing
element. The CT is located within a panel-mounted indicator,
together with a sefvo-amplifier and a servomotor. The CT rotor is
energized by a 26 Volts, 400 Hz single-phase ac supply which
induces voltages in its stator; since the stator is connected to the
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- Synchros and
electronic display
systems

synchrotel stator then a resultant radial alternating flux is established
across it.

For any particular pressure applied to the sensing element there
will be a corresponding position of the synchrote!l rotor and, due to
its oblique shape, sections of it will be cut by the radial stator flux.
Currents are thus produced in the rotor and, since it is pivoted
around the cylindrical core, an axial component of flux will be
created in the core. The core flux will also induce an alternating
voltage in the fixed rotor winding, and the amplitude of this voltage
will be a sinusoidal function of the relative positions of the rotor and
stator flux. This voltage is fed, via the servo-amplifier, to the control
phase of the two-phase servomotor which drives the CT rotor round
in its stator, thereby causing a change in synchrotel stator flux, to the
point where no voltage is induced in the rotor winding, i.e. the CT is
driven to the ‘null’ position. This position corresponds to the pressure
measured by the sensing unit at that instant, and since the servomotor
also drives the indicator pointer, then this will also be positioned to
register the pressure on the indicator scale.

The circuits of synchro systems, irrespective of their type and data
measurement application, are of the linear or analogue type, i.e. their
output signals vary continuously as a given function of the input. This
does not, however, preclude their use in conjunction with electronic
display systems whose circuits process all incoming data in a binary
digit and coded signal format. Operating details of the devices used
for converting analogue output signals from synchros into digital
format will be given in later chapters.
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Instruments and certain associated integrated systems utilizing signals
from digital computers have been in use for a very long time, and
they have operated alongside, and been integrated with, those systems
dependent upon outputs from the earlier types of analog computer.
For example, the digital computer of an inertial navigation system
(INS) can be supplied with altitude and airspeed data signals from an
analog type of air data computer (ADC). In such applications, signal
interfacing devices referred to as analog-to-digital (A/D) and digital-
to-analog (D/A) converters are also used. The A/D conversion is also
necessary in applications whereby analog sensors are retained for the
supply of signal outputs to digital computers.

In the mid- to late-’70s, the operational requirements for aircraft
became mere demanding and, in consequence, design concepts
underwent drastic changes which were to pave the way for greater
automation of in-flight management of aircraft and their systems. The
integration of systems which, of necessity, were to assume higher
levels of importance demanded greater capacity for processing of
their data outputs, and a faster means of data transfer; the application
of mixed computer technology was, therefore, no longer acceptable.
Thus ‘new technology’ types of aircraft have come into commercial
service, each having a large number of digital computers operating
within what is still an analog environment, and distributing their data
in binary-coded format via a ‘data highway’ bus system.

A digital computer is essentially a device which uses circuits that
respond to, and produces signals of, two values: namely, logic high
or binary 1, and logic low or binary 0. It is capable of performing
operations on data represented as a series of discrete impulses
arranged in the binary-coded or *bit” format. Figure 6.1 illustrates
what is generally termed the organization (sometimes architecture) of
the principal hardware elements of a computer. The central processor
unit (CPU) executes the individual machine instructions which make
up the computer program.

The binary-ceded format of the program consists of an operation
code which tells the computer what operation it is to start with next,
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and an operand which is the data to be operated on. The program,
together with procedures and associated documentation, form what is
termed the software.

The CPU contains a number of registers or temporary storage units
which can each store a single byte or word, an arithmetic fogic unit
(ALU) which performs the binary arithmetic and logic functions
associated with data manipulation, and a timing and control section
for co-ordinating CPU internal operation so that fetching and
execution of the instructions specified by a program is performed.
The typical organization of the CPU is shown in Fig. 6.2.

Communication between the CPU and memory, and the
input/output ports, is by means of a computer highway consisting of
three separate busses: the data -bus, address bus and control bus. The
term ‘bus’ signifies a group of conductors carrying one ‘bit’ per
conductor, and is represented on diagrams by a broad arrow
identified by function.

The data bus carries the data associated with a memory or
input/output transfer, and the number of lines constituting the bus is
the same as the number of bits (e.g. eight) in the CPU’s word length.
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The bus is usually bi-directional, i.e. the CPU can write data to be
read by a memory, or it can read data from the bus presented by the
memory. Thus, data transfer between the two can be effected over a
single set of data lines. All information transferred under program
control travels on the data bus via the CPU.

The address bus specifies the memory locations or input/output
ports involved in a transfer. The number of bits constituting this bus
has no direct relationship to the data bus word-length and depends on
the operation being performed; for example, at the beginning of an
instruction cycle the CPU must supply the address of the next
instruction in sequence to be fetched from the memory. During the
execution of the instruction, data may then be required to move
between the CPU and either the memory or an input/output port. If
this is the case, then the data memory address or input/output address
must be placed on the address bus by the CPU. Typically, the bus
contains 16 lines, and so gives the CPU the capability of addressing
up to 2'6 or 65 536 individual locations.

The control bus is also bi-directional since, being made up of
individual control lines for CPU memory and input/output control, it
synchronizes the transfer of ‘read-out’ and/or ‘write-in’ data-along the
data bus.

Memory

This consists of a number of storage locations for instruction words
whose bit patterns define specific functions to be performed, and for
data words to be used for carrying out the operations specified by the
instruction words. Each memory word is given a numbered location
or address which is itself a binary word. There are two types of
memory:

Random-Access Memory (RAM) in which stored data at any
location can be changed by ‘writing in’ new data at that location.
It can therefore also be called a read/write memory.

Read-Only Meriory (ROM) in which the binary information it
contains is permanently stored in it. The data, which can be
accessed in random fashion, are written in at the time of
manufacture, and so the specific program cannot usually be
changed afterwards. ’

In the organization of some digital computers, the two types of
memory are used together.

Memories are also classified as: volarile, i.e. one which loses its
stored data when the power supply is switched off, or non-volatile,
i.e. one that retains stored data even though the power supply is off.



Capacity and addressable locations

The capacity of a memory relates to ‘bit storage’ and is quoted in
kilobits (K): the prefix *kilo™ does not stand for 1000 in the usual
sense, but for 2'% or 1024. Thus, 8K = 8 x 1024 = 8192 bits
capacity.

The number of addressable locations in a memory is dependent on
its number of input/output data lines, and is derived from the bit
storage capacity divided by the number of data lines. This is because
each address location generally contains as many bits as it can pass
through the data bus. If, for example, a 1K memory has only one
data line, it will have 1024 separate addressable locations, but with
four data lines it can only be addressed at 256 locations. The number
of lines are decided by design and specified in the appropriate
manufacturer’s data sheets.

Input/Cutput (I/0) ports

These form the interface between a computer and the seurces of input
data and subsequent output data, and are generally under the control
of the CPU. Special I/O instructions are used to transfer data into
and out of the computer.

More sophisticated 1/O units can recognize signals from extra
peripheral devices called inrerrupis that can change the operating
sequence of the program. In some cases. units permit direct
communications between the memory and an external peripheral
device without interference from the CPU; such a function is called
direct memory access (DMA).

Computer languages

In the same way that we humans communicate with each other
through language, so a digital computer must use a language of one
sort or ancther to carry out its functions. There is, however, a big
difference between us and the computer in that when we are, say.
given an instruction to do something, the understanding of our own
language enables us to understand the instruction directly, and apart
from acting upon it, nc other conversion is required. This is not true
for a computer, because when we want to give it an instruction a
conversion from our language into the binary-coded language must
first be carried out. The digital code is called the machine code, and
if instructions for the computer can be programmed directly in this
code, the program is written in machine language, and overall it is
called a machine language program.

The task of converting to machine code is usually delegated to the
computer, which follows what is called an assembler program telling
the computer what to do. The choice of instruction can be made by
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selecting a mnemonic which is an abbreviation of what the instruction
does. This programming with mnemonic instructions is called
assembly language programming because, after the sequence is
written, it is fed into the assembler program which makes the
conversion to machine code and assembles it into the memory in the
proper order.

Such mnemonic codes are still unlike the human language, and so a
higher-level language-programming concept can be adopted in which
instructions are written in a problem-oriented or procedure-oriented
notation with each statement corresponding to several machine code
instructions. The conversion of the statements tg machine code is
done by a more involved computer program called a compiler. The
easier the programming is made by bringing the machine language
closer to the human langunage, the more complex is the computer
program needed to convert the machine language statements in
machine code. Once the conversion is available, however, it can be
used over and over again as necessary.

The majority of data to be processed by digital computers are, in the
first instance, in analog form, and so in order for the computers to
carry out their interpreting function, the data must be converted to a
binary-coded format. In many cases it is also necessary for data to be
converted from digital to analog format. The conversion devices used
for such purposes are of the integrated logic circuit type, and
respectively they perform encodmg and decoding functions as shown
graphically in Fig. 6.3.

The ideal A/D converter has a ‘staircase’ transfer characteristic,
with the analog input quantized into a number of levels corresponding
to the number of ‘bits’ resolution. The true analog value
corresponding to a given output code is centred between two decision
levels. For the idéal D/A converter, there is a one-to-one
correspondence between input and output.

The transfer of data between the individual computer systems of an
aircraft is a necessary feature of in-flight operation. For example,
under automatically-controlled flight conditions, an automatic flight
control system operates in conjunction with an INS, ADC, FDS
(flight director system) and radio navigation systems, and all these
involve an exchange of data to provzde appropriate commands to the
control system.

When conventional techniques are used to interconnect all the units
comprising individual systems, the extent of the cabling required is



Figure 6.3 Data conversion. 111~ S —
s )
(a) Analog~digital; 4
. »
(b) digital—analog. 110 .
o
.
1C1 .
’
© .
° 7
Q .
o 100 Code centre -
H ’
3 point o . I
=) ’
; 011 ” i,}\nalog transition point
E]
: o Qef -
010 ~ s :
s ’ l
001 !
. ’ N
000 T T T T T T T i
0 % FS % FS % FS FS
(@) Analog input (V)
FS my o = e e e e e e ey
) w i
o % FS— ,4' H
5 . ’
2 .
o a . j
2 uFs— —*:-/ i
< "
Y FS- g !
e {
= /]’ i
0~ t 1 T 1
0060 001 010 Q11 100 101 110 114
(v) Binary input code

considerable, particularly as individual wires must transfer signals
dedicated to each of the parameters being monitored. In maximizing
the utilization of digital computer-based systems, therefore, it became
necessary to adopt an aliernative method by which the exchange of
information could be effected by a network of single data busses,
known as a data highway, within an aircraft. In other words, this is
an adaptation of the data highway concept that is utilized within
digital computers themselves.

Each data bus consists of shielded and twisted pairs of wires, and
the voltage difference between them encodes a binary 0 or binary 1.
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All outgoing encoded data from the computers are identified by an
additional binary-coded word called a label. The label takes up the
first eight bits of each word and is octal-coded, i.e. coded to the
base 8.

The designation of labels to particular functions is arranged by an
aircraft manufacturer in reiation to each of the specific systems
installed in the type of aircraft concerned, and in accordance with
standard specifications. A specification accepted as an air transport
industry standards reference for the transfer of digital data is known
as ARINC 429 (ARINC is the abbreviated name of a US organization
‘Aeronautical Radio Incorporated’). As separate bus systems are
predictable for the different classes of aircraft systems, ARINC 429
includes some duplication of labels where it is known that the use of
a common label on the same bus for two different purposes will
occur. For example, label 315; defines ‘wind shear’ for navigational
purposes, but for flight control systems the same label defines
‘stabilizer position’.

Systems providing data outputs (referred to as transmitters) each
have their own data bus connecting them to the ‘receiver’ systems in
need of the data, as shown in Fig. 6.4. The shielding of the wires
comprising each data bus is connected to ground and, in particuiar, at
each branch to receivers. The maximum number of receivers that can
be connected to the same bus line is 20.

The digital computers of the different aircraft sysiems process data
in the form of specific messages or parallel binary words. The
messages are converted and transmitted in serial form, the reason for
this being that weight of transmission lines is reduced, and also
reliability is improved. The serial messages are then adapted into
high- and low-voltage levels, and transmitted along the data bus lines
in the form of strings of pulses. These comprise the word strings of a
message and correspond to those appropriate to all of the systems
detailed in the ARINC 429 specification. Each word is formed of 32
bits, each bit being either a binary 1 or a binary 0. As noted earlier,
the first eight bits comprise the label which identifies the source of
the message; the remaining bits are assigned to data, parity, sign and
status or validity. Two examples of a message are also shown in Fig.
6.4; one is labelled ‘DME distance’ and the other ‘Radio Altitude’.

In each case, bits 9 and 10 are assigned to what is iermed a Series
Destination Identifier (SDI); this applies when specific words need to
be directed to a specific system of a multi-system installation, or
when the source system needs to be recognized from the word
content. In the examples indicated the systems are, of course, the
DME and Radio Altimeter respectively.

The bits 11 to 29 are those assigned to the actual data being
transmitted which, in the case of our examples, are distance in
nautical miles, and radio altitude in feet. The groups of binary s and |
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Os (in bits 11 to 29) correspond to equivalent decimal numbers,
which indicate that the DME system computer is transmitting encoded
data corresponding to a distance of 257.86 nautical miles, while the
Radio Altimeier computer is transmitting data corresponding to an
altitude of 2450.5 feet.

Bits 30 and 31 are assigned to what is termed the Slgn/Status
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Figure 6.5 Refreshment rate.
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Matrix (SSM), which refers to plus, minus, north, south, left, right,
etc. of binary-coded decimal numeric data. They also refer to the
validity of data, and failure warning.

‘The detection of errors in codes and their correction is a very
important aspect in the transmission of digital data, and for this
purpose a parity check method is provided whereby a computer can
test whether bits in a binary word have been accidentally changed
during transmission. The test is done by automatic summation of the
bits comprising a word to determine whether the total number is odd
or even, and by calculating what is termed a parity bit: this forms the
last bit of a word, i.e. bit 32. If, for example, there is an odd
number of binary 1s among the first 31 bits, the parity bit is set to
‘1" to make the word of ‘even parity’. *Odd parity’ can also be used
where the parity bit is set to binary 0 to make the total number of
binary 1s odd. This latter form of parity is adopted in the ARINC
429 specification.

Data are transmitted in batches at a specified repetition or
refreshment rate along the appropriate busses, and at either high
speed (100 kilobits/sec) or low speed (12—14.5 kilobits/sec)
according to the frequency at which interfacing systems require an
update of information. This is shown in Fig. 6.5.

A standards specification of comparatively recent origin is the
ARINC 629. It relates to a data bus system called Digital
Autonomous Terminal Access Communications DATAC, conceived
by Boeing for use in the B777. Unlike ARINC 429 it is a two-way
bus requiring fewer wires and having a very much faster data transfer
rate.



Analog ADC

7 Air data computers

The term ‘air data’, as we learned from Chapter 2, relates to the
sensing and transmission of pitot and static pressures to indicators
which, on the basis of physical laws, are specifically designed to
measure such pressures in terms of airspeed, altitude and rate of
altitude change. In addition to these three indicators, however, there
are many other systems whose operation depends on an air data
input. The utilization of such systems in an aircraft does, in turn,
depend on its size and operational category.

Although it would not be impossible to connect these systems to
pressure probes and/or vents by pipelines, then, as may be imagined,
the amount of ‘plumbing’ required would have to be considerably
increased. Apart-from causing additicnal weight problems, there
could be others associated with maintenance. In order therefore to
minimize these problems the principle is adopted whereby the
pressures are transmitted to a centralized air data compurer (ADC)
unit, which then converts the data into electrical signals and trausmits
these through cables or data busses to the dependent indicators and
systems. Another advantage of an ADC is that circuits may be
integrated with their principal data modules in such a way that
corrections. for pressure error (PE), barometric pressure changes, and
compressibility effects can be automatically applied; in addition,
provision can also be made for the calculation of true airspeed (TAS)
from air temperature data inputs. The modulator arrangement of an
ADC, its associated indicators, and details of systems that utilize air
data inputs are shown in Fig. 7.1

An ADC may either be of the analogue type, or of the type which
processes and transmits data in digital signal format. The latter type
is now more widely used, but as analog computers are still adopted
in some types of aircraft we can, at this stage, and by way of
introduction to ADC operating principles overall, consider a typical
analog arrangement.

The arrangement of the basic modules of this type of computer and

their interfacing is shown in Fig. 7.2. Each module constitutes what
is termed a servomechanism, and is comprised of certain mechanical
elements, and S};nchros which perform the various functions already
described in Chapter 5. The output signals from each module are
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Figure 7.3 Force-balance
transducer.
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transmitted to their relevant indicators which, as we shall see later in
this chapter, are of the servo-operated type.

Transducers

The pipelines from an aircraft’s pitot pressure probe and static vent
system are connected vit1 a-manifold in the computer mounting to
pressure transducers in the computed airspeed and altitude modules.
The transducers are of the electro-mechanical type, the constructional
features of which vary dependent on those adopted by any one
manufacturer. One example we may consider is known as a force-
balance transducer which, as can be seen from the schematic diagram
in Fig. 7.3, consists of a capsule-type pressure sensor that actuates an
*E” and ‘I’ bar pick-off element.

The ‘E’ bar has an ac-powered primary input winding on its centre
limb, and a secondary output winding on each of its outer limbs;
these windings are connected to an amplifier. The ‘I’ bar is
mechanically connected to the capsule, the displacements of which
pivot the bar such that the gaps between its ends and the outer limbs
of the *E’ bar are increased or decreased. The ‘I’ bar is also
interconnected with a servomotor via a torsion bar, gear train and a
cam follower; the servomotor also forms part of the synchro system
appropriate to the computed airspeed and altitude modules.

In the static condition, i.e. a capsule is not subjected to a pressure
change, the gaps between the ends of the ‘I’ bar and outer limbs of
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the *E’ bar are equal. When ac is applied to the primary winding
then magnetic fields will be produced which, in the static condition,
will be equal and opposite; thus, no signals will be induced in the
secondary coils.

When a pressure change occurs, the capsule responds accordingly
and the force it produces displaces the ‘I’ bar so that one air gap
increases and the other decreases. The resulting changes in the
magnetic fields cause out-of-balance signals to be induced in the
secondary coils. After amplification, the signals are applied to the
control phase of the servomotor, which then drives the cam follower,
and torsion bar, to produce opposing torsional effects which start
- balancing the force exerted by the capsule, to ‘back-off’ the signals
induced in the secondary coils. Whef a constant pressure condition is
attained, equilibrium between capsule force and torsion is established,
and no further amplified signals are supplied to the servomotor.

In some types of ADC, the pressure transducers take the form of a
solid-state circuit device which utilizes what is termed the
piezoelectric* effect, i.e. the generation of electrical signals by
certain crystalline materials when subjected to pressure. The device
consists of quartz disks with a metallic pattern deposited on them,
and arranged in a thin stack such that they serve as a flexible
diaphragm. Thus, when subjected to pressure changes, the resultant
flexing sets up an electrical polarization in the disks so that electrical
charges are produced. The polarity of the charges depends on the
direction of flexing, in other words, on whether the pressure applied
is increasing or decreasing. All ouptut signals are supplied to the
appropriate type of transmission link adopted for the airspeed and
altinde modules.

Let us now refer once again to Fig. 7.2, in order to see how
pressure transducer output signals are processed and transmitted by
the various modules for the purpose of operating their associated
indicators.

Module operation

In the case of the computed airspeed module, the servomotor, in
response to the amplified output signals from the transducer, drives
the rotor of a CX synchro whose stator is connected to a CT synchro
within the indicator.

The servomotor also drives, via differential gearing, the rotor of an
RS that forms part of a static source error correction (SSEC) network
which, as shown in Fig. 7.2, originates in the Mach module of the
computer. The circuit of this network is pre-adjusted so that the
signal input to the RS is a correction factor signal corresponding to
the position error (PE) of the aircraft (see also page 34) in which

* From the Greek piezein, meaning ‘to press’.
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the ADC is installed. The output signals from the RS are supplied to
the pressure transducer circuit so that its output, which is a measure
of the pressure difference p,—p,, is in turn also corrected. Thus, the
servomotor and CX synchro rotor position are controlied to produce
an output compensated for PE as a function of Mach number.

In operation, the servomotor also drives a tachogenerator which
supplies rate feedback signals to the control amplifier to reduce the
input error voltage signals, and thereby prevent the motor from
‘overshooting” its controlled positions.

The altitude madule is comprised of a servomechanism
arrangement, whose only difference from the one just described is
that it operates in response to signals which are a measure of the
pressure p,. In addition to supplying signals to a servo-operated
altimeter, the module also determines rates of altitude change, i.e.
vertical speed (V/S). and produces the corresponding signals. Since
the rate of change involves a time factor, the measurement of V/S is
accomplished by supplying the rate signals produced by the
servomotor-driven tachogenerator to an integrating amplifier. This is
a device that performs the mathematical operation of integration so
that its output is substantially the integral with respect to time of the
input to the device. After integration. the signals are amplified and
supplied to a servo-operated VS! and/or to V/S mode select modules
which form part of the pitch channels of automatic flight contro! and
flight director systems.

An indication of speed in terms of Mach number can, as we
learned from Chapter 2 {see page 46). be derived by measuring it in
terms of the pressure ratio p,—p,/p;. In the case of basic
pneumatically-operated indicators (his, as we also learned,
necessitates that altitude and speed measuring elements be used in
combination with a mechanism that will perform the required dividing
furction. Fundamentally, this arrangement also applies to the Mach
module of an ADC. but in adopting synchronous transmission and
servomechanism methods of accurately measuring the three
parameters involved. it is incumbent to use an equaily accurate
method of performing the dividing function. In the example of ADC
shown in Fig. 7.2, the dividing is done by means of a differential
syachro in combination with a torque synchro system.

The differential synchro (TDX) is part of the computed airspeed
module servomechanism, the TX synchro is in that of the altitude
module, while the TR synchro is part of the Mach module
servomechanism.

When the altitude and computed airspeed modules are in operation,
the TX synchro rotor will be driven to some angular position within
its stator corresponding to the pressure sensed by the altitude module
transducer. The signals induced in the stator will be of a related
value, and these are transmitted te the TDX. In response to the



indlcators

signals produced by the transducer of the computed airspeed module,
the TDX rotor will also be at some corresponding angular position
within its stator. Since the angular positions of the TX and TDX
rotors are different, then, by virtue cf the connection arrangements
between the two synchros, the output signals from the TDX are the
difference between those produced by its rotor and the TX synchro,
and in terms of the required pressure ratio.

The signals are transmitted to the control amplifier in the Mach
module via the TR synchro. The servomechanism arrangement of this
module is the same as that of the computed airspeed and altitude
modules. The CX synchro transmits signals in terms of Mach number
to a digital counter which may be individually mounted on a panel or
combined with a Mach/airspeed indicator. The ‘nulling out’ of signals
under constant speed and altitude conditions is obtained by driving
the TR syachro rotor from the servomotor.

For the measurement of true airspeed (TAS) it is necessary to
utilize signals that are a measure of total air temperature (TAT).
These signals are generated by externally mounted sensing probes
(see page 62) and, in addition to an independent indicator, they are
also transmitted to the TAS module of the ADC via a potentiometric
network in the Mach module as shown in Fig. 7.2. This network
serves as a function generator in that it produces TAS output signals
that correspond to the values of a specified function of independent
variable inputs, in this case TAT and Mach speed. The output signals
are supplied to drive and control amplifiers for the operation of a
servomechanism consisting of a motor and CX synchro, the output
from which is supplied to an independent TAS indicator. The
servomotor also drives a ‘follow-up’ device which provides a signal
to the drive amplifier for the purpose of balancing out incoming TAS
signals.

Failure warning

Each module of the ADC incorporates a warning logic circuit
network which activates a warning flag in the associated indicators in
the event of loss of the respective data signals. Annunciator lights
corresponding to each module are provided on the end panel of the
computer, and are also illuminated in the event of failures. Once a
warning circuit has been triggered it remains latched.

The indicators that are used in conjunction with an ADC of the
analog type just described also contain servomechanisms, and when
connected to the computer they each form a complete servo loop with
the respective modules of the computer. These indicators may, in
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Figiure 7.4 Servo-operated
airspeed indicator.
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some applications, be of the combined pneumatic and servo type, as
for example the airspeed indicator shown in Fig. 2.16 of Chapter 2,
or they may be entirely servo-operated.

Airspeed indicators

In the case of the indicator referred to above, its indicated (IAS) and
maximum operating speed pointers are operated by pressure-sensing
capsules within the indicator, while a servomechanism is used for
driving a digital counter for the display of computed airspeed. The
servomechanism, which is illustrated in Fig. 7.4, operates in response
to the signals supplied to its CT synchro by the relevant module of
the ADC (see also Fig. 7.2).

A failure monitor circuit is also incorporated in the indicator and
comes into operation in the event of loss of power, or data signal
input from the ADC, and also if excessive ‘nulling’ occurs in the
digital counter servo loop. The circuit controls a solenoid-operated
flag such that it obscures the digital counter display. A check on flag
operation can be carried out by moving a computed airspeed switch
(see also Fig. 2.21} to its ‘off” position, thereby isolating the
excitation circuit of the CT synchro.

This indicator is also used in conjunction with an autothrottle
system, the purpose of which is to adjust the power settings of
engines in order to acquire, and then maintain, a commanded
airspeed. The system is also integrated with an aircraft’s automatic
flight control system (AFCS). Airspeed commands may be selected
either from the AFCS mode select panel, or by a command set knob
in the airspeed indicator.
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Figure 7.5 Command airspeed
circuit arrangement.

INDICATED AIRSPEED
MECHANICAL LINKAGE

GAIN AND | 4
FHASE

ERRCR e
] ADIST

T0
AUTOTHROTTLE
TE &

COMPUTER) , ;O W
o REFERENCE
ﬂ rc over — 8 L .. 1 HMARKER

28 V AC {(FROM pemenntee 28 V
AUTOTHROTTLE POWER
COMPUTE A1} B e Y TV e
pmeecetm  SYNCHRO
EXCITATION
AUTOTHRAOTTLE
AIRSPEED
SELECT COMMAND
{FROM MODE
BELECT PANEL}

SYNCHRAO

SERVO
REPEATER

COMMAND
AIRSPEED
SET XKOB

oc nv.

The command airspeed circuit arrangement within the indicator is
shown in Fig. 7.5, and from this it will be noted that it consists of a
CT synchro system, and a synchrotel mechanically connected with the
command speed set knob, a reference marker and a command speed
indicator.

Under normal operating conditions of the autothrottle system and
the AFCS, command airspeeds are set on a digital counter display on
the AFCS mode select panel. This setting also positions a CX
synchro rotor so that it can transmit equivalent signals to the indicator
servomechanism for the purpose of positioning the speed reference
marker and command speed indicator. In order that it may do so,
however, the clutch in the drive must, of course, be disengaged by
pulling out the command set knob; at the same time, a switch in the
CT synchro excitation circuit is held in the closed position.

The servomotor is also mechanically coupled to the synchrotel
transmitter, which differs from that described in Chapter 5 in that its
stator can also be rotated. The rotor is mechanically positioned within
the stator by the indicated airspeed pointer mechanism. The relative
positions of the two therefore produce an error signal ouptut
representing the difference between indicated airspeed and
commanded airspeed at any one instant. This output is then supplied
to the autothrotile sysiemn computer which then causes the power
output of the engines to be automatically adjusted to attain the
commanded speed. \
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Figure 7.6 Mach speed
indicator,

Figure 7.7 Scivo-operated
Mach/airspeed indicator,
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If it is required to set a command airspeed on the indicator itself,
the set knob must be pushed in to engage the servomechanism drive
clutch, This action also opens the switch in the excitation circuit of
the CT synchro, thereby isolating it from the servomotor. Rotation of
the set knob now provides for manual positioning of the reference
marker and synchrotel stator and, therefore, manual control of the
output signals to the autothrottle system computer. The command
speed digital counter is also rotated, but its display is obscured by a
yelfow ‘MAN’ flag, the sclenoid control circuit of which is also
isolated when the set knob is pushed in. In the event that a command
airspeed exceeding a certain value (in this example 250 knots) is set,
a black flag is triggered to obscure the counter display.

Figure 7.6 illustrates a display presentation of a Mach speed
indicator that is used in conjunction with the indicated/computed
airspeed indicator just described. The digital counter is servo-operated
by a CT synchro supplied with input signals from the Mach module
of the ADC.

The display presentation of a pure servo-operated indicator
(referred to as a Mach/airspeed- indicator) is shown in Fig. 7.7; it
may be used in conjunction with an ADC of either the analog or



digital type. Computed airspeed is displayed in knots by a distinctly-
shaped pointer and by a digital counter. The indication of speed in
terms of Mach number is shown by a digital counter display. A
striped pointer, which is also servo-driven, provides an indication of
V.o and M., (see page 42).

The speed reference knob and marker perform the same function as
that of the indicated/computed airspeed indicator described earlier.
The other markers are ‘memory bugs’ that are pre-set to indicate
certain operating speeds appropriate to the type of aircrafi, e.g. take-
off speeds, flap extension speed.

Five warning and indicating flags are provided as follows:

1. airspeed flag to indicate a failure in the airspeed circuit within the
indicator or ADC; 2. Mach flag to indicate failure in the Mach
circuits; 3. V,,, flag to indicate failure in the V,,, and M,,, circuits; 4.
‘INOP" flag that comes into view to indicate that the speed reference
marker is inoperative; and 5. ‘M’ flag that operates in conjunction
with the ‘INOP” flag to indicate manual setting of the speed reference
marker.

The internal circuit arrangement of the indicator is shown in Fig.
7.8. Power requirements are 26 V ac for synchro operation, and this
is distributed within the indicator via a power supply module. The
module also supplies 28 V dc for the operation of servomotors,
amplifiers, flag monitor circuits, etc.

Signals corresponding to computed airspeed are supplied from the
relevant module in the ADC to a CT synchro, the error signal output
from which is amplified to drive the servomotor connected to the
airspeed pointer and digital counter. At the same time, it drives the
synchro rotor to ‘null out’ the error signal. The servomotor also
drives, through 2:1 gearing, a potentiometer which supplies a dc
signal 10 an ‘anti-ambiguity’ circuit connected to the servo amplifier.
The purpose of the circuit is to ensure that the airspeed peinter is not
driven to a position 180° out with respect to ‘null’.

The airspeed servomotor also drives a synchro transmission loop,
the purpose of which is to transmit computed airspeed to an
autothrottle system. ‘

The airspeed pointer and counter drive mechanism also incorporaies
a specially calibrated cam and follower to provide square-law
compensation (see page 43). As the cam rotates it varies the
magnification rate of the pointer movement so as to maintain linearity
as speed increases.

The maximum airspeed poiater is driven by a servomotor which
receives its signals from a ¥, and overspeed processor circuit
module via an amplifier. The pointer is always driven to, and
‘nulled’ out at, a scale reading higher than that of the airspeed
pointer, by signals from a synchro whose rotor is also driven by the
servomotor. If airspeed is increased to the maximum value, the
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Fiyure 7.8 Mach/airspeed
indicator circuit.
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airspeed pointer will be driven to coincide with the maximum
airspeed pointer position, and the higher airspeed signal will be
detected by the V,,, and overspeed processor. This produces an output
signal that triggers a solid-state overspeed switch, causing it to
activate a Mach/airspeed aural wamning system (see page 70).

In order to drive the Mach number counter of the indicator,
synchro output signals corresponding to computed airspeed and
altitude are supplied from the respective modules of the ADC. As can
be seen from Fig. 7.8, the signals arz supplied to a synchro
multiplexer, and then after conversion from synchro to digital they



are fed to the V,,, and overspeed processor; after amplification they
drive the Mach counter via its servomotor. The motor also drives a
synchro whose output is fed back to the multiplexer to ‘null’ the
signals corresponding to Mach number, when constant speed values
are obtained.

The setting of command airspeeds and associated signals for
autothrottle system operation is done in a similar manner to that
described earlier. For automatic operation, i.e. settings made on an
AFCS mode select panel, or, in some cases, on a display unit of a
Performance Data Computer (PDC) system, the speed reference knob
of the indicator remains in its normal pushed-in position. In this
position a clutch is disengaged, and a switch in the servomotor circuit
is closed to provide a path to ground as shown in Fig. 7.8. When the
commanded airspeed is set.a command signal is supplied via an
amplifier to the speed reference marker servomotor so that it now
rotates the marker to the commanded speed. The servomotor also
drives the rotor of a synchro (indicated ‘A’) which then becomes de-
synchronized with respect to a second synchro (indicated ‘B’). Thus,
an error voltage signal corresponding to the difference between
computed and commanded airspeeds is transmitted to the autothrottle
system. As the airspeed changes in response to the commanded
engine power change, the airspeed pointer and counter are driven so
as to indicate the speed change. At the same time, the rotor of
synchro ‘B’ is rotated in order to reduce the error signal voltage
produced by synchro ‘A’. When the null position is reached, no
further output is supplied to the autothrottle system and the airspeed
pointer and counter are then at the commanded airspeed. A dc
potentiometer is also driven by the servomotor to provide position
feedback.

For manual operation, the speed reference knob is pulled out to
engage a gear type of clutch, and, as can be seen from Fig. 7.8, the
switch in the marker drive motor circuit now rotates the marker;
through a 2:1 ratio gear it also rotates the rotor of synchro ‘A’ to
establish an error signal for transmission to the autothrottle system in
the same manner as that resulting from automatic operation.

A logic circuit is provided in the speed reference system, its
purpose being to monitor the system (while the speed reference knob
is pushed in) for loss of power, nulling of the synchro/servo system,
and validity of the input signals from an AFCS mode select panel or
PDC display unit. If an invalid reference display should occur, the
‘INOP’ flag appears as shown in Fig. 7.8. This flag also appears
when the reference knob is pulled out for manual operation (the
monitor circuit is disabled in this case) together with the ‘MANUAL’
flag.

The remaining flags, i.e. V,,, 'MACH’ and ‘A/S’, appear under
the conditions referred to earlier.
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Figure 7.9 Pneumatic/servo-
operated altimeter.

The indication of true airspeed (TAS) is provided by a digital
counter type of indicator, the servomotor of which is supplied with
signals from the TAS module of the ADC. A failure monitor circuit
is incorporated in the "indicator for the operation of a yellow ‘OFF’
flag.

Altimeters

The display presentation of one example of pneumatic/servo-operated
altimeter, and the basic arrangement of its mechanism, are shown in
Fig. 7.9. The pneumatic section consists of two capsules which in
responding to changes in static pressure admitted to the indicator case
drive the pointer and digital counter in a manner similar to that of a
conventional pneumnatic altimeier. The pointer and counter are also
driven by signals supplied to a CT synchro from the altitude module
of the ADC, and since these signals are of higher resolution and
accuracy, pointer and counter operation is predominantly controlled
through the servo drive. The pneumatic section, therefore, performs a
standby role so that it can provide altitude indications in the event of
failures in the synchronous transmission loop. A control knob,
located at the front of the instrument, is provided for use in such
cases, and when moved from the ‘CADC" position to ‘STBY’, it
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isolates the CT synchro signal circuit and also electrically activates a
red ‘STBY’ flag. The flag is also automatically operated by a failure
monitor circuit similar to that incorporated in Mach/airspeed
indicators.

As in the case of pure pneumatically-operated altimeters, indicated
altitudes are corrected to standard pressure data by means of a
barometric pressure setting knob and counter mechanism. In addition,
however, the mechanism also positions the CT synchro stator with
respect to its rotor, thereby modifying the input signal from the ADC
altitude module. The resulting error signal voltage induced in the
rotor therefore drives the servomotor and, via the differential gearing,
the altitude poiater and counter are driven to the required pressure
altitude value. The servomotor also drives the CT synchro stator for
‘nulling out’ the error voltage signal. The barometric pressure setting
knob also positions the stator of a second CT synchro provided for
the purpose of supplying equivalent pressure altitude signals to the
altitude selection facility and pitch control computer of an AFCS.

The internal arrangement and display presentation of a servo-
operated altimeter is shown in Fig. 7.10. Although used principally
with ADCs of the digital type, it may in-some cases be interfaced
with some analog types of ADC. '

] Altitude signals designated as coarse and fine are transmitted from
Figure 7.10 Servo-operated

altimeter.
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the ADC altitude module to the stator windings of corresponding
resolver synchros. The rotors are mechanically interconnected by a
1:27 ratio gear train, and their sine windings are connected to a
solid-state switch referred to as a speed switch. The purpose of the
switch is to control the servomotor operation so that fine altitude
signals are supplied to its amplifier at altitudes below 1000 ft, while
at altitudes above this value, coarse altitude signals are supplied. The
servomotor drives the altitude pointer and counter through a clutch
and gear train, and directly drives a tachogenerator which provides
rate feedback signals to the amplifier. The reduction and ‘nulling out’
of altitude error signals is effected by driving the rotors of the
resolvers through a differential gear.

The cosine windings of the resolvers are connected to a logic
circuit that monitors the presence of the following: 1. coarse and fine
servo ‘nulls’ (sine windings); 2. coarse and fine excitation (cosine
windings); 3. indicator power supplies; and 4. valid altitude data. If
either of these is unreliable, a solenoid-operated ‘OFF’ warning flag
is activated to obscure the digital counter display of altitude.

Barometric pressure setting is done in a manner similar to that of
the altimeter described earlier, except that the setting knob rotates the
stators of two resolver synchros for establishing the error voltage
signals necessary to obtain the required pressure altitude indications.
The purpose of the ‘non-linear’ mechanism shown in the diagram is
to compensate automatically for the non-linear relationship between
barometric pressure and altitude, so that for any setting of the
pressure counters, the corresponding altitude will be indicated. The
pressure setting knob also changes the rotor position of a third -
resolver, the purpose of which is to supply pressure-corrected signals
to such systems as AFCS and altitude alerting.

The second knob in the bottom right-hand corner of the altimeter
permits the setting of 2 reference marker to align with an altitude
indication corresponding to a specific operating condition. The
purpose of the servo-driven ‘NEG’ flag is to obscure the digital
counter display at altitudes below sea-level.

Static sir temperature indication

The most basic method of obtaining an indication of SAT is to use
charts of pre-calculated values of ram rise related to sensing probe
recovery factors (see page 62) and Mach number and then subtract
the values from the readings of the TAT indicator. Such conversion
charis are provided by manufacturers and normally form part of an
aircraft’s operations or flight manual. It is, however, more ‘
advantageous to provide an automatic method of conversion so that
corrections, in the form of electrical signals, can be applied (o the



Digital ADC

TAT signal output to derive SAT, and then utilize the corrected
signals to operate a separate indicator.

In the case of the analog ADC described in this chapter, the
conversion and correction is effected by a circuit network whose
electrical characteristics are matched to those of the TAT sensing
probe. As shown in Fig. 7.2, the network is incorporated within the
Mach module of the computer to accept TAT probe output signals, as
well as a drive input from the servo loop in order to vary the SAT
signals as a function of Mach number.

The circuit arrangement of one example of SAT indicator is shown
in Fig. 7.11. It utilizes a drum type of counter, the lefi-hand and
right-hand sections of which display temperatures in the plus and
minus parts, respectively, of the range. The centre drum displays the
sign of the temperature being indicated; the drums not in use are
automatically masked. The computed SAT is supplied as a dc analog
voltage to a chopper circuit, and is compared with a voltage supplied
as a reference via a re-balanced potentiometer. The chopper circuit
produces a 400 Hz ac error signal representative of the difference
between the two inputs, which is then amplified to drive the
servomotor and counters. The motor also repositions the re-balancing
potentiometer to ‘pull out’ the error signal. In the event of loss of dc
or ac power, or an excessive ‘null’ voltage in the re-balance/feedback
system, an ‘OFF’ flag is triggered by a failure monitor circuit to
obscure the counter display.

The modular arrangement and data signal flow of a typical computer
are shown in schematic form in Fig. 7.12. It processes the same
basic parameters as the one already described, but with the major
difference that all the signals corresponding to the variables measured
are converted and transmitted in digital format. The pitot and static
pressure sensors are of the piezoelectric crystal type (see also page
165) and their frequency-modulated signals are supplied to the
altitude, computed airspeed, and Mach calculation circuit modules via
a frequency-to-digital converter. The analog inputs from the synchros
of angle of attack (alpha) sensors, and altimeter barometric pressure
setting controls, are converted by means of synchro-to-digital
converters. Outputs from all modules of the computer are supplied o
an ARINC 429 transmitter connected to four data busses from which
all interfacing systems requiring air data are then supplied. The
purpose of the discretes coder module is to monitor signals relating to
the status and integrity of particular circuits, e.g. the Heater circuits
of TAT probes, pitot probes, and angle of attack sensors, and to
initiate appropriate warnings. In order for the computer automatically
to take into account the pressure error of the air data system of a
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particular type of aircraft, and also its stall characteristics, it is
‘matched’ by programming the SSEC and angle of attack modules
with the relevant data.

The indicators associated with a digital ADC are of the pure serve-
operated type, and as an example of their operation generally, we
may consider the altimeter circuit shown in Fig. 7.13. Data may be
supplied from either of two ADCs as selected by the triggering of a
solid-state switch; the right ADC is shown. Under changing altitude
conditions the corresponding signals pass to a microprocessor, and
from this unit they are transmitied to a D/A converter which then
provides the drive signals for operating the servomoctor, and the
altitude pointer and counter mechanisms. At the same time the minor
drives two CX synchros which supply coarse and fine analog inputs
to an input multiplexer. The output signals from this unit are then
compared with those from the D/A converter, and the difference
between them (as a result of altitude change) is fed back into the
microprocessor via an A/D converter. The signals will ‘null out’
when a constant aititude condition has been atained. The setting of




barometric pressures lS done in the usual manner, i.e. by means of a
set knob and digital coumers, and, as will be noted, the stators of two
resolver synchros are also repositioned. These produce sine- and
cosine-related signals which are fed back to the corresponding
synchro-to-digital converter in the computer (see Fig. 7.12). The
change in the converter output signal is supplied to the altimeter, via
the relevant data bus, so that its servomotor will drive the pointer and
counter mechanism to indicate the attitude change corresponding to
the barometric pressure setting. If input signal failure or a negative
altitude condition should occur, the microprocessor activates decoder
and flag driver circuits which then cause the appropriate flag to
appear across the altitude counter display.
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8 Magnetic heading

reference systems

A magnetic heading reference system (MHRS), sometimes called a
remote-indicating compass, is basically one in which an inductive
type of element detects an aircraft’s heading with respect to the
horizontal component of the earth's magnetic field in terms of flux
and induced voltage changes, and then transmits these changes via a
synchronous/servo and stabilized reference system to a heading
indicator. Thus, in concept an MHRS is 2 combination of the
functions of a direct-reading magnetic compass and a direction
indicator, but one in which the individual errors associated with these
two instruments are considerably reduced.

In practice, there are two types of MHRS: (i) that in which the
detector element monitors a directional gyroscope unit linked with a
heading indicator, and (ii) one in which the detector element operates
in conjunction with the platform of an inertial navigation system
(INS) to supply magnetic heading and stabilized heading data
respectively to a compass coupler unit linked with a heading
indicator.

These elements (variously known as flux detectors, or flux valves),
unlike those of direct-reading compasses, are of the fixed type
which detect the effect of the earth’s magnetic field as an
electromagnetically induced voltage and control a heading indicator
by means of a variable secondary output voltage signal. In general,
the construction of an element is as shown in Fig. 8.1. It takes the
form of a three-spoked wheel, slit through the rim between the
spokes so that they, and their section of rim, act as three individual
flux collectors.

Around the hub of the wheel is an exciter coil which has an
electrical function corresponding to that of the primary winding of a
transformer. Coils are also wound around the spokes, and these
correspond in function to that of a transformer’s secondary windings.
The reason for adopting a triple spoke and coil arrangement will be
made clear later in this chapter, but at this stage the operating
principle can be understood by considering a single-turn coil placed
in a magnetic field. The magnetic flux passing through the coil is a



Figure 8,1 Detector elemem
construction.

SECOMDARY LAMINATED
PICK-OFF COUS COLLECTOR HORNS

SPOKES

EXCITER (FRIMARY) COIL

maximum when it is aligned with the direction of the field, zero
when it lies at right angles to the field, and maximum but of opposite
sense when the coil is turned 180° from its original position. Fig.
8.2(a) shows that for a coil placed at an angle 8 to a field of strength
H, the field can be resolved into two components, one along the coil
equal 10 H cos 6, and the other at right angles to the coil equal to H
sin §. This latter component produces no effective flux through the
coil so that the total flux passing through it is proportional to the
cosine of the angle between the coil axis and the direction of the
field. In ‘graphical form this total flux may be represented as at (b).

If the coil were to be positioned in an aircraft so that it lay in the
horizontal plane with its axis fixed on, or parallel to, the aircraft’s
longitudinal axis, then it would be affected by the earth’s horizontal
component and the flux passing through the coil would be
proportional to the magnetic heading of the aircraft. It is therefore
apparent that in this arrangement we have the basis of an MHR
system able to detect the earth’'s magnetic field without the use of a
permanent magnet. Unfortunately, this simple system would be of
little practical use because, in order to determine the magnetic
heading, it would be necessary to measure the magnetic flux, and -
there is no simple and direct means of doing this. If, however, a flux
can be produced which changes with the earth's field component
linked with the coil, then we can measure the voltage induced by the
changing flux, and interpret the voltage changes so obtained in terms
of heading changes. This is achieved by adopting the construction
method shown at (c) of Fig. 8.2,

Each spoke consists of a top and bottom leg suitably insulated from
each other and shaped so as to enclose the hub core around which the
primary coil is wound. The material from which the spokes are made
is an alloy especially chosen for its characteristic property of being
easily magnetized but losing almost all of its magnetism once the
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Figure 8 2 Detector element
coil.
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external magnetizing force is removed (a typical material is one
known as Permalloy). With this arrangement there are two sources of
flux to be considered: (i) the alternating. flux in the legs due to the
current flowing in the primary coil; this flux is at the same frequency
as the current and is proportional to its amplitude; (ii) the static flux
due to the earth’s component H, the maximum value of which
depends upon the magnitude of H and the cosine of the angle
between H and the axis of the detecting element.

If we consider first that the axis of the element lies at right angles
to H, the static flux linked with the coils will be zero. Thus, with an



Figure 8.3 Total flux-detector
spoke at right angles to the
earth's field.

Figure 8.4 B/H curve and
hysteresis loops.
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alternating voltage applied to the primary coil, the total flux linked
with the secondary will be the sum of only the alternating fluxes in
the top and bottom legs and must therefore also be zero as shown

—8

graphically_in Fig. 8.3.

The transition from primary coil flux to flux in the legs of the
detector element is governed by the magnetic characteristics of the

+H

material, such characteristics being determined from the
magnetization or B/H curve. In Fig. 8.4, the curve for Permalloy is

compared with that for iron to illustrate how easily it may be
magnetized. There are several other points about Fig. 8.4 which
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should also be noted because they illustrate the definitions of certain
terms used in connection with the magnetization of materials, and at
the same time show other advantages of permalloy. These are:

1. Permeability: which is the ratio of magnetic flux density B to
field strength or magnetizing force H, the steepness of the curve
shows that Permalloy has a high permeability.

2. Saturation point: the point at which the magnetization curve
starts levelling off, indicating that the material is completely
magnetized. Permalloy is more susceptible to magnetic induction than
iron, as shown by its higher saturation point.

3. Hysteresis* curve and loop: these are plotted to indicate the
lagging behind of the induced magnetism when, after reaching
saturation, the magnetizing force is reduced to zero from both the
positive and negative directions, and also to determine the ability of a
material to retain magnetism. The magnetism remaining is known as
remanenice or remanent flux density, and it will be noted that
Permalloy has an extremely low remanence, thus making it admirably
suitable for use in detector elements.

4. Coercivity: this refers to the amount of negative magnetizing
force (coercive force) necessary to completely demagnetize a .
material, and is represented by the distances OC; and OC,,. Coercivity
and not remanence determines the power of retaining magnetism.

In order to show the characteristics of the flux waves produced in
the legs of a detector, a graphical representation in the form of that
illustrated in Fig. 8.5 is adopted.

The waveshapes of the alternating primary fields are drawn across
the axis B of the B/H curve, and those of the corresponding flux
densities in the legs are then deduced from them by projection along
the H axis. The total flux density produced in the legs is the sum of
the individual curves, and with the detector element at right angles to
the earth’s horizontal compenent H then, like the static flux linked
with the secondary coil, it will be zero. Since the total flux density
does not change, the output voltage in the secondary coil must aiso
be zero.

Let us now consider the effects of saturation when the detector
element lies at any angle other than a right angle to the horizontal
component H as indicated in Fig. 8.6(a). The alternating flux due to
the primary coil changes the reluctance, i.e. the magnetic resistance,
of the material, thus allowing the static flux due to component H to
flow into and out of the spoke in proportion to the reluctance
changes. This effect is analogous to that produced by the opening and
closing of a valve, hence the name flux valve being applied to a
detector element.

During those stages of the primary flux cycle when the reluctance

* From the Greek hysteros, meaning ‘later’. -



Figure 8.5 Flux wave
characteristicy
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is greatest, the static flux links with the secondary coil, and the effect
of this is to displace the axis, or datum, about which the magnetizing
force alternates. The amount of this displacement depends upon the
angle between the earth’s field component H and the flux detector
axis.. This is shown graphically at (b) of Fig. 8.6.

If we now apply a graphical representation similar to Fig. 8.5, and
include the static flux of component H, the result will be as shown at
(c) of Fig. 8.6. It should be particularly noted that a flattening of the
peaks of the flux waves in each leg of a spoke has been produced.
The reason for this is that the amplitude of the primary coil excitation
current is so adjusted that, whenever the datum for the magnetizing
forces is displaced, the flux material is driven into saturation. Thus a
positive shift of the datum drives the material into saturation in the
direction shown, and produces a flattening of the positive peaks of
the fluxes in a spoke. Similarly, the negative peaks will be flattened
as a result of a negative shift driving the material into saturation at
the other end of the B/H curve. The total flux linked with the
secondary coil is, as before, the sum of the fluxes in each leg. and is
of the waveshape as also indicated in Fig. 8.6.

When the detector element is turned into other positions relative to
the earth’s field, then dependent on its heading the depressions of the
total flux value become deeper and shallower. Thus the desired
changes of flux are obtained and a voltage is induced in the
secondary coil. The magnitude of this induced voltage depends upon
the change of flux due to the static flux linked with the secondary
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Figure 8.6 Effect of earth’s
component . (a) Detector at
an angie to component H.

thy displacement of axis due to
static flux; (c) total flux and
emf.
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coil which, in turn, depends upon the value of the effective static
flux. As pointed out earlier, the value of the static flux for any
position of the detector element is a function of the cosine of the
magnetic heading; thus the magnitude of the induced voltage must
also be a measure of the heading.

One final point to be considered concerns the frequency of the
output voltage and current from the secondary pick-off coil and its
relationship to that in the primary excitation coil. During each half-
cycle of the primary voltage, the reluctance of the material goes from
minimum to maximum and back to minimum, and in flowing through
the material the static flux cuts the pick-off coil twice. Therefore, in
each half-cycle of primary voltage, two surges of current are induced
in the pick-off coil, or for every complete cycle of the primary, two
complete cycles are induced in the secondary pick-off coil.

The ac supply for primary excitation has a frequency of 400 Hz;
therefore, the resultant emf induced in the secondary pick-off coil has
a frequency of 800 Hz, as shown in Fig. 8.6(c), and an amplitude
directly proportional to the earth’s magnetic component in line with
the particular spoke of the detector element.

Having thus far studied the operation of a single spoke of an
element. the reasons for havipg three may now be examined a little
more closely. If we again refer to Fig. 8.3, and also bear in mind the
fact that the flux density is proportional to the cosine of the magnetic
heading, it will be apparent that for one detector spoke there will be
two headings corresponding to zero flux, and two corresponding to a
maximum. Assuming for a moment that we were to connect an ac
voltmeter to the detector, the same voltage reading would be obtained
for both maximum values because the voltmeter cannot take into
account the direction of the voltage. For any other value of flux there
will be four headings corresponding to a single reading of the
voltmeter. However, by employing a triple spoke and coil
arrangement at a spacing of 120°, the paths taken by the earth’s field
through the spokes, and for 360° rotation, will be as shown in Fig.
8.7. Thus, varying magnitudes of flux and induced voltage can be
obtained and related to all headings of the detector element without
ambiguity of directional reference. The resultant of the voltages
induced in the three spokes at any one time can be represented by a
single vector which is parallel to the earth’s component H.

Figure 8.8 is a sectional view of a practical detector element. The
spokes and coil assemblies are pendulously suspended from a
universal joint which allows a limited amount of freedom in pitch and
roll, to enable the element to sense the maximum effect of the earth’s
component H. It has no freedom in azimuth. The case in which the
assemblies” are mounted is hermetically sealed and partially filled with
fluid to damp out excessive oscillations of the assemblies. The
complete unit is secured to an aircraft’s structure at locations which
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Figure 8.7 Path of earth’s
field through a detector.

Figure 8.8 Practical detector
clement. 1 Mounting flange
{ring seal assembly). 2 contact
assembly, 3 terminal. 4 cover,
5 pivot, 6 bowl, 7 pendulous
weight, 8 primary (excitation)
coil. 9 spider leg, 10 secondary
coil, 11 coliector horns.

12 pivor,

EARTH'S COMPONENT #¥

afford maximum protection against the deviating effects of aircraft
magnetism. Typical locations are in wing tips and vertical stabilizers.
One of the slots in the mounting flange is calibrated a limited number
of degrees on each side of a zero position corresponding to an
aircraft installation datum, for adjustinent of deviation coefficient A
(see also page 93). In the example illustrated, provision is made at
the top’ cover of the casing for electrical connections and attachment
of a deviation compensating device.

In many MHRS installations, the detector elements are of the pre-
indexed type, i.e. they can be removed and replaced without
subsequent adjustments having to be made for coefficient A4
compensation. The element (see Fig. 8.9) is supplied by its
manufacturer, together with a mounting plate on which it-has been
accurately aligned; its fixing., or indexing, screws are sealed and must
not thereafter be removed. The complete unit is then secured to an
alignment reference bracket which, having already been accurately
aligned parallel to the longitudinal axis of an aircraft, ensures that the
detector element is similaily aligned. The forward indexing screw of
the bracket is also sealed and must not be removed.

From the foregoing description of a detector element, the similarity



Figure 8.9 Pre-indexed
detector element.
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betwen its operation and that of a basic type of synchro transmitter
will no doubt have been observed. Such an observation is not
incorrect, of course, and in fact if the detector were directly
connected to an electrically-matched receiver synchro such as a TR,

. then in combination they would form a simple MHR or remote-

indicating compass system. 1t would not, however, be very accurate
in its indications since, by virtue of the limited pendulous suspension
arrangement of a detector element, errors can occur as a result of its
tilting under the influence of acceleration forces, e.g. during speed
changes on a constant heading, or turning of an aircraft.

In order therefore to compensate for these effects and so reduce
errors, it is necessary to incorporate within the system a means by
which the long-term azimuth or magnetic reference established by the
detector element is continuously stabilized and monitored. A
stabilizing technique of early origin, but nonetheless still widely used,
is that in which a horizontal-axis gyroscope unit is referenced initiaily
to the magnetic meridian, and then, in order to maintain this
relationship, precessional forces created by a slaving synchro/torque
motor system are applied to the gyroscope. The degree of control of
the detector element over the gyroscope, i.e. the monitoring rate, is
of considerable importance. For example, during a turn the detector
element heading is likely to be in error, and so the monitoring rate
must be such that the induced heading is that of the gyroscope. At
the same time, there must be sufficient control 1o correct for drift of

1817



Monitored gyroscops

system

Figure 8.10 Monitored

the gyroscope. The gyroscope, therefore, provides short-term azimuth
references.

As will be seen from Fig. 8.10, this type of MHRS is comprised of
five individual units: (i) detector element; (ii) slaving/servo amplifier;
(iii) directional gyroscope unit (DGU); (iv) radiomagnetic indicator
(RMI); and (v) a deviation compensator.

The units (i) to (iv) are interconnected through a transmission loop
consisting of control synchros (see page 140) which produce the
required slaving and monitoring signals appropriate to the heading
reference signals transmitted by the detector element. This element
can, therefore, be considered as a special form of CX synchro,
whereby the transmitter rotor field is represented by the resuitant of
the earth’s field component H, as shown in Fig. 8.11. The secondary
pick-off coils are connected to the corresponding windings of the
stator of a CT receiver synchro whose function is to produce error
signals which, after amplification, precess the DGU, thereby slaving
it to the detected magnetic heading reference.

When the detector element is positioned as shown at (a) of Fig.
8.11, the path of the earth’s field component H through the spokes
will cause a maximum voltage signal to be induced in the pick-off
coil A, while in coils B and C, signals of half the amplitude and of
opposing phase will be induced. These signals produce fluxes in the
CT synchro stator to establish a resultant field which is in alignment

gyroscope system. Radio nav.
data
/—J '
DEVIATION Directional referance and heading error gaﬁgi:? d?:g::ltac:f
COMPENSATOR HS!t
DETECTOR AME N >
ELEMENT
Slaving synchro
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Figure 8.11 Slaving.
(a) Heading = 000°: (b)
heading = 090°.

(a}

RESULTANT OF EARTH'S RESULTANT OF FIELD DUE
FIELO COMPONENT TO INDUCED VOLTAGE SIGNALS
THROUGH DETECTOR

- - ——w= EARTH'S FIELD
et INDUCED VOLTAGE SIGNALS

(b}

with that passing through the detector element. If, at that instant, the
CT rotor is at right angles to the resultant field, no voltage will be
induced in its winding. The DGU alignment will correspond to that
of the resultant earth’s field, and the RMI will indicate the heading
000°.

Let us now assume that the detector element is turned through 90°
say; the disposition of the pick-off coils will then be as shown at (b)
of Fig.-8.11. No signal voltage will be induced in coil A, but coils B
and C have increased voltage signals induced in them, the signal in
coil C being opposite to what it was on the previous heading. The
resultant flux across the CT stator will also have rotated through 90°,
and assuming for a moment that the rotor is still at the original
position, then the flux will induce maximum voltage in the rotor.
This heading error voltage signzi is supplied to the slaving module of
the amplifier in which its phase is detected, and after amplification it
is supplied to a slaving torque motor which then precesses the
gyroscope to the new magnetic heading reference. At the same time,
the DGU operates a servo control synchro system, the function of
which is to rotate the slaving synchro rotor so as to start ‘nulling’ out
the heading error signal, and also to rotate the compass card of the
RMI as the heading change takes place.
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Figure 8.12 Operation of
monitored gyroscope system.
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In practice, the rotation of the field in the slaving synchro, and
slaving of the DGU, occur simultaneously with the turning of the
detector element so that synchronism between the element and the
DGU is continuously maintained.

The synchronous transmission link between the four principal units
of the MHRS is shown in more detail in Fig. 8.12. The rotor of the
servo CX synchro is rotated whenevér the DGU is precessed, or
slaved, to a magnetic heading reference, and the signals thereby
induced in its stator are applied to the CT synchro in the RMI.
During slaving, the rotors of both synchros will be misaligned, and 2
servo loop error voitage is therefore induced in the CT rotor and then
applied to the servo module of the amplifier. After amplification, the
voltage signal is applied to 2 servomotor which is mechanically
coupled to the CT rotor and 1o the heading dial of the RML. Thus,
both the rotor and dial are rotated, the latter indicating the direction
of the heading change taking place. On cessation of the heading
change, the rotor reaches a ‘null’ position, and as there will no
longer be an input to the servo module of the amplifier, the
servomotor ceases o rotate and the RMI indicates the new heading.
The servomotor also drives a tachogeunerator which supplies feedback



Figure 813 Example of a
DGU.

signals to the amplifier to damp out any oscillations of the servo
system. ‘

BGU

This unit is located at a remote point in an aircraft (typically in an
electronics equpment compartment), and although it normally forms
part of an MHR system, it is also designed to serve as a centralized
source of heading data for use in the operation of flight director and
automatic flight control systems. For example, and as shown in Fig.
8.12, an additional CX synchro is provided in the RMI for the
purpose of supplying magnetic heading data to the horizontal situation
indicator (HSI) of a flight director system (see page 216) and the
DGU is provided with a similar synchro for supplying this data to an
automatic flight control system (AFCS).

in a typical unit (see Fig. 8.13) the gyroscope is based on a two-
phase induction motor operating from a 115 V ac power source. The
inner gimbal ring is fitted with hemispherical covers to totally enclose
the motor, and this assembly is filled with helium and hermetically
sealed. The rotors of the slaving/heading CX synchro, and the
additional heading data CX synchro, are mounted on the top of the
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outer gimbal ring; the stators are fixed to the frame supporting the

gimbal ring. The slaving torque motor is positioned on one side of

the outer gimbal ring, and on the inner gimbal ring axis, to provide
precession of the outer gimbal ring appropriate to magnetic heading
reference changes; the precession rate is 1°-—2°/min.

In order to contro} drift of the gyroscope (see page 102) its spin
axis is maintained in thz horizontal position by a liquid levelling
switch and torque motor system which operates in a similar manner
to the erection system used in electrically-operated gyro horizons (see
page 116). The levelling switch is mounted on the inner gimbal ring
and is connected to the control winding of the torque motor mounted
on the lower part of the outer gimbal ring.

A speed-monitoring circuit system (sometimes called ‘spin-down
braking') is also incorporated to prevent the oscillating effect, or
nutation, of the gyroscope which can occur when, at low rotational
speeds, its gimbal ring axes are not mutually perpendicular. The
system holds the gimbal system steady for short periods during the
start-up and run-down stages of gyroscope operaton. Circuits are also
provided for the monitoring of the slaving/heading synchro output
signals, and the input signals from the servo module of the system's
amplifier. Should the signals from any one of these monitoring
circuits become invalid, a relay is energized to complete circuits
controlling warning flags in the RMI, and the HSI of a flight director
system.

The complete gyroscope assembly is mounted on anti-vibration
mountings contained in a base which provides for attachment at the
appropriate location in an aircraft. and also for the connection of the
relevant electrical circuits.

Radio magnetic indicator (RMI)

This is a triple display type of indicator which derives its name from
the fact that, in addition to magnetic heading data, it also displays the
magnetic bearing of an aircraft with respect to ground-based
transmitting stations of radio navigation systems. The systems
concerned are; ADF (Automatic Direction Finding) and VOR (Very
high-frequency Omnidirectional Range).

* The display presentations of two examples of RMI are shown in
Fig. 8.14. Magnetic heading data is displaced by the heading card
which is rotated relative to a fixed lubber line in the manner already
described. Magnetic bearing indications are provided by two
concentrically-mounted pointers, one called a ‘double-bar’_pointer and
the other a ‘single-bar’ pointer. Both are referenced against the
headifig card, and are positioned by synchros that are supplied with
the appropriate bearing signals from the ADF and YOR navigation
receivers. V T




Figure 8.14 RMI displays.
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There are normally two ADF and VOR systems installed in an
aircraft, and by means of the selector knobs shown, they can be
individually selected so that their output signals can operate the

in a corresponding manner. For example, when the

4‘VOR-1/ADF-1’ and ‘VOR-2/ADF-2" selector knobs are each at the

“VOR’ position, the single-bar pointer and double-bar pointer synchro
systems will, respectively, respond to bearing signals received from
the No. 1 and No. 2 VOR system receivers. A similar response will
be obtained with both selector knobs at the “ADF’ position. Bearing
information can also be displayed with one selector knob set at
‘ADF’ and the other at ‘“YOR’.
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Figure 8.15 Magnetic bearing
and heading display.

MHRS integration
with an NS

188

The signals transmitted to the synchros are such that the pointers
always point to the stations from which the signals are received. This
may be seen from Fig. 8.13, which is a representation of how the air
position of an aircraft may be determined from the display of
magnetic bearings and magnetic heading.

The function of the synchronizing knob and annunciator
incorporated in the indicator illustrated at (a) of Fig. 3.14 will be
described later.

When an MHRS is to be integrated with an INS (see Fig. 4.18) there
is no longer a requirement for it to have its own individual
directional gyroscope unit. The reason for this is that short-term
stabilizing of heading references is readily available from the inertial
platform of the INS. The system also differs from the one described
earlier in that the slaving/heading and servo signal transmission and
control circuits are contained within a unit referred to as a compass
coupler. The interconnection between all relevant units of a typical
integrated system is shown in more detail in Fig. 8.17.

The stabilized heading reference, or platform heading signal, is
derived from an azimuth CX syachro the rotor of which is positioned
by the gimbal system of the inertial platform during changes in
aircraft heading. The signals so produced are supplied to the rotor



Figure 8.16 MHRS integration
with an INS.
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windings of a CDX synchro and a resultant field vector is produced
in the conventional manner (see page 142). During a heading change,
the detector element will also induce voltage signals corresponding to
magnetic heading, and these are supplied in the normal manner to a
slaving CT synchro. In this case, however, the amplified heading
error signals are supplied to a stepper motor via logic circuit control
modules which perform the functions of frequency comparison and
voltage/frequency conversion. In addition a polarity detector circuit is
provided to determine the direction of stepper motor rotation. The
motor is mechanically coupled to the CDX synchro rotor and, as its
name implies, it is one whose shaft rotates a step at a time as it
responds to signals supplied to its windings. In the motor control
circuit module shown in Fig. 8.17, the output pulses from the
voltage/frequency converter are combined with the polarity detector
output to energize the motor windings in pairs. The sequence, and
frequency, of energizing determines the direction and rate
respectively of step rotation; each step corresponds to 1.3 min of arc.
As may be seen from Fig. 8.17, the stator of the CDX synchro is
connected to a CT synchro which utilizes the platform heading
signals for driving a heading servomotor. The motor is mechanically
coupled to the rotor of this synchro, the rotor of a CX synchro which
supplies heading output signals to the RMI, and also to the magnetic
heading CT synchro. Thus, during a heading change, the servomotor
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Synchronizing

is driven at a rate to maintain synchronism between the platform
heading and magnetic heading signals, and so no heading error

signals are supplied to the stepper motor. The servomotor drives a
tachogenerator which supplies rate feedback signals for speed control
of the motor, and it also repositions the rotor of the servo CT '
synchro to ensure ‘nulling out’ of the heading reference signals on
completion of a heading change.

In the event of de-synchronizing occurring, e.g. as a result of
inertial platform drift, the signal produced by the CDX synchro
would cause the heading servomotor to drive the slaving input CT
synchro rotor out of ‘null’, thereby producing a heading error signal.
This signal, after amplification, is supplied to the stepper motor
which then repositions the CDX synchro rotor in a direction opposite
to that of the field vector input produced by the drift. This vector is
therefore ‘physically’ repositioned so as to produce a corresponding
directional change in the stator of the CDX. The resulting reversal of
the stator output signal to the heading servo system then causes the
servomotor to drive the synchros until the heading error signal caused
by drift has been completely ‘nulled’.

Whenever heading error signals are produced as a result of, say,
selection of a new magnetic heading to be flown, or drift of a DGU
or inertial platform, it must be ensured that in the ‘nuiling out’ of
such signals, synchronization of the slaving circuit system and RMI
indications with the appropriate heading references is maintained. In
order to accomplish this it is necessary, therefore, to provide
additional circuitry and devices that will control and annunciate
synchronized conditions and any departure therefrom.

The rate at which synchronization is carried out depends in the first
instance on the magnitude of the heading error, e.g. if it is less than
2°, synchronization takes place at a slow rate of 1°—2°/min, this
being the normal automatic slaving rate of typical systems. In the
event that errors are greater than 2°, synchronization must take place
at a faster rate, and to achieve this, the circuits also include manual
and automatic control facilities.

A typical annunciator consists of a dc micro-ammeter, the centre-
zero position of which indicates the synchronized state of the slaving
system. Depending on the type of MHRS, the instrument may be
incorporated within the RMI (see Fig. 8.14(a)) or.within a control
panel as shown in Fig. 8.18. If the system becomes desynchronized,
the annunicator pointer will be deflected to one or other side of zero.
For exarfiple, if the servo CT synchro output signal to the RMI is
such that it produces an indicated heading that is less than the sensed
magnetic heading, the annunciator pointer is deflected to the left of
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Figure 8.18 Control pane!
annuncigtor.
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zero. Conversely, a deflection to the right signifies a greater indicated
heading. Annunciator pointers are also deflected during turning of an
aircraft as a result of the heading error signals produced by
displacement of the detector element. Under synchronized conditions,
the annunciator should, ideally, remain steady at its centre-zero
position. During flight, however, it oscillates slowly due to
pendulosity effects on the detector element, and this can in fact serve
as a useful indication that slaving is taking place.

In the monitored gyroscope.system described earlier (see page 192)
fast synchronizing is initiated by manually operating a synchronizing
knob which is also incorporated in the RMI. Referring to Fig.
8.14(a) again, it will be noted that the knob is marked with arrows
and signs which correspond to the deflected positions of the
annunciator pointer. Thus, if, as in the example already noted, de-
synchronization produces a deflection to the left of zero, the plus sign
signifies that the heading indicated by the RMI must be increased to
regain synchronism. The synchronizing knob is therefore rotated in
the direction of its plus sign and, in so doing, it rotates. the stator of
the RMI heading CT synchro (see Fig. 8.12) to induce a large error
signal in its rotor. This signal, after amplification by the servo
amplifier, drives the servomotor and compass card at a much faster
synchronizing rate, which typically is 300°/min. At the same time,
the servomotor drives the rotor to start ‘nulling out’ the error signal,
and it also rotates the slaving CT synchro rotor to produce a slaving
signal for precessing the DGU into synchronism with the magnetic
heading reference established by the detector element. When the error
signal is reduced to 2°, svnchronizing takes place at the normal slow
rate of 1°~2°/min. In dual MHR systems, the foregoing
synchronizing process is also activated when switching from one
system to another.

In the case of an MHRS/INS integrated system, the slaving circuit
has to be maintained in synchronism with both magnetic and inertial
platform heading references, and so the appropriate control circuit is
connected to that of the stepper motor (see Fig. 8.17). In response to
error signals produced by a de-synchronized condition, the stepper
motor controls the relative positions between the stator and rotor of



MHRS operating
modes

Heading selection

the CDX synchro, the resultant output of which drives the
servomotor to ‘null out’ the error signals in the manner already
described. Since the direction of motor rotation to attain synchronism
is automatically determined by passing error signals through a
polarity detector, it is not necessary to utilize a synchronizing knob
as in the case of a monitored gyroscope system. A slow
synchronizing rate of 1°—2°/min up to 2° heading error is also
utilized, but for larger errors the stepper motor is driven at an
increased rate of 600°—800°/min.

The fast synchronizing rate is also activated when: power is
initially applied to the system; the sources of heading references are .
changed over as is possible in dual systems; a system is switched to
the slaving mode from the DG mode, when there is a valid inertial
platform reference signal, and the magnetic heading is greater
than 2°

MHR systems provide for the selection of two modes of operation,
namely slaved and DG. The slaved mode is the one normally
selected, and provides for operation in the manner already described.
When operating in this mode, however, the accuracy of a system is
affected by the range of latitudes over which an aircraft is flown. The
reason for this is that the magnetic intensity of the earth’s field
component H varies with latitude such that beyond 70° north or south
of the equator, it becomes an unreliable primary heading reference.
Such a reference would also be obtained if, regardless of latitude, a
malfunctioning of heading reference signal circuits were to occur.
Thus, as in the case of direct-reading compasses and direction
indicators (see page- 125). an MHRS can also be selected to operate
in the DG mode to obtain a short-term stability reference irrespective
of magnetic field variations. Once selected, the heading information
displayed must be frequently updated in order to maintain its
integrity.

In a monitored gyroscope type of system, the selection of the DG
mode disables the slaving control circuit in the DGU so that its
gyroscope then functions as a basic direction indicator for controlling
the heading servo loop coupled to the compass cards of the RMI and
the HSI of the flight director system. In an MHRS/INS integrated
system, the slaving control and stepper motor circuit in the compass
coupler is similarly disabled, and the heading setvo loop coupling the
RMI and HSI compass cards is controlled solely by inertial platform
heading references established by the azimuth gyroscope and synchro.

The method of selecting a magnetic heading to be flown varies
between types of MHRS and their integration with other associated
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Figure 8.19 Heading selection
— MHRS/INS.
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systems. In a basic monitored gyroscope type (see Fig. 8.12) the RMI
is provided with a ‘SET HDG’ knob which, on being rotated,
positions a heading ‘bug’ relative to the compass card; it also
positions the rotor of a heading data CX synchro whose stator is
connected to that of a CT synchro in the roll control module of an
AFCS computer. The resulting error signal corresponds in magnitude
to the selected heading, and after processing by the roll control
module the aircraft is automatically turned onto this heading. As the
DGU and RMI respond normally to the changing positicn of the
detector element, the heading data synchro rotor is repositioned to
‘null out’ the error signal supplied to the roll control module, and the
compass card is rotated to indicate the new heading with reference to
the heading ‘bug’.

When a system is integrated with a flight director system, the HSI
provides the facility for selecting heading changes, and its operation
will be described in Chapter 9.

In the MHR/IN system thus far used as an example, heading
selection is accomplished by a *SET HDG’ switch (see Fig. 8.19) on
the system contrcl panel. The switch is supplied with direct current
and is of the limited-travel rotary type which is spring-loaded back to
its centre position. It has two positions left and right of centre, and
the contacts corresponding to these positions are connected to the
stepper motor control circuit in the compass coupler. When the
switch is selected to the first right-hand position, the dc supply passes
through a resistor and causes the stepper motor to rotate at a rate of
200°—400°/min, and through the servo and output synchro loop, the
RMI compass card is rotated i a clockwise direction. In the second
right-hand position there is no resistance in the control circuit, and so
when selected the dc supply rotates the stepper motor at a faster rate
of 800°—1200°/min. A similar operation results when the first and
second left-hand positions are selected, except that the compass card
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Deviation
compensation

of the RMI is rotated in an anti-clockwise direction. When the switch
is released, the system reverts to the normal slaved mode and slow
synchronizing rate.

Heading selections can also be made when the MHRS is operating
in the DG mode, except that on refeasing the switch to its centre
position, the heading will remain at the ‘set’ position until the
aircraft’s heading changes, at which moment the servo loop positions
the synchros to the relative heading change.

Deviation is, as pointed out in Chapter 3, an error in heading
indication that results from the effects of hard- and soft-iron
components of aircraft magnetism (see page 87) on the detector
element of a compass. Although the detector elements of MHR
systems have the advantage over those of direct-reading compasses,
in that they are fixed in azimuth, and can be located at specifically
chosen remote points in an aircraft, they are not entirely immune
from extraneous fields that may be present in their vicinity. The
principal reason for this is that the element material has a high
permeability and so is very receptive to magnetic flux (see page 186).
Thus, any flux additional to that of the desired earth’s field
component will displace the H axis of the material’s B/H curve to a
false datum, and thereby induce heading error signals. It is therefore
necessary to incorporate deviation compensation devices in an MHR
system.

As far as compensation for the deviation coefficient A is concerned,
it is normally the practice to utilize detector elements of the pre-
indexed type as referred to on page 190. In some early designs of
detector element, compensation was effected by rotating the element
in its mounting by the requisite amount, and referencing it against a
scale and fixed datum mark.

An electromagnetic method is normally adopted for the
compensation of deviation coefficients B and C, and this is illustrated
in the basic circuit diagram of Fig. 8.20. The potentiometers, which
are incorporated in a remotely-located compensator unit, are
connected to the pick-off coils of the detector element. When rotated
with respect to calibrated scales, they inject very small dc signals into
the coils, so that the fields they produce are sufficient to oppose those
causing deviations. The output of the detector element is thereby
modified to correct the readings of the RMI via the synchronous
transmission loop. In some types of electromagnetic compensator,
provision is also made for coefficient A adjustment. This is achieved
by the inclusion of a differential synchro between the detector
element and the servo synchro within the RMI. When the position of
the differential synchro rotor is adjusted in the appropriate direction,
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Figure 8.20 Electromagnetic .
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it offsets the deviation by changing the magnitude of the heading
signals transmitted by the detector element.

Dual systems The interconnection of dual systems of a typical monitored gyroscope
type is shown in Fig. 8.21. The transfer relays are controlled by a
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Figure 8.22 Dual MHRS/INS.

CAPT Fi0

HSt HSt
TRUE HDG TRANSFER ‘ : TRANSFER| TRAUE HCG
EROM No. 1INS  |RELAY s _§ 4010 R"D{‘i__} RELAY FROM No. 2 INS
o — 1
 aaiatent nhenhauiendet B |
- i o {
! R
1 ' . N
! { . ~ !
o= e N
-./L
I 2 1

REFERENCE
(NS 1)

COMPASS COMPASS PLATFORM HDG
PLATFORM HDG ~ewremmirl  COUPLER COUPLER  fepmwme—- REFERENCE
No. 1 b No. 2 (INS 2)
DETECTOR DETECTOR

Rii RM

panel-mounted selector switch, and in the ‘normal’ position the
systems operate independently of each other. In the svent of faiiure
of magnetic heading data input to one or other system, the operating
system can be selected to take over by energizing the appropriate
transfer relay. For exampie, if the input to the captain's or No. 1
system should fail, the selector swiitch is moved to a position
placarded ‘BOTH ON 2, and so, as may be seen from the diagram,
the contacts of the No. 1 transfer reiay change over to connect an
alternate data input from the first oificer’s or No. 2 system to the
captain’s system.

The arrangement of a typical dual MHR/IN system is illustrated in
Fig. 8.22; this is also drawn to represent normal independent
operation. The method of transferring magnetic heading data from
one MHR system to the other is similar to that described above. The
system also incorporates selector switches placarded ‘RADIO’ and
‘INS’, and as will be noted they are connected independently between
each INS and each flight director system’s HSI. When the switches
are in the ‘RADIO’ positions each HSI is supplied with magnetic
heading data, while in the ‘INS’ positions these indicators are
supplied with true heading data from the respective inertial platforms.
Further details of these aspects of data transfer and switching will be
given in Chapter 10.
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9 Flight director systems

A flight director system (FDS) is one in which the display of pitch
and roll attitudes and heading of an aircraft are integrated with such
radio navigation systems as automatic direction finding (ADF), very
high-frequency omnidirectional range (VOR), and instrument landing
system (ILS) so as to perform a total directive command function. It
also provides for the transmission of attitude and navigational data to
an AFCS so that in combination they can operate as an effective
flight guidance system.

The components comprising a typical FDS, their connections and
signal interfacing with the systems providing essential navigational
data are shown in Fig. 9.1.

This unit performs the same function as a gyro horizon, i.e. it
establishes a stabilized reference about the pitch and roll axes of an
aircraft. Instead, however, of providing attitude displays by direct
means, it is designed to operate a synchro system which produces,
and transmits, attitude-related signals to a computer (sometimes
referred to as a ‘steering’ computer) and to an amplifier unit. After
processing and amplification, the signals are then transmitted to
servo-operated indicating elements within a separate attitude director
indicator (ADI). The synchro system also supplies attitude-related
signals to the appropriate control channels of an AFCS. The
gyroscope and its levelling switch and torque motor system is
basically the same as that adopted in electrically-operated gyro
horizons (see pages 116 and 119).

The synchro system referred to earlier senses changes in pitch and -
roll attitudes by means of a CX synchro positioned on each
corresponding axis of the gyroscope’s gimbal system. The stator of
the roll synchro is secured to the frame of the unit, while its rotor is
secured to the outer gimbal ring. The pitch synchro has its stator
secured to the outer gimbal ring, and its rotor secured to the inner
gimbal ring. The stators supply attitude error signals to corresponding
CT synchros in the ADI, and also to pitch and roll circuit modules
of the computer.

This unit contains all the solid-state circuit medule boards, or cards,
necessary for the processing of attitude reference and command



Figure 9.1 Typical FDS and
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signals. Logic circuit boards are also provided for the purpose of
adjusting the scaling and gain values of signals appropriate to the
type of FDS and aircraft in which it is installed. In many cases it is
usual for a status code number to be quoted on the front panel of a
computer; this number relates to the required pre-adjusted scaling and
gain values which are listed in the form of charts in maintenance and
overhaul manuals.

The primary function of this unit is to convert the attitude reference
and command signals supplied to it by the computer into servo-
actuating power signals for driving the display elements of the FDS
_indicators. Like the computer, all circuits are of the solid-state type
contained on plug-in type module boards or cards.
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Atftitude director
indicator (ADI)

Figure 9.2 Attitude director
indicator.,

This indicator, like the gyro horizon it basicallv resembles. provides
information on an aircraft’s pitch and roll attitude. In addition,
however, and as may be seen from Fig. 9.2, it provides attitude
commands and information related to an aircraft’s position with
respect to the glide slope (GS) and localizer (LOC) beams transmitted
by an ILS. A series of warning flags are also provided, and a ball-in-
tube indicator provides indication of slip during turns.

The symbol representing the aircraft is fixed and is referenced
against a moving ‘sky/ground’ background tape on which are
presented an horizon line, and markings spaced at a specified number
of degrees to indicate pitch-up and pitch-down attitudes. The tape is
positioned around two rollers which, on being driven by a servomotor
and gear train, move the tape up or down as appropriate to the pitch
attitude change (see Fig. 9.3). The servomotor is activated by
amplified signals from a CT synchro connected to the pitch CX
synchro of the VGU, and its direction of rotation is determined by



Figure 9.3 Pitch and roll
attitude indication.
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the phase relationship between the CX synchro error signal voliages
and the servomotor excitation voltage.

Roll attitude is indicated on the roll attitude scale by the relative
position of a bank pointer. The pointer is fixed to the ring gear which
supports the pitch attitude tape rollers, and is also coupled to a
servomotor via a gear train, This servomotor is activated by
amplified signals from a CT synchro connected to the roll synchro of
the VGU, and as in the case of the pitch servomotor its direction of
rotation is determined by the phase relationship between error signal
voltages and servomotor excitation voltage. A differential gear is
provided in the drive system so that whenever there is a change in
roll attitude, the pitch attitude tape also rotates together with the roll
attitude pointer.

The GS and LOC indicating elements are respectively located at the
left and bottom of the ADI’s attitude display. Each element consists
of a scale and a pointer that is deflected by miniature-type micro-
ammeter movements that respond to the appropriate beam deviation
signals supplied from an aircraft’'s VHF radio navigation receivers via
the FDS computer. The scales of the indicators are shown in a little
more detail in Fig. 9.4. The pointers represent the position of the
beams relative to an aircraft, and the pointer positions in relation to
the commands should be particularly noted. The dots on the GS scale
represent 75uA (one dot) and 150pA (two dots) of aircraft deviation
above or below the beam (75u4 = 0.35°; 150pA = 0.7°). The
LOC scale has a single dot to the ieft and right of the centre position,
each dot also representing 75p A, but in this case = 1° of aircraft
deviation. The LOC pointer is distinctly shaped to represent
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Figure 9.4 GS and LQC
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symbolically the converged shape of the runway as it appears during
an approach. In some ADIs the pointer is also deflected upwards by
signals from a radio altimeter to simulate the runway coming up to
the aircraft. At touchdown this ‘rising runway’ symbol, as it is
called, just touches the fixed aircraft symbol.

T;MMome into view when the FDS is

operating in the GS mode and when there is a valid and reliable
signal from the VHF navigation receiver. At all other times it is
covered by a red warning flag controlled through the signal circuit.
The LOC pointer and scale are normally covered by a shutter which
is retracted when valid and reliable signals are supplied during the
VOR/LOC mode of operation of the FDS.

Two further red warning flags are provided, one placarded
‘GYRO’ and the other ‘COMPUTER’. The :GYRO"’ flag is
controlled by a monitoring circuit within the VGU and warns of loss

reference circuits. The ‘COMPUTER ﬂag _m;qxl_ltors ard warns of
failures i in mputs to the computer 1 1tse1f the mstrument amplifier, and
the ADL .

“The command bars, as the name implies, provide the commands

o th"’;mchanges that are to be made to manoeuvre an aircraft
d pifch and/or roll attitudes. They are driven by
servomotors that receive their input signals from the pitch and rol}
channels of the computer via the instrument amplifier. Although the
two bars are not physically connected 1o each other, they move
together up or down to represent pitch commands, and tilt to the left
or right to represent roll commands (see Fig. 9.5). When the
commands being generated by the computer are satisfied, the bars
take up a position coincident with the top of the fixed aircraft

symbol.




Figure 9.5 Command bars
deflection. v
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Operation

As far as aircraft attitudes are concerned, the ADI displays the
information in two ways: 1. as a primary attitude reference, and 2. as
command attitude changes.

Primary attitude reference
The interconnection between the VGU and the ADI are shown in
simplified form in Fig. 9.6.

When the gyroscope is operating and is stabilized with its axis
vertical, both CX synchros are at their ‘null’ positions and so there is
no output from their stator windings. The ADI will therefore indicate
a level flight attitude. If a displacement of the aircraft occurs about,
say, its pitch axis, the outer gimbal ring is alsoc displaced and carries
the pitch synchro stator around its stabilized rotor. This produces a
displacement signal voltage which is then supplied to the stator of the
CT synchro in the ADI. Because at that moment an unbalanced
condition exists between rotors and stators of both synchros, then the
output from the CT synchro rotor is an induced error signal voltage
of a phase and magnitude appropriate to the direction and degree of
displacement.

As may be seen from the diagram, this error signal voltage is
supplied to the pitch channel of the instrument amplifier, and after
amplificatiqn it drives the corresponding servomotor in the ADI to
position the attitude tape upwards or downwards appropriate to the
aircraft’s displacement about the pitch axis. At the same time, the
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Figure 9.6 Primary attitude
references.
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servomotor repositions the CT synchro rotor until displacement of the
aircraft ceases, at which point no further error signal is induced. The
servomotor also drives a tachogenerator which produces ar output
proportional to the motor speed and out of phase with the error signal
voltage. This output is fed back to the piich channel of the instrument
amplifier to provide damping of motor rotation and attitude tape
movement.

A similar operating sequence takes place when an aircraft is
displaced about its roll axis, except, of course, that the ADI’s attitude
tape is rotated left or right in response to signals from the roll CX
synchro.

If an aircraft is displaced simultaneously about the pitch and roll
axes, as for example in a climbing turn, both channels will operate
and, by means of the differential gearing in the drive system, the
ADI’s attitude tape will be positioned to indicate such a turn.

Command attitude changes

As mentioned earlier, command attitude changes are indicated by the
movements of the command bars in the required directions. The
method of driving the bars is shown in Fig. 9.7, and as will be noted
it is a little more complex than that adopted for primary attitude
references. The principal reason for this is that command signals can



Figure 9.7 Command attitude
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be supplied from several external sources as governed by selected
modes of FDS operation. Details of these modes and their command
signals will be covered at a later stage, but for the moment we may
consider one of them, namely the ‘manual pitch attitude mode’, in
order to see how the signals are generated, and also how the
command bars are operated. .

The manual pitch attitude mode is one which enables a pilot to
select a pitch attitude reference at any time there is no other mode
selected for controlling about the pitch axis. An example of this
would be the selection of a desired climb attitude that is to be
maintained after take-off. The selection is made before take-off by
rotating a pitch. command knob on the FDS mode controller. The
control knob also rotates the rotor of a synchro which then supplies
an error signal to the pitch channels of the computer and instrument
amplifier as shown in Fig. 9.7. The amplified signal then drives a
motor in the ADI to position the command bars above the fixed
aircraft symbol. At the same time, the motor drives a tachogenerator
that provides a rate feedback signal for motor speed control purposes,
and it also positions the rotor of a CT synchro. The output signal
from this synchro serves as a follow-up to the command signal, and
to null it out so that the motor and the command bars are stopped at
the selected pitch up command position. When the aircraft takes off
and rotates to the desired climb attitude, the pitch attitude tape of the
ADI will be positioned to indicate the climb in the manner explained

-earlier, and the command bars will be recentred over the fixed

aircraft symbol.
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Figure 9.8 Manual pitch
attitude mode.
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After the aircraft reaches its required aititude and levels off, the
command bars deflect upwards, and are then recentred by turning the
pitch command knob back to its zero position. The foregoing
sequence is shown pictorially in Fig. 9.8.

This indicator derives its name from the fact that its display, as can
be seen from Fig. 9.9, presents a pictorial plan view of an aircraft’s
situation in the horizontal plane in the form of its heading,
VOR/LOC deviation, and data relating to flight to and from a2 VOR
station. In addition, it displays deviations from the GS beam and
distance from a distance measuring equipment (DME) station.

The aircraft symbol is fixed at the centre of the display and it
indicates the position and heading of an aircraft in relation to the
compass card and the VOR/LOC deviation bar. This bar is also
sometimes called a lateral deviation bar. Selector knobs at the botiom
corners of the indicator permit the setting of a desired magnetic
heading and a VOR/LOC course.

Heading display

The primary display element of the indicator is that related to an
aircraft’s magnetic heading, and so it is integrated with a magnetic



Figure 9.9 Horizomal situation

heading reference system (MHRS). In aircraft equipped with an
inertial navigation system (INS) the indicator is also integrated with
the computer of that system so that it can be selected to display either
true heading or magnetic heading.

Figure 9.10 shows the arrangement of the heading display section
in simplified form. It consists of an azimuth or compass card which
is mounted on a ring gear driven through a gear train by a
servomotor. Headings are indicated by the position of the card with
Tespect to a fixed lubber line. The servomotor also drives a
tachogenerator that provides rate feedback signals for motor speed
control. In order to select a magnetic heading, a heading marker is
provided, and can be positioned relative to the compass card by
rotating the heading selector knob. The differential gear shown is to
permit relative movement between the marker and card, and also to
allow the marker to rotate with the card when a change in heading
takes place.

Heading signals are supplied from the MHRS via its RMI (or
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Figure 9.10 Heading selection
and display.
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compass coutpler unit in the case of integration with an INS) and as
will be noted they are fed to a CT azimuth synchro in the HSI. On a
constant heading, the synchro is at ‘null’ with that of the MHRS, and
50 the compass cards of both the RMI and HSI indicate the same
heading.

When it is required to change an aircraft’s heading, the FDS is
operated in the heading (HDG) mode to provide roll commands. To
select a heading change the heading select knob is rotated to position
the heading marker against the corresponding graduation mark on the
compass card. At the same time, the rotor of a heading error CT
synchro is rotated to produce an error signal in its stator. This signal
is supplied to the roll channe! of the FDS computer and then to the
ADI as a roll command. The command bars are therefore deflected in
the manner already described (see Fig. 9.5), to indicate the direction
in which the aircraft is to be turned onto the new heading.

As the aircraft turns, a heading change signal is produced by the
MHRS to rotate the RMI compass card. The signal, as shown in Fig.
9.10, is also supplied to the azimuth CT synchro in the HSI, but as
the rotor of this synchro will, at that moment, be desynchronized in
relation to the MHRS synchro, it produces an error signal. This
signal is then amplified and supplied to the servomotor that is
coupled through a gear train to the compass card. Thus, the card and
also the heading marker are rotated in the appropriate direction. It



Figure 9.11 Course selection
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will also be noted from Fig. 9.10 that the motor drives the azimuth
CT synchro rotor; this is done to reduce the error signal
progressively as the aircraft turns onto the selected heading. In other
words, the motor brings the synchro into synchronism with the
MHRS so that the HSI compass card ‘repeats’ the heading indication
of the RMI. When the aircraft has levelled off on the new heading,
synchronism is attained and the heading is indicated by alignment of
the heading marker with the lubber line.

Aircraft position with respect to VOR/LOC beams

The secondary section of an HSI display relates to an aircraft’s lateral
position with respect to a VOR station and to the localizer beam of
an ILS; the basic arrangement of this section is shown in Fig. 9.11.

It consists of a deviation bar that can be deflected left or right over a

I

scale plate, and in relation to a course pointer or mar@ The
deflections perform a directive command function, i.e. a deflection to
the left is a ‘fly left’ command to capture a beam, and a deflection to
the right is a ‘fly right’ command. . .

Each dot shown on the scale corresponds to a 1° deﬂectionglhe
bar is deflected by a dc meter movement supplied with signals fromn:
the radio navigation receiver. When there are no deviation signals

Course marker Lubber line . Selected course
counter

Deviation bar

Roll command
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present, the bar is aligned with the course marker as shown. In
addition to deflection, the bar, its scale and course marker can be
rotated: (1) relative to the compass card whenever the course to a
VOR station or ILS localizer is selected, and (ii) rotated with the
compass card when the aircraft turns onto the selected course.

Selection of a desired VOR radial. or localizer course is carried out
by rotating the course selector knob until the course marker coincides
with the desired value on the compass card. The deviation bar, its.
meter movement and scale also rotate with the marker. At the same
time, the control knob drives a digital counter to the corresponding
course indication. The gear train comprising the drive from the
selector knob is coupled to the rotor of a course resolver (RS)
synchro associated with the VOR/LOC navigation receiver, and to the
rotor of a course datum CX synchro. Both rotors are, therefore, set
to some angular position with respect to their stators when the course
selector knob is rotated.

In the case of selecting a course to fly onto a desired VOR radial,
changing the position of the course RS synchro rotor causes it to shift
the phase of the low-frequency (30 Hz) reference modulating signal
received from the station by the aircraft’s radio navigation receiver.
The signal is then compared with the station’s variable modulating
signal (also 30 Hz) in a phase comparator circuit, the output of which
is supplied to the meter movement to deflect the deviation bar left or
right as appropriate.

The course datum CX synchro performs the same function as that
of the heading error synchro, i.e. it produces a roll command signal
which is supplied to the ADI command bars to deflect them in the
direction in which the aircraft is to be turned to intercept the VOR
beam radial. As the aircraft turns in response to the roll command,
the compass card rotates in response to the signals sensed by the
MHRS, and through the differential gearing the card also rotates the
deviation scale, the bar and the course marker. When the beam is
being approached, the signals from the RS synchro, and the phase
comparator, to the deviation bar meter movement are being reduced
and so the bar deflection is towards the fixed aircraft symbol. The
output from the course datum CT synchro also changes to deflect the
ADI command bars in the opposite direction, thereby commanding
that the aircraft be rolled out to a wings-level attitude and on course
to the VOR station.

Flight along the beam is indicated by alignment of the deviation bar
with the course arrow. The effects of any cross-winds during the
flight along the beam are automatically corrected by a compensating
‘wash-out’ circuit in the FDS computer, to establish the ‘crab angle’
necessary for the aircraft to stay on course. This angle is also
indicated on the HSI by the position of the deviation bar relative to
the fixed lubber line.



To—from indicators

Indication of whether an aircraft is flying to or from a station is
provided by an arrow-shaped marker that is positioned by a dc meter
movement. The meter is supplied with signals from a phase
comparator circuit when the VOR station frequency is tuned in.
Referring to Fig. 9.10 once again, the marker is positioned in the
direction of the course marker, thus indicating that the selected
course is to the station selected. When an aircraft flies from the
station, the meter movement deflects the drrow through 180°. In
some types of FDS, the HSI has two separate meter movements and
arrow-shaped markers.

LOC mode

When the FDS is operating in the LOC mode, the HSI functions in
the same manner as that just described for the VOR mode, but with
two exceptions. Firstly, the output to the meter movement controlling
the deviation bar results from amplitude comparison of signals either
side of localizer beam centre, and secondly, the to—from arrow
remains out of view since no to—from signals are transmitted in the
LOC mode.

Warnin S

As in the case of the ADI, red warning flags are provided in an HSI
to indicate that GS, LOC and VOR signals are unreliable or have
completely failed. In addition a flag is provided to give similar
indications in the case of the MHRS.

DME indicator

This indicator receives signals from the interrogator of the distance
measuring equipment (DME) carried in an aircraft, and displays the
distance in nautical miles to be flown to a selected DME ground
station. If the system is not valid the indicator display is obscured by
an electrically-operated shutter.

Radio altitode

In some HSIs an indicator light is provided and is connected to a
radio altimeter system such that it illuminates when an aircraft
reaches a specified minimum altitude, referred to as a ‘decision
height’, during the final stages of an automatically-controlled
approach.
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Figure 9.12 Mode controller.
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A typical controller is shown in Fig. 9.12; it provides three principal
control funetions: (i) mode selection, (ii) altltude hold, and (iii)
manual pitch command.

Mode selection is done by means of a rotary selector switch which
can be manually placed in any of the indicated positions. In all
positions except GA (go-around) a pin drops into a detent to maintain
the switch in position. If the switch is in either the ‘AUTO APPR’ or
the ‘MAN’ position, and the GA manoeuvre has to be carried out
(see page 227), the pins are automatically retracted from their
detents, and a spring returns the switch to the GA position.

The six positions of the switch and the system’s response in each
case are as follows: ‘

GA Causes the ADI command bars to display a pitch-up
command and a wings-level attitude.

OFF Disables the pitch and roll outputs from the computer
causing the ADI command bars to be deflected out of
view.

HDG Allows selection of a magnetic heading which, as

indicated earlier, is done by means of the selector
knob on the HSI. While in this mode, the computer
pitch channel can be operated in the ‘MANUAL
PITCH’ mode by means of the pitch command
selector, or the ‘ALT HOLD’ mode by attitude
command signals generated and supplied by an ADC.

YOR/LOC  Allows selection of a VOR radial or a localizer beam
for lateral guidance, so that input command signals
can be produced in the manner already described. The
pitch channel of the computer can be operated in
either the ‘MANUAL PITCH’ mode or the ‘ALT
HOLD’ mode.



FDS/AFCS mode
controllers

AUTO/APPR Allows the use of the ILS beams (LOC and GS) for
lateral and vertical guidance during an automatic
approach. In the roll channel, the input commands are
LOC deviation, course error and roll attitude. The
pitch channel is also armed for capture of the GS
beam. Before capture of this beam, however, the pitch
channel can be operated in the ‘MANUAL PITCH’ or
*‘ALT HOLD’ modes. At GS capture, both these
modes are automatically cancelled, and pitch command
signals are generated within the computer by a
combination of GS deviation and pitch attitude signals.

MAN/GS This mode is selected for use under three different
conditions: (i) to establish a fixed intercept angle of
eithqr a VOR or LOC beam; (ii) to force a GS beam
capture condition when making an approach whijch is
above the beam; and (iii) to force a LOC or GS beam
capture condition if it is known that the beam-sensing
circuits of the computer are inoperative.

The function of the ‘ALT HOLD’ switch is to establish a command
signal that positions the ADI command -bars in pitch so that they are
referenced to the altitude sensed by an ADC. The switch is he’d in

‘the ‘ON’ position by a solenoid provided valid signal conditions

exist. If the switch is on at GS capture, it will automatically te
returned to the ‘OFF’ position by de-energizing of the solenoid.
Further details of the altitude hold function will be given later.

As described earlier, the ‘PITCH COMMAND’ knob permits
selection of a desired pitch attitude of an aircraft when tne FDS
computer is operating in the ‘MAN PITCH’ mode. In a typical
system, a minimum of 15° of pitch-up command or 10° pitch-down
command can be generated for the input to the pitch channel.

The basic attitude and navigational data displayed by the indicators of
an FDS, together with the selection of operating modes, are features
that are also common to the operating requirements of an AFCS.
They can, therefore, be developed as a natural complement to each
other, and by matching their characteristics with those relating to the
aerodynamics and flight control of any one type of aircraft, they can
be fully integrated to serve as an overall flight guidance system. As
far as the operation of such a system is concerned, one of the items
of FDS ‘hardware’ having a common purpose is the mode controller.
In some systems this may be provided as a separate unit (as, for
example, the one shown in Fig. 9.12) for use in combination with the
control panel of an AFCS. It is, however, a more logical approach to

223



Figure 9.13 FDS/AFCS mode
vontroller.
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eliminate the panel by combining its selective functions and switching
circuits within the AFCS control panel itself, and this is a method
now adopted in the majority of present-day systems. Figure 9.13
illustrates an example of an FDS/AFCS mode controller, or mode
select panel, based on that used in some series of Boeing 747. The
controls annotated perform functions associated with the FDS as

follows:

Flight director switches

Pitch control wheels

Heading selector

Nav. mode selector switch
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Switch on an output to the command bars
of their respective ADIs, and also control
power to the annunciator panel. They do
not control power to the computers.
Control pitch command bars of their
respective ADIs when no other pitch
mode has been selected. They are
disabled electrically when a pitch modse is
captured.

This replaces the selector that is normally
provided in an HSI, and performs the
same function, i.e. it establishes errcr
signals for the purpose of roll control,
and also drives the heading marker in the
HSL

Apart from the ‘INS’ and ‘LAND’
positions, which are specific to the
aircraft concerned, the functions of the
other positions are the same as those
described earlier, namely, ‘HDG’ selects
the signals from the MHRS, ‘VOR/LOC’



Flight mode
annunciators

provides appropriate deviation signals
from the VHF navigation receivers, and
‘ILS’ provides localizer and GS deviation
signals from the receivers.

Course selectors These are connected, one to each of two
MHR systems provided in the aircraft
concerned, and perform the same function
as the selector normally provided in an
HSI, i.e. they establish course error
signals for roll control, and also drive the
HSI course pointer.

Course transfer switch This is a three-position switch for
determining which MHRS and radio
navigation receiver are to be used for
supplying signals to the roll channels of
the FDS/AFCS computers. In either the
No. 1 or No. 2 positions, the switch is
held in the selected position by a solenoid
whenever the nav. mode selector switch is
at either the ‘INS’, ‘HDG’ or
‘VOR/LOC’ position. If the ‘ILS” or
‘LAND’ positions are selected, the switch
is spring-returned to the ‘MULTI’
position, in which the distribution of
signals between computers is varied, and
outputs from a third VHF navigation
receiver are introduced.

The purpose of these units is to annunciate, by coloured lights, the
conditions appropriate to the flight modes selected on a mode
controller. The lights are grouped so that those at the left of the panel
relate to an FDS, while those at the right relate to an AFCS. Two
examples are shown in Fig. 9.14.

The annunciator illustrated at (a) is referred to as an approach
progress display and, as will be noted, the FDS group consists of
VOR/LOC, glide slope and go-around (GA) lights. If a VOR or LOC
mode has been selected, the VOR/LOC light illuminates amber, and
it remains on untii the appropriate beam has been captured, when it
then changes to green. The glide slope light illuminates amber when
the approach mode is selected, then changes to green when the GS
beam has been captured. The GA annunciator light illuminates green
whenever the GA meode is selected as a result of an automatic
approach having to be aborted. In addition to VOR/LOC and glide
slope, the AFCS group of the display has annunciator lights for
altitude select and altitude hold modes.



Figure 9.14 Flight mode . h
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The lights may be checked for functioning by individual press-to-
test facilities, and provision is also made for bulb replacements.

The annunciator shown in (b) of Fig. 9.14 is of the type used in
conjunction with the FDS/AFCS combination adopted in some series
of Boeing 747 (see also page 224). The lights are so arranged that
captions appropriate to each mode are illuminated white whenever a
mode is selected, while the lower half of each light is illuminated
green when the desired funciion has been satisfied. The arrow-shaped
symbol of the go-around annunciator light is illuminated green when
the associated manoeuvre has been initiated by activation of go-
around switches on the engine thrust levers. Testing of the white and
green lights is done by depressing the cap of the FDS ‘ALT/S’
annunciator; this also checks amber lights in the AFCS and
autothrottle annunciators in the top row of the panel. This group of
annunciators also contains red lights which, together with a blue light
in the ‘TEST" annunciator, may be checked by depressing the cap of
the AFCS ‘ALT/S’ annunciator. Dimming of the lights is controlled
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Go-arcund switches

Figure 9.15 Go-around
switches.

by two photocells which operate in conjunction with a separate
master switch when selected to a ‘dim’ position.

When an automatic approach has to be aborted, engine thrust has to

be increased in order to climb the aircraft into what is termed a ‘go-
around’ (GA) manoeuvre. The FDS also has to go into the GA mode
of operation, and this is done by switches (one for each pilot’s FDS)
located on the engine power levers as shown in Fig. 9.15.

The switches are of the ‘momentary press’ type so that they can be
conveniently operated by the palm of the hand as the power levers
are pushed forward. Closing of the switches causes the mode selector
switches on the mode control panels to move to the ‘GA’ position
from either the ‘AUTO APPR’ position or ‘MAN GS’ position,
whichever mode was in operation at the time. This action places the
computer in the GA mode, and it then provides pre-set bias signals to
each pilot’'s ADI, causing the command bars to deflect to a ‘pitch-up’
and ‘wings-level” command position. The amount of command bias
required varies between different types of aircraft and their flight
characteristics; in one particular type the command is 14° pitch up.

GO-ARQUND SWITCH NO, 2
GO-AROUND SWITCH NO. 1
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Figure 9.16 Heading select
commands.
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Heading changes

Figure 9.16 illustrates in pictorial form the sequence of ADI and HSI
display presentations (as would be seen in the direction of flight)
when, with the FDS operating in the ‘HDG’ mode, it is required to
change an aircraft’s magnetic heading. For purposes of explanation it
is assumed that the change is'to be from 090° to 180°.

Position 1

Position 2

The HSI heading marker is aligned with the lubber line to
show the present heading of 090°. There are no command
signals to the ADI and so it displays a level flight attitude.
The heading select knob is now rotated to position the
heading marker at 180° on the compass card. Since the
aircraft must be turned to the right to attain this heading,
the heading error CT synchro in the HSI sends a
command signal to the ADI, via the computer rol!
channel, and in response the command bars are deflected
to the right.

Position 3 The aircraft is headed into the turn and, at the correct

bank attitude, the command bars are centred and the ADI
then indicates this attitude. The MHRS detects the heading
change, and its signals to the HSI produce rotaticn of the
compass card and marker towards the lubber line in the
manner described on page 218. The compass card rotates
in the opposite direction to the turn because the MHRS is
continuously being slaved to magnetic North. As the



aircraft approaches the new heading, and since it must be
rolied out to a wings-level attitude, the ADI command
bars now receive a signal that deflects them to a ‘fly left’
command position.

Position 4 The aircraft has rolled out to wings level as shown by the
ADI display, and is now flying on the selected heading as
indicated by alignment of the heading marker and lubber
line of the HSI.

Flying to a VOR station

Assuming that an aircraft is flying on a magnetic heading of 180°,
and that it is then required to fly to a VOR station on a transmitted
beam radial of 090°, the display sequence would be as shown in Fig.
9.17.

Position 1 The aircraft is being flown with the FDS operating in the
‘HDG’ and ‘ALT HCOLD’ modes, and so the heading
marker of the HSI is aligned with the lubber line and
compass card to indicate the magnetic heading of 180°
The ADI indicates the level flight attitude.

Figure 9.17 Flying to a VOR
station.
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Position 2

Position 3

Position 4

Position 5

In order to fly onto the required VOR beam radial, the
course selector knob is rotated to set the course marker
and deviation bar at 090°. The VOR/LOC mode is then
selected on the mode controller, and the corresponding
light on the appropriate mode annunciator unit wiil be
illuminated; e.g., on an approach progress display type of
unit, the VOR/LOC light will illuminate amber. At the
same time, the deviation bar will respond to the signals
transmitted by the VOR station, and it will be deflected to
the extreme right of the course marker to give advance
indication of the fact that after turning towards the station,
the aircraft must subsequently ‘fly right’ to attain the
selected course.

The beam is captured, the annunciator light illuminates
green, and magnetic heading control is automatically
switched out since control is taken over by the VOR. The
course datum synchio in the HSI supplies a ‘fly left’
command to the ADI command bars. At beam capture, the
course error and beam deviation signals are summed in
the computer roll channel circuit so that as the aircraft
turns, the selected course, i.e. the beam centre; is
intercepted at a specific angle which, typically, is 20°.
The to—from arrow in the HSI is activated to indicate
flight to the station.

The HSI indicates the turn to the left by relative
movement between the lubber line and compass card, and
the deviation bar deflection is progressively reduced to
indicate that the aircraft is flying towards the beam centre.
The ADI command bars are centred to indicate that the
correct bank angle for the turn is established.

The aircraft is approaching beam centre, and the ADI
command bars are deflected to the right, commanding that
the aircraft be rolled out in this direction to a wings-level
attitude.

The HSI and ADTI indicate the final course situation.

If the aircraft encounters a cross-wind when ‘on course’, the effects
are compensated by a ‘wash-out’ circuit in the computer, and the

crab angle
the HSI.

necessary to stay on course is established and indicated on

LOC mode

Operation in this mode relates to the approach of an aircraft to an
airport runway along the beam transmitted by the ILS localizer
transmitter. The mode is selected on the appropriate mode controller;



Figure 9.18 Localizer -
approach commands. e
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in the case of the unit shown in Fig. 9.12, the selector knob is set at
the ‘AUTO APPR’ position. Although it is called a LOC mode, it
also provides the control commands for capture of, and flight along,
the GS beam since on selection it automatically ‘tunes in’ to the G§
transmitter.

Figure 9.18 illustrates, also in pictorial form, typical lecalizer
approach display sequences, and their similarity to those of the VOR
mode is very noticeable. The principal differences are: (i) the
changeover at position 1 from ‘HDG’ mode to ‘AUTO APPR’ mode;
(ii) the localizer capture point (position 2) varies with rate-of-change
of beam deviation, whereas capture of a VOR beam radial is at some
fixed value, typically 5° deviation; and (iii) the ‘ALT HOLD’ mode

~-is automatically switched out when the GS beam is captured, for the
obvious reason that the aircraft must subsequently commence its
descent for landing. At position 5, the ADI command bars are

- deflected to a ‘fly down’ command position in order to descend on
the glide slope.
* The profile of the GS stage of approach is shown in Fig. 9.19.

*-Prior to beam capture, ‘ALT HOLD"’ is'on, and the GS annunciator
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Figure 9.19 Glide slope
approach profile.
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light illuminates amber. At beam capture, the light illuminates green,
*ALT HOLD’ is automatically disconnected, and a pitch-down bias

* signal from the computer pitch channel is supplied to the ADI to
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deflect the command bars 2° down, thereby commanding that the
aircraft’s attitude be changed from that established at the time.

During the descent along the beam, any deviations from it are
provided by the GS pointers in the HSI and ADI, and they are
corrected by flying the aircraft in the directions commanded by the
pointers.

As can be seen from Fig. 9.19, the GS beam converges towards
the nunway and this means that as an aircraft gets closer to landing,
less pitch .control is required to counteract deviations from the beam.
To allow for convergence, therefore, the gain or response to GS
deviation signals as a function of time is automaticaily reduced by
gain-programming circuits in the pitch channel of the FDS computer.
Programming is carried out in two stages, and is activated by signals
from an aircraft’s radio altimeter. The first stage is activated at about
1500 ft radio altitude, and activation of the second stage is at about
200 ft. Gain reductions against time (based on a typical system) are
shown pictorially in Fig. 9.20.

The go-around manoeuvre indicated in the diagram is established
for the reasons, and in the manner, already described (see page 227).
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Figure 9.2~ Altitude hold.

Altitude hold

In a typical FDS, this mode may be utilized when the system is
selected for operation in either the ‘HDG’, ‘VOR/LOC’ or ‘AUTO
APPR’ modes.

When an aircraft is flying at the altitude it is required to maintain,
as at position 1 in Fig. 9.21, the altitude switch is placed in the ‘ON’
position and is held there by a solenoid. At the same time, a ‘hold’
signal is supplied to the ADC. In the case of an analog type of ADC,
the signal energizes a clutch between the altitude module sensing
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Figure 9.23 FDS with
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these lights are placarded ‘HDG’, ‘PITCH’, ‘ROLL’, *GS’, ‘LOC’
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and ‘ALT’. Failure of a comparator power supply is indicated by a
red ‘PWR/MON" light which is also connected in parallel with a
corresponding light on the annunciator panels. A momentary ‘PUSH
TO TEST’ switch is provided for checking the serviceability of all
the lights (except the ‘PWR/MON" light). The switch is paralleled
with a test switch on a flight deck panel to permlt similar checks to
be carried out by the crew.

The annunciator panels are connected in parallel and they each
contain seven amber lights placarded as indicated in Fig. 9.25. If a
light illuminates, it can be dimmed by pressing its cover.

Operation

The operation of the annunciator panel lights is as follows:
1. HDG  The comparator supplies 26 V ac excitation to differential
resolver synchros in the captain’s HSI and ADI. The
captain’s HSI transmits heading signals to the first
officer’s HSI. If the positions of the compass cards in both
indicators do not agree, the first officer’s HSI transmits an
error signal to the comparator. This, in turn, produces a
signal to illuminate the *HDG’ lights on both annunciator
panels.



Figure 9.24 VHF nav. transfer
switching.

Figure 9.25 Warning
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panels.
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FDS interfacing with
inertial navigation
systems {INS)
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2. ROLL

3. PITCH

4. LOC

5. GS

6. ALT

The captain’s ADI transmits roll attitude signals to the
first officer’'s ADI. If the attitude indications do not
agree, the latter ADI transmits an error signal to the
comparator and so produces a signal to illuminate the
‘ROLL" lights on both annunciator panels. Since a roll
attitude change initiates a change in heading, a separate
roll attitude signal input is supplied to the comparator to
modify the threshold at which the comparison between
heading indications operates (the greater the roll angle the
larger the heading threshold). This helps to reduce
‘nuisance’ warnings due, for example, to precession of an
MHRS directional gyroscope unit, and system tracking
during manoeuvring of an aircraft.

This light is illuminated in a simlar manner to that for
‘ROLL".

Illumination of this light occurs whenever ILS localizer or
VOR deviation signals from navigation receivers do not
agree. A 28 V dc (ILS) signal is also supplied to the
comparator by the recetvers, in order to activate the
comparison between deviation signals.

This light is illuminated whenever ILS glide slope
deviation signals from the navigation receivers are not in
agreement. In addition to the 28 V (ILS8) signal noted
above, a ‘GS flag’ signal is supplied from both receivers
to activate the comparison between GS deviation signals.
This light is illuminated whenever the altitude signals
from dual radio altimeter transmitter/receivers do not
agree.

Typical threshold levels required to illuminate the annunciator lights
are given in Table 9.1.

If the excitation voltage from the comparator unit is lost, the
‘HDG’, ‘ROLL" and ‘PITCH’ annunciator lights may also illuminate
simultaneously. In such a case the comparison between the signals
from the reference sources is, of course, unreliable.

As in the case of an MHRS (see page 198), an FDS can also be
interfaced with an INS so that its ADI can then utilize the attitude
references established by thz gyroscopically-stabilized inertial
platform, instead of it being dependent on a VGU. The
interconnection arrangement is, as far as attitude error signal
transmission is concerned, basically similar to that described earlier,

and as may be seen from Fig. 9.26.

An HSI and its interconnections, however, differ somewhat from



Table 9.1

Light Conditions Threshold level
Before GS capture at
0° roil 6°
HDG Before GS capture at
20° roll 9°
Afier GS capture at 0°
roll 4°
PITCH Before GS capture 4°
&
ROLL After GS capture 3°
LOC At 0 dots deviation 30m VvV
At 2 2/3 dots deviation S4m Vv
" Gs At 0 dots deviation 40m V
At 2 2/3 dots deviation 64m V
ALT The altitude threshold levels increase from 5 ft at touchdown in

accordance with the graph below.

Threshold 35 =~~~
(ft) 25 4
i
5 H
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Altitude (ft)
Figure 9.26 INS attitude
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Figure 9.27 HSI interfaced
with INS.
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the normal in that in addition to the navigational data supplied by an
MHRS and VHF navigation receivers, they can also display the data
computed by the navigation unit of an INS, as shown in Fig. 9.27.
The display elements, therefore, serve a dual role which, in the case
of the system utilizing this indicator, can be selected under mode
designations ‘RADIO’ and ‘INS’. Details of the data displayed
appropriate to each mode are given in Table 9.2.

The HSI incorporates three warning flags: (i) navigation warning
flag which comes into view when there is a loss of input from an
operating radio navigation receiver or INS; (ii) a ‘HEADING’ flag
which obscures the heading reference whenever there is an invalid
heading reference (magnetic or true); and (iii) a ‘GS’ flag which
obscures the glide slope scale whenever the relevant signal is invalid.

Data transfer switching

The ADI and HSI are part of two independent FD systems, i.e. one
for the captain and the other for the first officer, and so they are also
interconnected to ensure that in the event of failure of a data input
source, a display of data will still be available. The data input
transfer switching arrangements for the ADI and HSI are shown in
Figs 9.28 to 9.31; these are based on the.application to some series
of Boeing 747 which has triple AFC and IN systems. The switches
related to each transfer function are mounted on panels located at
each side of the main instrument panel.

Attitude data (Fig. 9.28)
Under normal operating conditions, the captain’s transfer switch is set
at position 1 so that his ADI is supplied with attitude data from INS



Table 9.2

Display element

Data displayed

‘RADIO’ mode

‘INS’ moede

Azimuth card

Heading pointer

INS “Alert” fight

Data source indicator
VOR/ILS indicator
Mileage indicator
Drift angle indicator
Heading reference

Ground speed indicator

Desired track/course

Cross track distance/
course bar

Course/track
deviation scale

Heading referenced to
magnetic North-
Heading selected on
mode controller

Shows source of data, e.g. System

‘VOR/ILS®

Distance to DME station
Drift Angle

‘MAG®

Course selected on
mode controller

Displacement from VOR
or ILS course

Deviation in degrees
from VOR or localizer
beam

Heading referenced to
true North

Biased to six o'clock

position and does not

function

Tituminates when aircraft
is within 2 minutes of a
waypoint while navigating
along an INS track. Does
not function at ground
speed less than 250 knots

| or 2 Radio Nav. or INS
'INS®

Distance to pext waypoint
Drift Angle

“TRUE®

Ground speed in knots as
computed bv (NS

Desired track
Displacemen: {rom track

Cross track distance
in wiles (2 dots = 7%
miles)

No. 1. The first officer’s transfer switch is set at its position 2 to
supply his ADI with data from INS No. 2.
In the event of failure of data from INS No. 1, the data established
by INS No. 3 can be transferred to the captain’s ADI by setting the
switch to position 3 and energizing its associated relay. Similarly, the
first officer can also transfer data from INS No. 3 to his ADI by
resetting his transfer switch from the No. 2 to the No. 3 position.

Radio navigation data (Fig. 9.29)
For the transmission of this data, the main selector switches
placarded ‘RADIO/INS’ must each be selected to the ‘RADIO’

position. In nermal operation. of both FD systems, the captain’s radio
transfer switch is set at position 1 so that his ADI and HSI are

supplied with the relevant deviation signals from the VHF navigation
receiver No. 1. The first officer’s transfer switch is set at its position
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Figure 9.28 Attitude data
switching.
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2 and so his ADI and HSI are supplied with the signals from the No.
2 navigation receiver.

In the event of failure of receiver No. 1, the captain’s transfer
switch is set to the No. 2 position so that the No. 2 receiver can then
supply his ADI and HSI with deviation signals in addition to the first
officer’s indicators. Similarly, the first officer’'s indicators can be
supplied from receiver No. 1 by the selection of his transfer switch to
the No. 1 position.

The transfer switches are electrically interlocked such that once a
transfer of data has been selected from one side, a transfer from the
other side cannot be effected.

Heading data (Fig. 9.30)
Heading data may be displayed on each pilot’s HSI as either magnetic
or true depending on the setting of the *‘RADICG/INS’ selector
switches. Both’ RMIs always indicate magnetic heading since they are
part of each MHRS (see Chapter 8).

The transfer of data between MHR and IN systems is accomplished
by means of two switches (placarded ‘COMPASS’ and ‘INS’) in the
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Figure 9.29 Radio navigation
data switching.
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input circuits to each HSL. If, in normal operation, it is required that
magnetic heading be displayed on both HSls, then both ‘RADIO/INS’
selector switches are set at the ‘RADIO’ position. The captain’s
‘COMPASS’ switch is set at its No. ! position so that his HSI and
RMI are supplied with magnetic heading data from MHRS No. 1,
and the first officer’s ‘COMPASS’ switch is set at its No. 2 position,
enabling his HSI and RMI to be similarly supplied from MHRS

No. 2.

In the case of failure of either MHRS No. 1 or No. 2, then the
captain’s or first officer’s transfer switches respectively would be set
at their No. 2 and No. 1 positions. ‘

If, under normal operating conditions, it is required that one HSI
should display true heading and the other magnetic heading, then the
respective ‘RADIO/INS’ switches are selected at ‘INS’ and ‘RADIO’
The diagram illustrates the case in which true heading is to be
displayed on the captain’s HSI, and magnetic heading on that of the
first officer. True heading data is supplied from INS No. 1 via the
captain’s ‘INS’ transfer switch when set at its No. 1 position. The
heading pointer of the HSI is piased to the 6 o’clock position, the
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Figure 9.30
switching.

Heading data
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‘VOR/ILS~INS’ indicator displays ‘INS’ and the heading reference
indicates ‘TRUE’.

Magnetic heading data is supplied to the first officer’s HSI from
MHRS No. 2 via the No. 2 position of the compass transfer switch.
The HSI heading reference in this case indicates ‘MAG’. If it is
required for this indicator to display true heading, in addition to that
of the captain, the associated ‘RADIO/INS’ selector switch would
also be placed in the ‘INS’ position.

In the case of failure of data from either INS No. 1 or No. 2, the
captain’s or first officer’s transfer switches respectively would be set
at their No. 2 and No. 1 positions.

As in the case of radio navigation data transfer, the ‘COMPASS’
and ‘INS’ transfer switches are also electrically interlocked.

INS data (Fig. 9.31)

In addition to true heading, the other data shown in the diagram is
also supplied to both HSIs when the ‘RADIO/INS’ selector switches
are set to ‘INS’ (see also Table 9.2). The transfer of this data is
effected in the same rnanner as that described above.



Figure 9.31 INS data
switching.
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10 Inertial navigation/

o Systems and units

246

reference systems
(INS/IRS)

The navigation requirement of an aircraft is quite simply that of
determining its position in relation to its point of departure and points
en _route in order to reach a known destination. In practice, however,
the fulfilment of this requirement is made somewhat complicated by
having to provide for a lot of basic data, principally the following:
time, speed, distance between points, longitude, latitude, magnetic
heading, wind speed and direction, and bearings relative to known
points on the earth’s surface.

The provision of such data can be, and is in-fact, made by a
variety of navigational aids, a number of which are dependent on an
external reference source of one form or another. Although these aids
provide reasonably accurate answers to navigational task problems,
there are certain limitations: for example, radio navigation aids that
provide direction-finding and position-fixing capabilities require
extensive networks of ground stations and are subject to both natural
and man-made interference. An INS or IRS overcomes such
limitations by utilizing operating principles that make them entirely
independent of external references.

As the title of this chapter infers, there are two classifications of
inertial systems which, although performing the same basic
navigational functions, vary extensively in the manner in which they
process data, and in their capability of satisfying the needs for such
data by other interfaced systems.

The INS, which is the forerunner of systems and is still currently
used in some types of aircraft, utilizes analog and digital signal-
processing techniques, mechanical arrangements such as gimbailed
platforms, and synchronous servo transmission loops. A system
consists of the four principal units shown in Fig. 10.1, together with
their interconnection, data outputs and the other aircraft systems with
which it is generally interfaced.



Figure 10.! Units of an INS.
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1. Inertial navigation unit (INU): This unit contains an inertial
section consisting of accelerometers, gyroscopes and gimballed
platforms, a digital computer and all associated circuit module cards,
and a battery charger unit.

2. Control and display unit (CDU): This allows all associated data
to be inserted into the computer, and to be read out from it by means
of segmented LED displays.

3. Mode selector unit (MSU): This unit controls all the modes in
which the system can be operated.

4. Bartery unit: This unit provides dc power for turning the system
on, and is also used as back-up in the event that power from an
aircraft’s sytem is interrupted.

Although this type of system is highly accurate, the levels of
accuracy demanded for the navigation of those aircraft that are
designed for operation under what may be termed the ‘computer
chips with everything’ philosophy preclude its application to such
aircraft in favour of its more sophisticated descendant, namely, the
inertial reference system (IRS). It performs the same basic
navigational functions as an INS, but, as its fully digital computer can
also be pre-programmed with other relevant reference data, there was
some justification in changing its name.

The system consists of only two principal units. The outputs are
supplied to a greater number of interfacing systems, and since the
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majority of them are also individually controlled by digital
computers, signal transmissions are via an ARINC 429 data bus (see
Chapter 6) as opposed to conventional ‘*hard wiring’.

The inertial reference unit (IRU) also contains accelerometers,
gyroscopes and the computer, but here, its similarity with the INU
referred to earlier ends. The major differences are: (i) the gyroscopes
are of the ring laser type (see page 270) instead of the spinning rotor
type; (ii) the complex mechanical arrangement of a gimbal system
and synchronous transmission loops is replaced by a mathematical
equation program so that acceleration and attitude signals required
for navigation are directly computed; (iii) the unit is directly mounted
to an airframe, i.e. it is of the ‘strapdown’ type so that the aircraft
itself becomes the inertial platform (see page 279); (iv) magnetic and
true headings are derived from a program of known data related to
the position data loaded into the computer, so that headings can be
computed without the aid of MHRS flux detector units (in fact, these
units are no longer required in aircraft equipped with an IRS); and
(v) no battery unit and charger is used.

The inertial mode reference panel (IMRP) combines the functions
of mode selection and control and display of data.

Mufiti-installations

In order to ensure on-going navigation capability, and operation of
interfacing systems, adequate ‘back-up’ must be provided to safeguard
against system fatlures. Dual or triple IN/IR systems, depending on
size and operating category of an aircraft, are therefore installed with
the appropriate system transfer switching arrangements.

Power supplies

Both ac and dc power is required for system operation which must be
maintained in the event of failures occurring. The sources from which
power is derived can vary depending on the type of system, but a
common feature is that after starting up, the system can be
maintained in operation from either of the sources. This is effected by
the integration of power supply monitor and conversion circuits in the
navigation unit of a system.

In a typical gimballed-platform INS, the ac power is supplied from
an essential busbar, and the dc power from a nickel-cadmium battery
unit which is part of the system installation. The unit provides’
auxiliary power for the initial start-up, and also the power to maintain
system operation in the event of ac power failure, or a reduction in
voltage level. Under these conditions, the battery unit will sustain
system operation in any operating mode for periods up to 15 minutes’
duration. Indication that battery power is in use is provided by
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illumination of an amber ‘BATT’ light on the control and display
unit.

The battery unit has a direct connection to the system’s mode
selector switch so that when this is set to. the positions for initial
starting of the system, battery power is used momentarily for
energizing a relay, the contacts of which are connected in the circuit
from the aircraft’s ac busbar. Thus, ac power is supplied to the
navigation unit via the relay which is then held in the energized state
by the dc produced by the power conversion unit. The battery supply
remains on for a short period (typically 10 seconds), enabling it to be
checked during alignment of the system (see page 279). On
completion of this check, the battery is isolated from the system and
is on standby until there is an interruption of the ac power supply. In
the event that an external power source is disconnected from an
aircraft while the INS in on, battery power will automatically be
transferred to the system, and some warning of this is required in
order to protect the battery against an inadvertent discharge. In one
example of warning system, a horn is located in the nose wheel bay
of an aircraft, and is activated 30 = 10 seconds after power transfer,
thereby alerting the ground crew.

The inertial navigation unit is provided with a battery charger
circuit which automatically comes into operation when the battery is
not in use, and whenever its voltage drops below 26.5 V. The
charger is disconnected when the on-charge voltage increases to
295 V.

In multi-system installations, and after interruption of an aircraft’s
power supply to the systems, switching arrangements are provided
which enable battery units to be paralleled in order to sustain the
operation of one of the navigation units. For example, in a triple
installation the battery units of Nos 1 and 3 systems can be paralleled
to supply the navigation unit of the No. 1 system.

In aircraft equipped with IR systems, the use of battery units is
eliminated since dc power from the busbar of the aircraft’s battery
system is utilized for the starting up of a system. This supply is also
automatically switched on in the event of a loss of ac power.

Before going into details of the principles involved in the operation of
these systems, it is useful at this juncture to consider some aspects
relating to the form of the earth, and also to define some of the terms
associated with navigation over its surface.

Form of the earth

The earth is not a true sphere; its equatorial diameter of 6884
nautical miles exceeds its polar diameter by about 23 nautical miles.
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The ‘flattening’ at the polar regions gives rise to a more precise
definition of the earth’s form, which is known as an oblate spheroid.
For practical navigation purposes, however, the earth can be
considered as a sphere.

Directicn on the earth

This is measured in degrees clockwise from north, and when the
datum is the direction of the north end of the earth’s axis, it is
referred to as rrue direction. North is one of four points known as
cardinal points; the other three are south, east and west.

North and south define the axis about which the earth rotates from
west to east. To avoid ambiguity, a three-figure group is always used
to indicate direction, e.g. north — 000°; south — '180°; east — 090°
and west — 270°.

Great circle

This is a circle on the surface of a sphere whose centre and radius
are those of the sphere itself. Relating this to the earth, the equator
and all the lines joining the north and south cardinal points (the
earth’s poles) are examples of great circles.

On a plane surface, the shortest distance between two points is; of
course, a straight line which joins them. On a sphere, the shortest
distance between two points is the smaller arc of the great circle
which passes through both points.

Small circle

This is a circle on the surface of a sphere whose centre and radius
are not those of the sphere. With the exception of the equator, all
lines of latitude are small circles; they do not represent the shortest
distance between two points.

Longitude and lagitude

These form a reference system for the position of points on the
earth’s surface, and in determining the in-flight position of an aircraft
with respect to the earth.

Firstly, the datum is established by a great circle through the north
and south poles which passes through Greenwich. That half of the
circle which passes through Greenwich is known as the prime or
Greenwich meridian and is 000°. The other half is called the anyi-
meridian and is 180°. Other great circles in the form of meridians,
or lines of longitude as they are called, are established to the east and
to the west of the prime meridian.

The next step is to have a datum point for positions in the direction
north and south. This is obtained by dividing the earth by a great



Figure 10.2 Graticule.
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circle midway between the poles. This circle is the equaror and is 0°
latitude.

From the foregoing, we can derive more precise definitions of
longitude and latitude as follows:

Longitude The longitude of any point is the shortest distance in
the arc along the equator between the prime meridian and the
meridian through the point. It is expressed in degrees and minutes
and is annotated east or west according to whether the point lies east
or west of the prime meridian.

Latitude The latitude of any point is the arc of the meridian
between the equator and the point. It is also expressed in degrees and
minutes, and is annotated north or south according to whether the
point lies north or south of the equator.

The whole network of meridians (longitude and parallels of
latitude), imagined to cover the earth, is called a graticule. Thus, as
shown in Fig. 10.2, meridians or lines of longitude start from the
prime meridian or 0° and go right round up to 180° E and 180° W.
Similarly, the parallels of latitude start from the equator as 0° and go
up to 90° N and 50° S.

When giving a position, it is always quoted in the sequence latitude -
and longitude; e.g. the latitude of London. Heathrow is the arc of the
meridian between the equator and Heathrow, and is 5/ degrees and

.28 minutes N. Its longitude is the shorter arc of the equator between

the prime meridian and Heathrow, and is 00 degrees and 27 minutes
W. It is expressed as: 51° 28" N 00° 27’ W.

Convergency

Because the meridians converge.towards each other to the poles, then
any line or track cutting successive meridians will do so at different
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Figure 10.3 Convergency.
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angles; this inclination is called convergency and it equals the angular
difference between the measurements of the line or track at each
meridian. If, as shown in the example of Fig. 10.3, a track passes
through a point ‘A’ on meridian ‘X’ at an angle of 062°, then in
passing through point ‘B’ on meridian ‘Y’ it will cut this at an angle
of 118°. The convergency is, therefore, equal to 118 — 062 or
056°.

If two places are on the same latitude, convergency may be
obtained from the formula: :

Convergency = Change in longitude X sine of latitude.

Convergency is 0 at the equator (the meridians cutting it at 50°)
and increases to maximum at the poles.

Change of longitude

This is the smaller arc of the equator intercepted between the
meridians of the reference points, and is named east or west
according to the direction of the change. It is abbreviated as ‘ch long’

(E or W),

Change of latitude

This is the arc of the meridians intercepted between the parallels of
the two places and is named north or south according to the direction
of the change. It is abbreviated as ‘ch lat’ (N or 8).



Figure 10.4 Rhumb-line.
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The ideal line to fly would be a great circle, since the shortest
distance between any two places is along the circle. There are,
however, two disadvantages: (i) the great circle from one point to
another will cross the converging meridians at different angles, and
(ii) because meridians form the basis of track angle measurements,
continuous alterations to these angles would be necessary as a flight
progressed.

I order to overcome these disadvantages, a curved line is therefore
followed which joins points along it and crosses each meridian at a
constant angle; such a line is called a rhumb-line (see Fig. 10.4).
Distances between points along this line are greater than those along
a great circle.

The meridians and the equator are the only examples of great
circles which are also rhumb-lines. Parallels of latitude are rhumb-
lines because they cut all meridians at 90°.

Distances on the earth

Nautical mile The distance on the earth’s surface
which subtends an angle of one minute
of arc at the centre of the earth.

One nautical mile (nm) equals one
minute of latitude and is an avgrage
distance of 6080 ft. 1° latitude = 60
nm. A change of latitude from the
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Figure 10.5 Navigation terms.
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equator to a pole is therefore equal to
90 X 60 = 5400 nm.

Equal to 5280 ft.

1/10 000th of the average distance from
the equator to either pole and is
accepted as being equal to 3280 ft.

The following definitions are of navigation terms associated with
INS/IRS operation; they are also shown pictorially in Fig. 10.5.

Heading (HDG)

Track (TK)

TRUE
NORTH

The direction in which the nose of an
aircraft is pointing; it is measured in
degrees (000—-360) clockwise from
true, magnetic, or compass north,
designated as Hdg (T), Hdg (M), and
Hdg (C). Hdg (T) is the only one of
the three which is plotted.

The direction in which an aircraft is
moving over the earth; it is also

WPT (TO)
5

WPT (FROM)
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Desired track (DSR TK)

Drift (DA)

. Ground speed (G/S)

Wind direction (W/D)

Wind speed (W/S)

Position (POS)

Figure 10.6 Drift angle.
(a) TK less than HDG;
(b) TK gresater than HDG.
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HDG

measured in degrees from true or
magnetic north. Only true TK is
plotted. If there were no wind, there
would be no drift and TK would be the
same as HDG; also the case with a
direct head- or tail-wind.

The planned direction over the earth in
which it_is intended the aircraft shall
move. . =« o -
The angle between HDG and TK due to
the effect of wind. The direction of
drift is always from HDG to TK. Each
may be true or magnetic but never
mixed. If TK is less than HDG, drift is
to the left, and if TK is greater than
HDG, it is to the right as shown in
Fig. 10.6.

The actual speed (in knots) of an
aircraft over the ground, i.e. speed
relative to the earth. If there were no
wind, GS would be equal to true air
speed (TAS).

The angle, measured in degrees
clockwise from true north, with respect
to the direction from which the wind is
blowing.

The speed, in knots, at which the air is
moving relative to the ground.

Air: The position of an aircraft
NOATH

4

ange
/

\HDG

"I\TK
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principle of a system

relative to the air at a
particular time.

Ground: The position of an aircraft
relative to the ground directly
beneath it at a particular time.

Track angle error (TKE)  The angle (left or right) between the
DSR TK and the actual TK of an
aircraft. It is always measured from
DSR TK to TK.

Cress track distanee (XTK) Is the distance in nm (left or right)
measured from the nearest point on the
DSR TK line to the aircraft.

Waypoint (WPT) This is a point of navigational
significance on an air route. Typicaily,
routes are divided up into convenient
lengths or legs, defined at each end by
a WPT. The end WPT of one leg is the
beginning of the next leg as illustrated
in Fig. 10.5. The ‘FROM’ WPT is the
one defining the beginning of the flight
plan leg currently being flown. The
‘TO’ WPT is the one defining the end
of the current leg of the flight plan.
The ‘NEXT’ WPT in this convention is
the one defining the end of the next leg
to be flown, i.e. after passing the ‘TO’
WPT.

The operating principle is derived directly from the Newtonian laws
of mechanics relating to velocity, acceleration and inertia. The
relationships may be summarized as follows:

1. Velocity is the rate of change of displacement with respect to
time for a moving object, and so is composed of both speed and
direction. If the speed of an object is constant, but its direction is
changing, then its velocity changes.

2. A change in velocity, either in magnitude or direction of
metion, is an acceleration (or deceleration). A body accelerates (or
decelerates), i.e. changes its state of motion, only if it is acted upon
by an external force.

3. All matter tends to return to its existing state of motion and
consequently resists any changes to that state; this property is known
as inertia. The rate of acceleration of a bedy is proportional to the
magnitude of its inertia. The inertial force displayed by a body under
a given rate of acceleration gives a measure of the mass of that body.
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In order for an IN/IR system to navigate an aircraft, its computer
must first have knowledge of the latitude and longitude of the starting
point of its flight, its final destination and, where necesary, a number
of intermediate waypoints. This data is inserted into the computer at
the time of initially starting and aligning a system prior to
commencement of a flight. The outputs computed are shown in Fig.
10.7.

Since acceleration forms the whole basis of computing the in-flight
navigation parameters from the pre-set data, then appropriate sensor
units are required. Let us consider the operation of one such unit as
shown schematically in Fig. 10.8. In this example, the mass of the
unit is normally centred by two springs between two pick-off
transformers.

When the aircraft accelerates, the mass is displaced, and a phase-
related signal is induced in the pick-off transformers. This signal is
amplified and is applied as feedback to the accelerometer via what is
termed a force generator, which consists of a coil which moves with
the mass between the field of two permanent magnets. The effect of
this device is to recentre the mass, and the current needed to achieve

257



this is, therefore, a measure of the acceleration. The use of this
principle gives rise to the term ‘force rebalancing accelerometer’.

The ‘acceleration signal’ is supplied to an integrator circuit which
relates acceleration to time, and therefore produces a signal
corresponding to ground speed (G/S). The G/S signal, in turn, is
supplied to a second integrator circuit which then produces a signal
corresponding to distance flown. This double integration process
solves the basic equation relating distance s travelled in a time ¢ by a
body moving at a veiocity v as given by:

!

s=jovdt n

Since an input voltage (V;) is made proportional to the velocity of
motion, and an output voltage (V,) is proportional to the distance
travelled, then in terms of electrical integration, equation [1]
becomes:

Vo= —— | Var
CR, Jo

The product CR, is referred to as the time constant of the circuit.

If the ‘distance flown’ signal is then applied to a point within the
computer, and summed with one corresponding to the aircraft’s
starting point, the result is a signal which gives the aircraft’s present
position. If the latter together with the desired track (DSR TK) are
known, the computer can develop steering commands to keep the
aircraft on the DSR TK so that it can reach any desired destination.

Dual-axis accelerometers

Because an aircraft can fly in any direction, two acceleration sensors
(‘X’ and *Y’) are required, and are mounted on a platform in
horizontal planes to sense accelerations 30° apart, as shown in Fig.
10.9. The designations ‘X’ and ‘Y’ relate respectively to accelerations
in the horizontal plane and to the east, and to similar accelerations in
the direction of the local or north meridian. The outputs are
vectorially added to determine a total acceleration (4,) which after
integration gives the actual direction and the distance flown.

The accelerometers are aligned relative to the pitch and roll axes of
an aircraft, and not oriented geographically N—S and E—~W. Their
output signals, however, can be related to a NE coordinate system,
and while the computer has ‘knowledge’ of their orientation, it will
always determine an aircraft’s present position in terms of the latitude
and longitude of that position.

Three coordinate systems are involved in the computations
performed by an INS and these are shown in Fig. 10.10. The XY
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coordinate system is established by the XY platform which, as will
be described later, is continuously rotated at 1 rev/min; all
acceleration sensing is done in this system.
The second system is the non-rotational vu coordinate system, and
since the computer always assumes that ‘v’ and ‘u’ are related to
‘velocities in the north and east directions respectively, it utilizes this
system to perform all its calculations. The system is established by
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supplying the accelerometer signals to the computer in terms of their
sine and cosine components. These components are derived from a
resolver synchro controlled by the X~Y platform, and thus
correspond to the initial position of the platform (relative to an
aircraft’s longitudinal axis) before it begins to rotate. Since the XY
platform can start rotating from any position, then the XY and vu
coordinate systems will be in error with respect to the earth’s non-
rotating coordinate system (NE) by an angle # which is determined
during the alignment mode of the INS.

The NE coordinate system is the third involved in computation and
is the one in which position data are finally displayed in terms of
latitude and longitude. In order, therefore, to attain final alignment of
the platform with this system, and as may be seen from Fig. 10.10,
the accelerometer signals are resolved from X and Y through an
angle W,t, and a correction factor equal to the angle § is applied.

The formulae relating to the coordinate systems are also given in
Fig. 10.10.

Gyro-stabilized platform

For precision operation of an INS, it is essential for the ‘X’ and 'Y’
acceleration-sensing axes to be maintained normal to a local vertical
with the earth’s centre at all times. If this were not done, false
gravitational forces would be sensed, giving rise to errors in the
computed distance flown and in the present position of an aircraft.
These forces and errors are overcome by mounting the accelerometers
in such a way that any displacements are detected by gyroscopic-type
SENSOTS.

There are two mounting arrangements: the gyro-stabilized platform,
and the ‘strapdown’, which will be described later in this chapter. In
the first arrangement, the accelerometers are mounted on a platform
which is supported in gimbal rings and stabilized by gyroscopes and
torque motor systems; the platform is referred to as the X—¥
platform. :

The principle of this arrangement, and also that of ‘strapdown’, is
based on the Schuler theory of a pendulum whose bob is at the centre
of the earth, and supsended from a point above its surface. If, then,
the suspension point were accelerated around the earth, the bob,
being at the centre of the earth’s gravity, would always remain
vertically below its suspension point. A platforrn mounted on the
suspension point tangential to the earth’s surface would, therefore,
also remain horizontal irrespective of acceleration. If, for any reason,
the pendulum bob became displaced from the earth’s centre, it would
start to osciliate with a period of 84.4 minutes; this is the value
obtained by substituting the earth’s radius (in feet) for the pendulum
length [ in the basic formula for calculating thie time period of a
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pendulum. Thus, by mechanizing an INS platform to remain
horizontal, an analogue of the Schuler earth pendulum with a period
of 84.4 minutes is produced, and the platform is then said to be
Schuler tuned. o

, The gyroscopes are of the integrating rate type, meaning that they
sense movement about only one axis, and that the rate changes are
integrated to give distance changes. The input and output axes of the
gyroscopes are positioned so that they relate directly to the north and
east coordinate system of ‘X’ and ‘Y’ accelerometer positioning and,
as shown in Fig. 10.11, they are designated as north (‘Y’) and east
{‘X") gyroscopes. The ‘Y’ gyroscope has its input axis aligned with -
an aircraft’s roll axis, while that of the *X’ gyroscope is aligned with
the pitch axis; the manner in which they sense attitude changes
depends on aircraft heading. Thus, if an aircraft and its INS platform
are heading north, the ‘X’ gyroscope senses pitch attitude changes,

" and the ‘Y’ gyroscope senses roll attitude changes. The converse of

this is true, however, when an aircraft and platform are heading east.

The gyroscope shown in Fig. 10.12 is, for explanatory purposes,
drawn to represent sensing of roll attitude changes. In such an
attitude, therefore, the inertial platform and the spin axis of the
appropriate gyroscope will be deflected causing precession about its
output axis. The angular movement of the gyroscope operates an
electrical signal pick-off element which then transmits a signal, via an
amplifier, to the corresponding torque motor which then drives the
platform back to its level position.
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Figure 10.12 Attitude sensing. /
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A TX synchro is mounted on the gimbal system, its purpose being
to provide position signals proportional to aircraft attitude change for
use by other systems, e.g. automatic flight control and flight director
systems.

For a pitch attitude change, sensing and platform levelling is
accomplished in a similar manner and through a second gimbal ring.

A third gyroscope is also provided and is mounted on a second
platform. Its purpose is to sense changes about the local vertical
(designated ‘Z’) and to keep the X—Y platform in the same position
relative to space and the N—E coordinates, i.e. to maintain its north
datum. This gyroscope and its platform are also designated ‘Z’. Any
change of platform or azimuth relative to the inner gimbal ring
corresponds to an equivalent heading change, and so by connecting a
signal pick-off element to the ‘Z’ gyroscope signals corresponding to
such change can be produced. These signals are supplied to an
azimuth torque motor which rotates the ‘Z’ platform in the opposite
direction to the heading change, and at the same time positions the
rotor of a TX synchro. The output signals from this synchro are
transmitted to the HSI of a flight director system which will then
indicate true heading (see also Chapter 9).

It will be apparent from the foregoing that between the headings
north and east, both the ‘X’ and ‘Y’ gyroscopes will exercise control,
the magnitude of which must be determined by heading. This is
accomplished by connecting a resolver synchro between the ‘X’ and
‘Y’ gyroscopes as shown in Fig. 10.13, and then positioning the
synchro rotor by means of the azimuth torque motor so that the
attitude signals transmitted to the pitch and roll torque motors are
modified by heading-related error signals.
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Transport rate and earth rate compensation

As we learned from Chapter 4, gyroscopes must be compensated for
the effects of the rate at which they are transported over the earth’s
surface, and for those of earth’s rotation (earth rate). This
compensation, which is necessary to maintain the required earih
reference orientation, is also relevant to the gyroscopes of gimballed-
type INS platforms; in other words, they must be Schuler tuned (see
also page 260). The effects of both these rates is to cause a platform
to tilt from the required horizontal position with respect to the earth’s
surface, thereby causing the accelerometers to produce false output
signals. The gyroscopes must, therefore, be subjected to equal and
opposite forces so that corresponding signals can be produced for
maintaining the platform level by means of its torque motor system.
The principle of compensation is illustrated in Fig. 10.14 which,
although drawn to represent the ‘Y’ accelerometer loop, applies
equally to that of the ‘X’ accelerometer. The signals from the
accelerometers are supplied to an electronic resolver circuit which
converts the signals to the ‘vu coordinate’ system of the computer.
The signals are then integrated to produce the N—S and E~W
velocity signals, and these,. in turn, are divided by a value R + A,
where R =.the mean radius of the earth, and h = aircraft altitude. In
other words, R + h is the distance from the centre of the earth to the
X-Y platform, and since it corresponds to the radial path flown by
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Figure 10.14 Transport and
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an aircraft around the earth, then after dividing the coordinate
velocity signals by R + h, signals corresponding to radial velocity
are obtained. The value of R is a constant that is pre-programmed
into the navigation computer, while & is, of course, a variable that is

supplied to this computer from an ADC.

The coordinate velocity signals are supplied to a transport rate
compensation generator circuit for conversion to transport rate
signals, which are then supplied via summing points | and 2 to a
second electronic resolver circuit. The purpose of this circuit is to
convert these signals so that they relate to velocities in the XY
coordinate system. They are then transmitted to the torquer coils of
the ‘X’ and ‘Y’ gyroscopes, thereby precessing them in order to
establish angular distance output signals in their respective pick-off
coils, which are connected to a coordinate resolver. This synchro,
therefore, separates the signals into pitch and roll components, and
supplies them to the corresponding levelling torque motors, which
then tilt the inertial platform back to a level position, through an

angle determined by the transport rate.

The effects of earth rate on a gyroscope are dependent on the
latitude in which it is operating at any one moment, i.e. its present



Figure 10.15 Gimballed
platform.

position. Compensation signals related to this latitude must, therefore,
be generated and, as will be noted from Fig. 10.14, this is
accomplished by supplying the corresponding signal from summing
point 3 to a latitude correction circuit. The compensating signal
output from this circuit corresponds to a rate equal to 15° cos of
latitude and is summed at points 1 and 2. The outputs from these
points to the electronic resolver, and the resulting signals supplied to
the torquer coils of the gyroscopes, and to the platform torque
motors, therefore provide for combined transport rate and earth rate
compensation.

Gimballed platform arrangement

The arrangement adopted in a typical IN system is shown in Fig.
10.15.

The two platforms are supported by an inner roll (IR) gimbal
within a pitch gimbal which is, in turn, supported by an outer roil
(OR) gimbal; this gxmbal supports the whole system within the
structure of the system’s navigation unit. The reas
roll gimbals oriented as shown is to prevent ont_the co /n
*gimbal lock’ from occurring (see also page 106). ‘The angular

»,FDOVemCAnI.,VOf the IR gimbal is_limited to +10°.
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Table 101

Componens

Location

Function

Torque motors:
Outer roll
Inner roll
Azimuth

Synchros:
Pitch
Outer roil
Azimuth

Resolvers:

Inner roll
X-Y platform

Coordinate

Fixed to INU casing
Fixed to pitch gimbal
Fixed to IR gimbal

Stator

Rotor

Fixed to OR gimbal
Fixed to INU casing
Fixed to IR gimbal

Fixed to pitch gimbal
Fixed to IR gimbal

Fixed to IR gimbal

Fixed to pitch gimbal
Fixed to OR gimba!
Driven by azimuth torquer

Fixed to IR gimbal
Fixed to platform

Fixed to platform

Drives OR gimbal.

Drives IR gimbal.

Drives *Z" platform in a direction opposite to aircraft
heading change.

Provides pitch and roll attitude signals to AFC and
FD systems.
Provides true heading signals to HSI of FDS.

Supplies rolt error signals to OR torquer.

Supplies signals to computer which are related to
platform heading, and in terms of sine and cosine
components.

Receives signals from X" and 'Y gyroscope pick-
offs, separates them into pitch and roll components,
and supplies them to the pitch and IR torquers
respectively.

A synchronous-type servomotor is mounted on the ‘Z’ platform and
it rotates the ‘X—Y’ platform at the rate of 1 rev/min. The reason.for

rotating the platform is to modulate.errors generated by 1
of the X Y accelerometers and gyroscopes, scale errors of the

alignment

ft of the gyroscopes so that the computer
‘sees’ a minimal error condmon Since the platform is rotating, the
‘X’ and “Y" gyroscopes sense pitch and roll attitude changes
alternately.

The locations and functions of the various torque motors, synchros,
and resolvers are detailed in Table 10.1.

Accelerometer construction

The constructiona’ arrangement of a typical accelerometer is shown in
Fig. 10.16.

The mass and its force coil are suspended by two flat springs so
that they can move linearly along the acceleration-sensing axis. A
ferrite armature is fixed at each end of the mass and in the proximity
of two pick-off transformcrs supplied with 5 V ac at 12.8 kHz. When
the mass is centred, the s spacc between the armatures and
transformers will be equal and so the coupling between primary and
secondary in each transformer will also be equal. The secondaries are
connected in series, so that the signal induced in the secondary of one
transformer is in-phase with primary voltage, while that in the other




Figure 10.16 Typical
accelerometer arrangement.
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transformer’s secondary is out-of-phase with primary voltage. Thus,
with equal*coupling, the net output from both secondaries will be
Zero.

When the mass is deflected as a result of an acceleration, the
coupling between the armatures and transformers will no longer be
equal, and so the secondaries produce an output related to phase and
position of the mass. The ‘mass position’ output signal is supplied to
an amplifier from which it is fed back to the force coil which is also
deflected within the field of two permanent magnets. The current
flowing in the coil interacts with the field of the magnets and
establishes a force that recentres the mass and coil to the ‘nuil’
position. The current required to do this is therefore directly
proportional to the force that originally caused deflection; in other
words, it is a measure of acceleration.

The accelerometer assembly is enclosed within an hermetically-

~ sealed case filled with a low-density fluid to provide damping of the
pendulous mass. The temperature of the fluid is regulated by a
thermistor-controlled heater element.

In a number of systems currently in use, the accelerometers adopt
capacitance-type pick-offs. The design of their sensing element
simplifies the construction and, in addition, eliminates the need for
fluid damping. The arrangement of such a unit is shown in Fig.
10.17.

The sensing element is a ceramic disc which is suspended by four
flexible metal ‘hinges’, and by means of a mass subassembly the disc
is made pendulous so that it can move through an arc under the
influence of an acceleration force. The disc is coated on each side
with a metallized pattern to form a capacitance plate. The plates are
also used to form the suspension ‘hinges’ which, in turn, are used for
the connection of electrical leads. The other capacitor plates are
formed by the surfaces of upper and lower permanent magnets which,
together with a coil that is also supported on the disc assembly,
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Figure 10.17 Operation of
vapacitance-lype accelerometer.
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forms an electrical force or torquer device. The two capacitors of the
pick-off are incorporated in an ac bridge circuit.

When subjected to an acceleration, the rotation of the sensing
element about its suspension axis causes the capacitance of one half
of the disc to be increased, while the capacitance of the other half is
decreased. The bridge circuit is, therefore, unbalanced, and a signal
is developed and supplied to a differentiating operational amplifier
which produces a phase-sensitive signal proportional to sensing
element displacement. This signal is then demodulated and filtered,
and after amplification it is supplied to the torquer coil which then
develops a current proportional to the acceleration force, and restores
the sensing element to a ‘null’ position. The coil current is measured
as a voltage drop across a precision scaling resistor.

The compensation circuit module is provided for the purpose of
making the accelerometer insensitive to temperature variations with
regard to acceleration force scale factors, thereby eliminating thermal
lag.

Gyroscopes and construction

In systems utilizing electrically-operated gyroscopes, two-phase
synchronous/hysteresis-type motors are adopted, which operate at
about 24 000 rev/min from an input of 115 V ac at 1.2 kHz supplied
via rotary transfermers. An example of a typical unit is shown in
Fig. 10.18.
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Each motor is mounted within a cylindrical float filled with helium
so that in operation the motor ‘rides’ on a thin layer of the gas. The
float assembly is, in turn, mounted within a cylindrical main case
filled with a dense viscous fluid which supports the weight of the
float and so_provides. damping, and protection against vibration or
shock loading. The float is suspended radially and axially (on its
output axis) by a magnetic field generated by permanent magnets and
by tuning the inductance of the rotary transformers located at each
end of the assembly. This ‘floated gyro’ concept therefore eliminates
the mechanical forms of suspension adopted for conventional
gyroscopes.

Any angular displacement of the float assembly with respect to the
case is detected by a position pick-off which then supplies an analog
output signal to torquer coils which return the float assembly to a
‘nuil’ position. This is accomplished as a straightforward application
of a force, and not of precession, and since the null position provides
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the datum from which any tilt of the inertial platform is sensed, then
in functional terms the torquer coils may be considered analogous to
a restraining spring used for the rate gyroscope of a turn-and-bank
indicator.

In respect of gyroscopes that are used for the stabilizing of an X
Y platform, the torquer coils are also supplied with constant current
signals, the purpose of which is to compensate for the effects of
transport rate and earth rate (see page 263).

Signals resulting from precession of the gyroscopes during platform
attitude changes are also derived from the position pick-offs, and
after amplification they are supplied to the respective gimbal ring
torque motors.

Each gyroscope is maintained at an operating temperature of 76°C
by a 30 W blanket-type heating element wrapped around the main
casing. The heater circuits and gyroscope temperatures are controlled
by thermistor-type sensors.

\9/ Ring laser gyroscope (RLG)

This type of unit is essentially a rate sensor, and it is only in this
context that it can justify the name ‘gyroscope’. It has no rotating
mass or gimbal system, and therefore does not possess the
conventional characteristics of rigidity and precession. Since it has no
gimbal system it is, and can only be, used in a ‘strapdown’
configuration (see page 279) so that its attitude output signals can be
supplied direct to the navigation computer, and it eliminates the use
of complex platform levelling systems. It has many other advantages
such as wide dynamic range, allowing of very short alignment times,
and high reliability factors, and is adopted as standard in the inertial
reference systems (IRS) currently in use in many types of civil
aircraft. .

The basis of a typical sensor is a triangular block of specially
fabricated glass (‘Cervit’ glass) that is extremely hard and does not
expand or contract under varying temperature conditions. By means
of computerized ultrasonic diamond-drilling techniques, a cavity is
formed within the whole block. A precision-made mirror is fitted at
each corner of the block, and a cathode and two anodes are located
as shown in Fig. 10.9. The mirrors serve as both reflectors and
optical filters, reflecting the light frequency for which they are
designed, and absorbing all others. '

The cavity is filled with a lasing medium (typically helium-neon)
and when excited by an electrical potential across the cathode and
anodes, the medium is ionized and is transformed into light in the
orange—pink part of the visible spectrum. By design, two light beams
resonating at a single frequency are emitted and are made to travel in
opposite directions around the cavity. Since the beams travel at the
same constant speed and are ‘bounced off’ the mirrors, then in a



Figure 10.19 Ring laser
gyroscope.
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static condition of the sensor block, they take the same time to
complete a closed path in inertial space around the cavity.

Although the frequency is determined by the gas that is ‘lasing’, it
can be varied somewhat by changing the path length over which the
light waves have to travel; for a given length there are an integral
number of waves occurring over the complete path. If the length is
altered, the waves will either be compressed or expanded, and this
results, respectively, in an increase or decrease of their frequency.
Both beams combine in an optical sensor, or readout detector, located
at one corner of the block. The sensor operates on the interferometer
principle, i.e. it contains a prism that deflects the beams so that they
‘interfere’ with each other in order to form what is termed a fringe
pattern. ‘

As in the case of a gimballed platform-type of INS, three sensors
are required to be mounted in an aircraft so as to detect attitude
changes about the pitch, roll and yaw axes. When the aircraft is in
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straight and level flight, all three RLG sensors are in a static
condition, and so the resonant frequencies of the beams are equal.

If now the aircraft’s attitude is changed about, say, the pitch axis,
the corresponding sensor will also be rotated about its axis
perpendicular to the plane of the beams. Since the beams are
travelling at a constant speed on paths in inertial space, the bodily
rotation of the sensor will then be with respect to inertial space. This
means, therefore, that the beam travelling from one mirror to the
next in the direction of sensor rotation will move through a greater
distance than the second beam that is travelling in the opposite
direction. Thus, the times taken for the beams to travel around the
cavity of the sensor will now differ. As already pointed out, a change
in path distance produces a change in frequency of wave propagation,
and so by measuring the frequency difference resulting from rotation
of an RLG sensor, the angular rate at which it does so can be
determined.

The spacing of the light and dark portions of the fringe pattern
referred to above depend on the angle between the interfering of the
beams and their frequency. When both beams are of the same
frequency, the pattern is stationary, and constant signals are produced
by two photo-diode type detectors which are spaced an odd number
of quarter wavelengths apart in the pattern. Thus, when rotation of
the sensor causes a difference between frequencies, the fringe pattern
moves across the detectors, and due to the spacing of the beams, one
detector will receive maximum light when the other is at half
intensity. Each detector then converts this fringe pattern movement
into signal pulses, the phasing of which give the direction of sensor
rotation, while the frequency is proportional to the angular rate of
rotation. The signals, which are in digital format, are transmitted to
the appropriate attitude computing software within the IR computer.

The relationship between the input rate of rotation and the output
frequency is a linear one, and ideally it should remain so throughout
a full rotation of an RLG sensor. At low input rotation rates tending
towards zero, however, the output frequency can become non-linear,
and at a certain threshold value can drop abruptly to zero. This
phenomenon is known as ‘lock-in’, and is due to small amounts of
energy from the beams being back-scattered into each other, the
energy causing the beam frequencies to be pulled together until
eventually the beams synchronize. Since extremely low rotation rates
(typically 0.001°/hr) are required to be measured in IN/IR systems,
‘lock-in’ can result in undesirable errors. In order therefore to
circumvent these effects, a technique known as ‘dither’ is introduced,
and is effected by means of a piezo-electric motor. This motor is
mounted on the sensor in such a way that it vibrates the laser ring
about its input axis through the ‘lock-in’ region, thereby unlocking
the beams and enabling the optical sensor to detect the smaller



Figure 10.20 Controt and
display unit.

movement of the fringe pattern. The motions caused by the dither
motor are decoupled from the output of an RLG.

Mode selection

In order to control the modes of IN/IR system operation, mode
selector units are provided. In systems utilizing gimballed inertial
platforms, the unit is located on a flight deck panel, while in others it
is integrated with the control and display unit (CDU) to form what is
termed an inertial reference mode panel.

Figure 10.20 illustrates the controls of a separately located unit; the
modes that can be selected are as follows:

STBY This mode, which is for ground use only, selects power
onto the system and allows it to ‘warm up’ and to run the
gyroscopes up to speed. The aircraft’s present latitude and
longitude are inserted in the CDU when in this mode, and
an auto-alignment sequence commences. The INS is not
affected by movements of the aircraft while in this mode.

ALIGN  This mode allows the INS to align automatically to its
true north point. When alignment is completed the
‘READY NAV’ light illuminates green to indicate that the
system is ready to go into the ‘NAV’ mode. The aircraft
miust remain stationary in the ‘ALIGN’ mode.

NAY This is the normal in-flight operating mode in which the
data required for navigating the aircraft and stabilizing the
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Figure 10.2] Inertial reference
mode panel.
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INS are computed. It must be selected before the aircraft
moves from its parked position. The ‘READY NAV’ light
is extinguished on selection. Initial track selected may be
made and started when in this mode.

ATT REF Selects pitch, roll and platform heading stabilization
outputs only; no display is presented on the CDU. This
mode disables the navigational capability of the computer
for the remainder of a flight, because once turned off, the
computer cannot be switched on again. Normally, this
selection is only made when a computer failure has
occurred.

The selector switch is provided with two mechanical stops: one
between the ‘STBY’ and ‘ALIGN’ mode positions, and the other
between the ‘NAV’ and ‘ATT’ mode positions. In order for the
selector knob to move over the stops, it must be pulled out. The
reason for having the stops is to prevent the ‘NAV’ mode from being
inadvertently switched out.

The red ‘BATT" light is illuminated when back-up dc voltage is
being used and is less than the minimum required (typically 18 V) to
operate the system; the system is automatically switched off.

An inertial reference mode panel as used in a typical IR system is
shown in Fig. 10.21, from which it will be noted that the mode
selector switches appropriate to the normal triple systems installation
are grouped together instead of having separate space-consuming units
of the type just described.

The three modes that can be selected and their functions are the



same as those already outlined. A ‘STBY’ mode is not required for
the reason that the application of comprehensive digital signal-
processing techniques, and of ring laser gyroscopes, eliminates the
need to allow for ‘warm-up’ and gyroscope ‘run-up’.

Four mode and status annunciator lights are provided for each
system as follows:

ALIGN Illuminates white when a system is in the alignment mode.
In the event of alignment procedure failure, it flashes on
and off.

ON DC  This illuminates amber to indicate that power to the
system has automatically changed over from the normal
115 V ac to 28 V dc power from the battery system.

DC FAIL Illuminates amber when the battery power source drops
below 18 V.

FAULT Illuminates amber when failures in the system are
detected.

Longitude and latitude data from any of the three systems (Left —
Centre — Right) are selected as appropriate, for readout on the single
.display at the top of the panel.

- Control and display unit (CDU)

This unit serves as the primary interface between the flight crew and
the inertial system computer, in that it contains the controls necessary
for the selection and display of all essential navigational data. The
panel layout of a unit can vary between systems, but the one
illustrated in Fig. 10.20, and used in conjunction with the computer
of a gimballed platform-type of INS, serves to illustrate control
functions and selection methods that are generally applicable.

Control switches

DATA SELECTOR This switch selects the navigational data
listed in Table 10.2 for presentation in the
upper left and right numerical displays of
the unit.

WPT SELECTOR This switch is of the thumbwhee! type,
and when the ‘DATA SELECTOR’ switch
is set to “WPT’, it enables WPTs 1 to 9 to
be selected for latitude and longitude
insertion, or selection of WPTs 0 to 9 for
presentation of their coordinates on the
upper displays. It is also used for inserting
and displaying latitude, longitude, altitude
and frequency of up to nine PME stations.
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DATA KEYBOARD

INSERT

CLEAR

AUTO/MAN/TEST

WPT (or TK) CHANGE

HOLD

REMOTE

Displays

This contains ten push-button key switches
(0—9) for entering present position and
WPT coordinates, ‘FROM/TO’ WPTs,
desired XTK effect, and TK hold. Each
key illuminates white when pressed. For
the display of DME station latitude,
longitude, altitude and frequency, the
following key selections are made:

3 and 9 enable altitude and frequency to
be displayed.

2 or 8 enable altitude to be loaded.

4 or 6 enable frequency to be loaded.

7 and 9 enable latitude and longitude to
be loaded.

The ‘FROM’ display remains blank, and
the ‘TO’ display flashes the station number
when DME data is being used.

Operation of this push-button switch
transfers entered data into the computer.
This push-button switch is used to erase
data loaded into displays but not yet
loaded into the computer: it is illuminated
white.

In ‘AUTO’ the system makes automatic
sequential TK leg changes, and permits
manual TK leg changes. In ‘MAN’, TK
leg changes can only be initiated manually.
The ‘TEST’ position enables checks to be
made on the displays and annunciators.
Allows initiation of manua! TX leg
change. Illuminates white when pressed,
and is extinguished when the ‘INSERT" oy
‘CLEAR’ keys are pressed.

This permits a position check and up-date
to be made, and also a display of
malfunction codes. It also illuminates
white when pressed.

Enables semi-automatic (loading and
insertion of WPT and DME data into
more than one INS) autofill operation,
remote ranging, and display of XTK
offset. It illuminates amber when pressed.

There are three electronic displays of the segmented type: lefi and
right for displaying the parameters listed in Table 10.2, and a



Table 10.2

Dara selecior Left data display Right dara displav
switch position
TK/GS TK GS
HDG DA True HDG (See Note 2) DA (See Note 2)
XTK TKE XTK distance (See Note 1) TKE (See Note 1}
POS Lat. of present position Long. of present position
Lat. of selected WPT Long. of selected WPT
WPT Lat. or alt. of a selected Long. or freq. of 4 selected
DME station DME station
Distance to WPT Time to WPT
DIS/TIME Distance to selected DME — Blank —
station
WIND Wind direction Wind speed
DSR TK/STS { DSR RK — Blank — .
— Blank — Action codes and alignment status
during ‘ALIGN" and ‘NAV”’
. modes
Notes: I An ‘R’ or ‘L" afso displayed to indicate that present position is to right or feft of

2

DSR TK. and present TK angle to right or left of DSR TK.
An ‘R’ or "L’ also displayed to indicate that present TK is to right or left of
aircraft’s HDG.

‘FROM/TQ’ display to indicate the number of the ‘FROM’ and ‘TO’
WPTs on the TK leg being navigated. The characters of this display
will flash, if the ‘REMOTE’ switch has been pressed, to indicate the
remote ranging leg, remote direct ranging leg, or remote ranging
along the flight path to the desired WPT.

Annunciators
There are three annunciators as follows:

ALERT This illuminates amber two minutes before reaching a ‘TO’

BATT

- WARN

WPT. The operation of this annunciator also depends on the
settings of the ‘AUTO/MAN/TEST" switch. Thus, if it is at
*AUTO’, the annunciator is extinguished when the
‘FROM/TO’ display changes to the next two WPT numbers.
If the switch is at ‘MAN?”, the light flashes as the aircraft
flies over the WPT. The annunciator is operable at a G/S
greater than 250 knots.

Iiluminated amber when the INS is operating on battery
power.

Iluminated red when a system malfunction occurs, or
during ‘ALIGN’ mode it flaskes to indicate system
degradation, or that aa alignment failure has occurred. It
will not extinguish unless the fault is corrected or the INS is
switched off.
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Figure 10.22 Navigation dala
display on an HSI.
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A certain amount of the data listed in Table 10.2 can also be
derived from the indications that are normally displayed by the HSI
of a conventional type of flight director system as illustrated in Fig.
10.22. They are interpreted as follows:

TK is the compass card reading when referenced against the
diamond-shaped ‘bug’ or cursor, 025° in this case.

DA is the reading of the scale above the compass card when
referenced against the diamond-shaped ‘bug’. In this case DA is 020°
to the left.

XTK is indicated by the deflection of the deviation bar with respect
1o its scale. Each dot corresponds to 3.75 nm.

‘Miles to go’ is always displayed on the top left-hand indicator
even if the CDU is displaying the miles between WPTs, or DME
miles.

DSR 7K is the compass card reading referenced against the pre-set
course arrow, 075° in this case.

TRUE HDG is the compass card reading referenced against the
lubber line: 045° as shown. An annunciator flag above the DA scale
also displays *“TRUE’.

GS is always displayed on the indicator at the top right-hand corner
of the HSL



‘Strapdown’ o

conflguration

Alignment seguencing

This applies to the installation of the reference unit of an IRS which,
in dispensing with the complex mechanical gimballed platform
arrangement for its accelerometers and ring laser gyroscopes, enables
them to become part of the unit’s fixture to an aircraft’s structure.
Thus, the aircraft itself becomes a platform for the sensors, and in
moving with it, the signals they produce are used by the computer to
extract aircraft attitude, and to resolve body axis accelerations into
navigation axis displacements. For this purpose, mathematical
equations are programmed into the computer which, in essence, are a
functional replacement of a gimballed platform.

The accuracy of an IN/IR system is dependent on precise alignment
of its inertial platform with respect to the latitude and longitude of
the ground position an aircraft is in at the time of ‘starting up’ the
system. The computer must, therefore, be programmed to carry out a
self-alignment calibration procedure over a specific time period before
the system is ready to navigate an aircraft. This procedure can only
be carried out on the ground, and during the actual alignment stage
the aircraft must not be moved.

The technique and the time period involved can vary between types
of systern installed in an aircraft, but the following, which is based
on a gimballed-platform system, is generally representative:

1. The selector switch on the mode select unit is set to the ‘STBY’
mode position, and the data select switch on the CDU is set to
*POS’. The latitude and longitude of the present position is then set
in the appropriate displays from the keyboard.

The ‘INSERT’ pushbutton on the CDU will illuminate, and remains
illuminated, until the present position is ‘loaded’ into the computer.
During this mode, heater power is applied to the navigation unit until
it attains its operating temperature, and the gyroscopes are run up to
speed; the platform and gimbal system are ‘caged’ with respect to the
aircraft’s axes.

2. The mode selector switch is then set to the ‘ALIGN’ mode
position. The present position of the aircraft is loaded into the
computer by pressing the 'INSERT' switch button: the switch light is
then extinguished. The computer also carries out a check which
compares the present position with that last displayed.

For purposes of sequencing, the ‘ALIGN’ mode consists of sub-
modes designated by numbers that decrease in sequence as follows:
Standby..

Course levelling.

Course azimuth.
Fine alignment.
Gyrocompassing complete.

} Gyrocompassing

DA N
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The numbers are displayed by the fourth digit of the CDU’s right-
hand display, when the CDU select switch is at the ‘DSR TK/STS’
position. At the same time, the first and fifth digits of the display are
a ‘0" and a ‘5’ respectively, to indicate that the system is not in the
‘NAV' mode. This last digit is referred to as a performance index
(PI) number.

If the system has not reached operating temperature the sub-mode
number 9 is displayed when the mode select switch is moved from
‘STBY’ to "ALIGN’. During this sub-mode, the platform and gimbal
system remains caged.

When operating temperature is reached, and the gyroscopes are up
to speed, the alignment sequence goes into:

sub-mode 8 and the CDU display changes accordingly. During this
mode, the ‘BATT’ annunciator in the CDU will illuminate to indicate
battery power availability, the gimbal system is uncaged, and the
platform is aligned to the local horizontal utilizing the accelerometers
to detect any ‘out-of-level’ orientation. At the end of the mode time
period, the CDU display changes to indicate:

sub-mode 7. This mode provides an initial estimate of the azimuth
orientation of the ‘X’ and ‘Y’ accelerometers’ input axes with respect
to true north. Local latitude is also computed and compared to the
present position loaded into the computer. At the end of the time
period, the CDU indicates that the sequence goes into:

sub-mode 6, during which the initial determination of true north is
refined, and the computer provides a bias signal for the gyroscopes
and corrects for earth rate at the present position latitude. This,
together with sub-mode 7, is normally referred to as ‘gyro-
compassing’. When completed, the CDU display again changes to
indicate:

sub-mode 5. The ‘READY NAV’ light on the CDU will illuminate
and the ‘NAV’ mode can then be selected on the mode select unit.
When selected, confirmation of entering the ‘NAY" mode is indicated
by the first digit of the CDU display changing from a 0 to a 1, and
by extinguishing of the ‘READY NAV’ light.

When a pre-flight calibration of the *Z* gyroscope is required, the
systemn can be left in ‘ALIGN’ after gyrocompassing is complete, i.e.
sub-mode 5 is displayed. As the calibration takes place, the PI
number referred to earlier decreases in sequence from 5 to 0, the
latter indicating the best calibration.

As noted earlier, alignment time periods can vary; typically they
would be ten minutes for an IRS and nineteen minutes for an INS.

This is a procedure that provides the capability of moving the
gimballed platform of an INS about the pitch and roll axes, thereby



l"Sﬁtem malfunctions

simulating in-flight attitude changes, in order to observe the résuiting
changes in the displays of the units and instruments interfaced with
the system. The procedure, which can be carried out without the use
of a tilt table or removal of the navigation unit from an aircraft,
allows attitude changes of +71° pitch and roll, +180° azimuth to be
made. The slew rate of pitch and roll is approximately 2°/min.

Since attitude changes are transmitted to interfacing systems,
slewing can be used to verify the integrity of wiring, to calibrate a
weather radar antenna and flight director HSI and ADI displays, or to
verify such maintenance activities as replacement of HSls, ADIs,
weather radar antennae and AFCS pitch and roll computers.

In the event of any malfunctions occurring in flight, appropriate
annunciations are made in a manner which depends on the type of
system installed. In the case of an INS, a ‘WARN’ annunciator light
on the CDU is illuminated, and in order to determine the cause of
the warning, and what action is to be taken, a corresponding code
numbering system is programmed into the computer. The code
numbers are made to appear in the right-hand display of the CDU by
moving the display selector switch to the ‘DSR TK/STS' position,
and also by operating the ‘TEST’ switch. There are two groups of
code numbers designated as: (i) action codes and (ii) malfunction
codes.

Action codes

These are always displayed first, after the display selector switch is
moved to the ‘DSR TK/STS’ position. The codes and their
interpretation are as follows:

01. Complete system is inoperative.

02. Failure of the computer; the INS is no longer used for
navigation of the aircraft, but may be used to supply attitude data.

03. Does not illuminate the “WARN’ annunciator, but is detected
by monitoring the INS display on the FD system HSI. The computer

.feeds data to the CDU and to a digital-to-analog converter in the

navigation unit. The code indicates that the INS may be used, but the
HSI and the AFCS should not be used in the INS modes.

04. Indicates abnormality that may be eliminated if the system is
realigned (see page 279).

0S. Data from the automatic data entry unit is not reasonable. The
system should be switched off, then back on and automatic data
loading again be attempted. If this causes warning again, the data
may be loaded manually. ‘

Before complying with an action code, the malfunction causing the
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warning must be determined by operating the ‘TEST’ switch on the
CDU. Successive operation of the switch causes all existing
malfunction code numbers to appear in sequence in the right-hand
display.

A Malfunction codes

These appear in place of the action codes. After the last malfunction
code is displayed, either an action code number is again displayed or
the display remains blank. If the latter is the case, the malfunction is
momentary. and the corresponding logic circuits are reset; the
‘WARN?’ light is also extinguished. If, however, the action code
number reappears, the recommended procedure associated with it
must be carried out. , :

Any malfunction that occurs is stored in the computer memory and
their code numbers, of which there are 31, can be retrieved for
maintenance check-out and rectification purposes.

in an IRS, malfunctions are indicated by an amber ‘FAULT’ light
on the IRMP (see Fig. 10.22), a yellow ‘faulit ball’ on the inertial
reference unit, and also appropriate messages displayed on the screen
of the interfaced engine indicating and crew alerting system (EICAS).
An invalid ‘bit’ is also transmitted to the data busses connecting other
user systems so that they may also generate fault messages. For
example, messages relating to IRS malfunctions can be generated and
displayed on the screens of an ADI and HSI comprising the
electronic flight instrument system (EFIS) and also on a maintenance
control and display panel (MRCP) unit which is integrated with all
interfacing computer-controlled systems in an aircraft. The IR
computer stores the appropriate message status words in a non-
volatile memory, and by means of the controls on the MRCP, these
can then be extracted and identified for the purpose of ground testing
and fault isolation.
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Electronic (CRT) displays

Displays of this type, which are based on the electron beam scanning
technique, have been in use in aircraft for very many years. For
example, during World War II military aircraft used equipment
developed from the then existing ground-based radar systems. With
the aid of such equipment, and depending on an aircraft’s specific
operational role, crews were able to navigate by ‘radar mapping’ of
terrain, to identify ground target areas, and also to detect the
positions of hostile intercepting aircraft.

As far as civil aircraft are concerned, this display technology first
came into prominence in 1946, with the introduction of weather radar
systems to satisfy the operational requirements for transport category
aircraft, and it has continued to be an essential part of the ‘avionics
fit’ of this and other categories of aircraft.

The situation, however, of a weather radar display indicator
remaining as an isolated item of video equipment was to undergo*
considerable change, largely as a result of systems analysis,
exploration of the versatility of the CRT, and also investigation into
methods whereby not only weather data, but also that associated with
the many other utilities systems of an aircraft, could be programmed
into computers. These had reached such high levels of sophistication
and capacity for data processing that it became possible for a single
CRT display unit, under microprocessor control, to project the same
quantity of system status data which would otherwise have to be
displayed by a very large number of conventional-type instruments.
Furthermore, the introduction of CRTs and circuits capable of
producing a wide range of colours made it possible to differentiate
between significant parts of a display, and in particular, to lay
emphasis on information of an advisory, cautionary, or warning
nature.

The development of such multi-data display technology for both
civil and military aircraft was also influenced by the fact that by
integrating all computers via a data ‘highway’ bus, the scene was set
for the management of all aspects of in-flight operation to be fully
automated while still enhancing flight safety. This also led to
improvements in levels of systems’ redundancy, changes in the
layouts of transport aircraft flight decks, and a reduction in crew
complement with the attendant changes in their role and workloads.

The first of the ‘new technology’ transport aircraft (generally
dubbed as ‘glass cockpit® aircraft) were the Boeing 757, 767 and
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Figure 11.1 Flight deck layout
of the Boeing 757.

Principle of the CRT
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Airbus A310. All three were launched as design projects in 1978,
and both the B757 and B767 first entered commercial service in the
US in December 1982. The first A310 services were operated by two
European airlines in April 1983. These aircraft, and several of their
descendant types, are now in service world-wide, together with many
types of smaller aircraft, including helicopters, in which the foregoing
technology has also satisfied an operational need.

Figures 11.1 and 11.2 show the flight deck layouts and CRT
display locations of the B757 and A310 respectively.

A CRT is a thermionic device, i.e. one in which electrons are
liberated as a result of heat energy. As may be seen from Fig. 11.3,
it consists of an evacuated glass envelope, inside which are positioned
an electron ‘gun’ and beam-focusing and beam-deflection systems.
The inside surface of the screen is coated with a crystalline solid
material known as a phosphor. The electron ‘gun’ consists of an



Figure 11.2 Flight deck layout
of the Airbus A310.

indirectly-heated cathode biased negatively with respect to the screen,
a cylindrical grid surrounding the cathode, and two (sometimes three)
anodes. When the cathode is heated, electrons are liberated and in
passing through the anodes they are made to form a beam.

The grid is maintained at a negative potential, its purpose being to
control the current and so modulate the beam of electrons passing
through the hole in the grid. The anodes are at.a positive potential
with respect to the cathode, and they accelerate the electrons to a
high velocity until they strike the screen coating. The anodes also
provide a means of focusing, which, as will be noted from Fig. 11.3,
happens in two stages.
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Figure 11.3 Cathode ray tube.
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The forces exerted by the field set up between the grid and the first
anode bring the electrons into focus at a point just in front of the
anode, at which point they diverge, and are then brought to a second
focal point by the fields in the region between the three anodes. A
focus control is provided which by adjustment of the potential at the
third anode makes the focal point coincide with the position of the
screen. When the electrons impact on the screen coating, the
phosphor material luminesces at the beam focal point, causing
emission of a spot of light on the face of the screen.

In order to ‘trace out’ a luminescent display, it is necessary for the
spot of light to be deflected about horizontal and vertical axes, and
for this purpose a beam-deflection system is also- provided. Deflection
systems can be either electrostatic or electromagnetic, the latter being
used in the tubes applied to the display units of aircraft systems.

The manner in which an electromagnetic field is able to deflect an
electron beam is illustrated in Fig. 11.4.' A moving electron
constitutes an electric current, and so a magnetic field will exist
around it in the same way as a field around a current-carrying
conductor. In the same way that a conductor will experience a
deflecting force when placed in a permanent magnetic field, so an
electron beam can be forced to move when subjected to
electromagnetic fields acting across the space within the tube. Coils
are therefore provided around the neck of the tube, and are
configured so that fields are produced horizontally (X-axis fields) and
vertically (Y-axis fields). The coils are connected to the signal
sources whose variables are to be displayed, and the electron beam
can be deflected to the left or right, up or down, or along some
resultant direction depending on the polarities produced by the coils,
and on whether one alone is energized, or both are energized
simultaneously.
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Figure 11.4 Electron beam
deflection.

Figure 11.5 Data cells.
(a) Rho-theta; (b) X-Y
coordinate.
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These are used in weather radar display units, and are the norm for
those units designed for the display of data associated with the
systems installed in the types of aircraft referred to earlier. In these
display units weather data is also integrated with the other data
displays, and since there is a fundamental similarity between the
methods through which they are implemented, the operation of a
weather radar display unit serves as a useful basis for study of the
display principles involved.

The video data received from a radar antenna is conventionally in
what is termed rho-theta form, corresponding to the ‘sweeping’
movement of the antenna as it is driven by its motor (see Fig.
11.5(a)). In a colour display indicator, the scanning of data is
somewhat similar to that adopted in the tube of a television receiver,
i.e. raster scanning in horizontal lines. The received data is still in
rho-theta form, but in order for it to be displayed it must be
converted into an X—7Y coordinate format as shown in Fig. 11.5(b)).
This format also permits the display of other data in areas of the
screen where weather data is not displayed. In addition it permits a
doubling-up of the number of data cells, as indicated by the dotted
lines in the diagram.
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Figure 11.6 Scan conversion.

288

Each time the radar transmitter transmits a pulse, the receiver
begins receiving return echoes from ‘targets’ at varying distances
(rho) from the transmitter. This data is digitized to provide output
levels in binary-coded form, and is supplied to the indicator on two
data lines. The binary-coded data can represent four conditions
corresponding to the level of the return echoes which, in turn, are
related to the weather conditions prevailing at the range in nm
preselected on the indicator. The data are stored in memories which,
on being addressed as the CRT is scanned, will at the proper time
permit the weather condition to be displayed. The four conditions are
displayed as follows:.

Blank screen: Zero or low-level returns.

Green: Low returns (lowest rainfail rate).
Yellow: Moderate returns (moderate rainfall rate).
Red: Strong returns (high-density rainfall rate).

Scan conversion

The principle of conversion from rho-theta form to an X~Y
coordinate scan is shown in Fig. 11.6. With a ‘target’ at point P, at a
range R and an angle 8, it will have coordinates: X = Rsinfand Y
= R cos 8. Thus, for an echo received at an azimuth angle of, say,
30° and a range of 235 nm, the coordinates will be: X = 235 sin
30° = 117.5 nm, and Y = 235 cos 30° = 203.5 nm. The
conversion is performed by a microprocessor on the indicator’s
display circuit board.

Screen format

The coordinate system format of the screen is shown in Fig. 11.7,

and from this example it will be noted that the screen is divided into
two halves representing two quadrants in the coordinate system. The
origin is at the bottom centre, so that values of X are negative to the
left and positive to the right; all values of Y are positive. The screen

 aircrat heading
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Figure [1.7 Screen format.
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is scanned in 256 horizontal lines, and there are 256 ‘bits’ of
information displayed on each line.

Each line is located by a value of Y and each bit by a value of X;
the screen therefore has a 256 x 256 matrix. The X and Y values
are used to address the memory and display the information stored
there as the appropriate time in the scan occurs. The memory for the
weather data is in two parts which store the bits of the data words
that represent the colours red, yeliow or green and the corresponding
weather conditions. Each part of the memory contains one address for
every bit on every line in the display; each memory, therefore, is
also a 256 x 256 matrix, and allows the entire weather display to be
stored continuously.

As the screen is scanned, the memory is addressed at each point on
each line by two counters: a horizontal or X counter for addressing
the rows in the memory, and a vertical or Y counter for addressing
the columns. The X counter generates an output for each of the 256
bits on a line, and counting is started by a ‘high’ state output signal
from an up/down divider circuit. The counter is caused to count
down, i.e. left to right, from the number 186 to O at the centre of the
screen. When it reaches 0, the divider circuit changes to a ‘low’ state
output, thereby causing the counter to count up to the number 128 at
the end of the line, at which peint a ‘line blank’ pulse of 14 us
duration is generated. The line scan time is about 61 us, and so the
total time for each line is 75 us. The divider circuit again changes to
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a ‘high’ state to cause the counter to start down for the next line, and
is a process that is repeated for all remaining lines.

An output from the X counter is also applied to the Y counter,

- which counts to 256 (one for each line) plus eight counts for a scan
blank time to allow for the CRT beam ‘spot’ to return to the upper
left corner of the screen. This process is repeated, and since there are
256 lines in the display it takes 20 ms to scan the entire screen (19.4
ms for the 256 lines and 600 us for the scan blank time). The
vertical and horizontal sweep circuits are synchronized by the
triggering of the line and scan blank pulses.

In addition to the foregoing raster scanning technique, which
produces sections of a CRT screen in ‘solid’ colour, a stroke
scanning technique is also used for producing displays of symbols and
of data in alphanumeric format. Details of this will be given later in
this chapter.

Colour generation

A colour CRT has three electron guns, each of which can direct an
electron beam at the screen which is coated with three different kinds
of phosphor material. On being bombarded by electron beams, the
phosphors luminesce in each of the three primary colours red, green
and blue.

The screen is divided into a large number of small areas or dots,
each of which contains a phosphor of each kind as shown in Fig.
11.8. The beam from a particular gun must only be able to strike
screen elements of one colour, and to achieve this a perforated steel
sheet called a shadow mask is accurately positioned adjacent to the
coating of the screen. The perforations are arranged in a regular
pattern, and their number depends on the size of screen; 330 000 is
typical.

Beams emitted from each gun pass through the perforations in the
mask and they cause the phosphor dots in the coating to luminesce in
the appropriate colour. For example, if a beam is being emitted by
the ‘red’ electron gun only, then only the red dots will luminesce,
and if the beam completes a full raster scan of the screen, then as a
result of persistence of vision by the human eye, a completely red
screen will be observed. In the display units of electronic instrument
systems, a number of other colours are also required and these are
derived by independent circuit control of the three guns and their
beam currents, so that as the beams strike the corresponding
phosphor dots, the basic process of mixing of primary colours takes
place (see Fig. 11.9). In other words, an electronic form of ‘paint
mixing’ is carried out.

Referring once again to the weather radar indicator application, the
data readout from the memory, apart from being presented at the



Figure 1§.8 Colour CRT.
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appropriate location of the CRT screen, must also be displayed in the
colours corresponding to the weather conditions prevailing. In order
to achieve this, the data is decoded to produce outputs which, after
amplification, will turn on the requisite colour guns; the data flow is
shown in Fig. 11.10. The memory output is applied to a data
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Figure 11.9 Weather data
display.
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demultiplexer whose output corresponds to the most significant and
least significant bits (M and L) of the two-bit binary words and is
supplied to a data decoder. The inputs are decoded to provide three-
bit output words corresponding to the colours to be displayed, as
shown in Table 11.1. The outputs are then applied to the colour
decoder and primary ercoder circuit, and this in turn provides three
outputs, each of which corresponds to one of the colour guns as

shown in Table 11.2.

The ‘low’ state outputs turn on the guns, and from Table 11.2 it



Figure 11./10 Data flow for
gun operation.
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can also be seen how simuitaneous gun operation produces other
colours from a mix of the primary colours. Figure 11.9 illustrates a
typical weather data display together with associated alphanumeric
data, namely ranges in‘nm, and an operating mode which in this case
is WX signifiying ‘weather’ mode. .

The display of data in alphanumeric and in symbolic form is
extremely wide-ranging. For example, in a weather radar indicator it
is usually only required for range information and indications of
selected operating modes to be displayed, while in systems designed
to perform functions within the realm of flight management, a very
much higher proportion of information must be ‘written’ on the
screens of the relevant display units. This is accomplished in a
manner similar to that adopted for the display of weather data, but
additional memory circuits, decoders, and character and symbol
generator circuits are required.

Raster scanning is also used, but where datum marks, arcs or other
cursive symbols are to be displayed, a stroke pulse method of
scanning is adopted. The position of each character on the screen is
predetermined and stored in a memory matrix, typically 5 X 7, and

‘when the matrix is addressed, the character is formed within a

corresponding matrix of dots on the screen by video signal pulses
produced as the lines are scanned.

Figure 11.11 illustrates how, for example, the letters ‘WX’ and the
number ‘40’ are formed. One line of dots is written at a time for the
area in which the characters are to be displayed, and so for a 5- x 7
matrix, seven image lines are needed to write complete characters
and/or row of characters. As will be noted from Fig. 11.9, the
characters are displayed in blue, so only the ‘blue’ electron gun is
active in producing them. Spacing is necessary between individual
characters and also between rows of characters, and so extra line
‘blanking bits’, e.g. three, are allocated to character display areas.

In the example of the weather radar indicator, the characters each
have an allocation of eight bits (five for the characters and three for
the space following) on each of 21 lines (14 for the character and
seven for the space below). The increase in character depth to 14
lines is derived from an alphanumeric address generator output that
writes each line in a character twice during line scanning. The
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Figure 11.11  Alphanumeric
display.
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character format in this case permits the display of 12 rows each of
32 characters.

The CRT display units of the more comprehensive electronic
instrument systems (see Chapters 12 and 16) operate on the same
fundamental principles as those described, but in applying them, more
extensive microprocessing circuit arrangements are required in order
to display far greater amounts of changing data in quantitative and
qualitative form.

The microprocessor processes information from the data ‘highway’
bus and, from the memory circuits, it is instructed to call up sub-
programs, each of which correspond to the individual sets of data that
are required to be displayed. Signals are then generated in the
relevant binary format, and are supplied to a symbol generator unit.
This unit, in turn, generates and supplies signals to the beam
deflection and colour gun circuits of the CRT, such that its beams are
raster and stroke scanned, to present the data at the relevant parts of
the screen, and in the required colour.



The displayed data is in two basic forms: fixed and moving. Fixed
data relate in particular to such presentations as symbols, scale
markings, names of systems, datum marks, names of parameters
being measured, etc. Moving data are in the majority, of course,
since they present changes occurring in the measurement of all
parameters essential for in-flight management. The changes are
indicated by the movement of symbolic pointers, index marks, digital
counter presentations, and system status messages, to name but a
few.



12 Electronic flight
instrument systems

As far as the pure basic functions and number of display units are
concerned, this system, which is generally referred to as ‘EFIS’
(pronounced ee-fiss), may be considered as being similar to the types
of flight director system described in Chapter 9. However, 'since it is

! fully inteprated with digital compW
utilizes colour CRT types of AD] and HSI, then it is far more
sophisticated not only in terms of physical construction, but also in
the extent to which it can present attitude and navigational data to the
flight crew of an aircraft.

Units of a system As in the case of conventional flight director systems,ja co
\EFIS installation is made up of left (Captain) and-right (First Officer)
systems. Each system in furn is comprised of two display units: an

electronic irector indicatgg (EADI) and an glectronic
horizontal situation indicator. (EHSI), a control panel, a symbol

generator (SG), and a remote light sensor unit, A third (centre) SG is
also incorporated so that its drive signals may be switched to either

the left or right display units in the gvent of failu e
corresponding SGs. The signal switching is accomplished within the

left and right SGs, using electromechanical relays powered from an
aircraft’s dc power supply via pilot-controlled switches. The interface
between EFIS units, data busses, and other systems is shown in Fig.
12.1.

Display units

‘E_aigisplay unit cousists of the sub-units shown in Fig. 12.2. The _
power supply units provide the requisite level$ of ac and dc_power
‘hecessary for overall operation; the supplies are automatically

regulated and monitored for undervoltage and overvoltage conditions.
—’gl‘hﬁe\ViKe‘ofmomtor card contains a video control microprocessor, )
video amplifiers and monitoring logic for the display unit. The main
tasks of the processor and associated ROM and RAM memories are
fo calculate gain factors for the three video amplifiers (red, blue and
green), and perform input and sensor anid display unit monitor




Figure ]2.] EFIS units and
signal interfacing.
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functions; the input/output interface functions for the processor 'aréwv
provided by analog multiplexers, an A/D converter and a D/A
converter.,

The function of the convergence card is to take X and Y deflection
signals and to develop drive signals for the three radial convergence
coils (red, blue and green) and the one lateral convergence coil (blue)
of the CRT. Voltage compensators monitor the deflection signals in
order to establish on which part of the CRT screen the beams are
located (right or left for the X comparator, and top or bottom for the
Y comparator).

Signals for the X and Y beam deflections for stroke and raster
scanning are provided by the deflection amplifier card. The amplifiers
for both beams each consist of a two-stage preamplifier and a power
amplifier. Both amplifiers use two supply inputs, 15 V dc and 28 V
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Figure 12.2 Display unit.
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dc; the former is used for effecting most of the stroke scanning or
writing, while the latter is used for repositioning and raster scanning.

The interconnect card serves as the interface between the external
connector of a display unit and the various cards. Digital line
receivers for the signals supplied by the SGs are also located on this
card.

In a typical system/six colours are assigned for the display bf the
many symbols, failure annunciators, messages and other alphanumeric
information, and are as follows:

e
White  Display of present situation information.~.

‘ )Zreen Display of present situation information where contrast with
white symbols is required, or for data having lower priority
than white symbols.

Magenta All ‘fly to’ information such as flight director commands,
deviation pointers, active flight path lines.

‘gan“ .Sky shading on an EADIY and fgr.low-priority information

such as non-active flight plan map data.
Yellow Ground shading on an EADI, caution_information dis%ay

such as failure warning flags, limit and alert annunciators

o - [t bkl .
— and fault messages.

Red ‘or display of heaviest precipitation levels as detected by

H d T ——

the WeRther radar.

Symbol generators (SGS)

These provide the analog, discrete and digital signal interfaces
between an aircraft’s systems, the display units and the control panel,




Figure 12.3 Symbol generator
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and they perform symbol generation, system monitoring, power
control and the main control functions of the EFIS overall. The
interfacing between the card modules of an SG is shown in Fig. 12.3,
and card functions are given in Table 12.1.

Control panel

+A_control panel is provided for each system, and, as shown in Fig.
12.4, the switches are grouped for the purpose of co;t'rg_ll/igg_tlle
displays of their respective EADI and EHSI units as listed in Table
12.2.

Remote light sensor

his Is a photodiode device which res aml
lig ifions and automatically adjusts the brightness of the CRT

dispiays A compatible level. 7T
i . S .

nds to flight deck ambient

The EADI displays traditional pi d roll attitude indications
. M
against a raster-scanned background, and as may be seen from the

S,
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Table i2.1 Symbol generator card functions

Card Function

o1 &2 Supply of input data for use by the main processor

Main processor Main data-processing and control for the system

Main. RAM Address decoding, read/write memory and /O functions for the system
Main PROM Read-only memory for the system

Display controller
WXR input

WXR memory

Display sequencer

Stroke generator

Raster generator

Display driver

Master transfer bus interface

Time scheduling and interleaving for raster, refresh, input and standby
functions of weather radar input data

RAM selection for single-input data, row and column shifters for
rotate/translate algorithm, and shift registers for video output

Loads data into registers on stroke and raster generator cards

Generates all single characters, special symbols. straight and curved lines
and arcs on display units ‘

Generates master timing signals for raster, stroke, EADI and EHSI
functions

Converts and multiplexes X and Y digital stroke and raster inputs into
analog for driver operation, and also monitors deflection outputs for
proper operation

example illustrated in Fig. 12.5, the upper half is in cyan and the
lower half in yellow. Attitude data is provided by an IR system. Also
displayed are flight director commands, localizer and glide slope
deviation, selected airspeed, ground speed, AFCS and autothrottle
system modes, radio altitude and decision height.

Figure 12.5 illustrates a display representative of an automatically-
controlled approach to land situation together with the colours of the
symbols and alphanumeric data produced via the EFIS control panel
and SGs. The autoland status, pitch, roli-armed and engaged modes
are selected on the AFCS control panel, and the decision height is
selected on the EFIS control panels. Radio altitude is digitally
displayed during an approach, and when the aircraft is between 2500
and 1000 ft above ground level. Below 1000 ft the display
automatically changes to a white circular scale calibrated in
increments of 100 ft, and the selected decision height is then
displayed as a magenta-coloured marker on the outer scale. The radio
altitude also appears within the scale as a digital readout. As the
aircraft descends, segments of the altitude scale are simultaneously
erased so that the scale continuously diminishes in length in an anti-
clockwise direction.

At the selected decision height plus 50 ft, an aural alert chime
sounds at an increasing rate until the decision height is reached. At
the decision height, the circular scale changes from white to amber



Figure 12.4 Control panel.
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and the marker changes from magenta to amber; both the scale and
marker also flash for several seconds. A reset button is provided on
the control panel and when pressed it stops the flashing and causes
the scale and marker to change from amber back to their normal
colour.

If during the approach the aircraft deviates beyond the normal ILS
glide slope and/or localizer limits (and when below 500 ft above
ground level), the flight crew are alerted by the respective deviation
pointers changing colour from white to amber; the pointers also start
flashing. This alert condition ceases when the deviations return to
within their normal limits.
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Table 12.2 Control panel swuch functions

Switch Funcrion

EAD! section:

BRT Controls levels of display brightness.
DH SET Setting of decision height.
RST Manually resets decision height circuits after aircraft has passed

through decision height.
EHS! section:

RANGE Selects range for displayed WXR and navigation data,

MODE SELECT Selects display appropriate to mode required.

BRT Quter knob controls main display brightness; inner knob controls WXR
display.

WXR When pushed in, WXR data displayed during all modes except PLAN.

MAP switches Used in MAP mode. and when pushed in they cause their placarded

data to be displayed. Hluminate white.

Figure 12.5 EADI display. Roll pointer {W) Roll scate (W) Sky shading (C Raster}
Plich scales A L oM
W) —] Selected decision marker
Altitudas alert I height (G)
(W) | _Radio aititude
Ground W) 850 .
speed (W) | Flight director
Speed efror - command bars Aadio
indicator (M) (M) altitude
Speed afror — - Aircraft symbol
scale (W) (W)
Horizon - Glide slopa
tine (W) — deviation pointer
Autothrotile (M)
moda {G) ~]  Glida slopa
Pitch anmed deviation scale (W)
mode (W) ~ Autoland status (G)
Rolt armed [~ Pitch engaged
mods (W) mode (G)
Ron engaged
7 1 meds (G)
Localizer deviation Slip indicator Localizer deviation  Ground shading
scale (W) {ball in tube) pointar {M) {Y Raster)
Colours: o4 Cyan
G Green
M Magenta
W White
Y Yeliow

The EHSI presents a selectable, dynamic colour display of flight
progress and plan view orientation. Four principal display modes may
be selzcted on the control panel: M MAP PLAN ILS and VQR Figure
12.6 illustrates the normally-used MAP mode display which, in
conjuncllon with the flight plan data prggftffnmed into a ﬂlghl
management computer, displays information against a moving' map
background with all elemonts positioned to a comimon scale.

The symbol representing the aircraft is at the lower part of the
display and an arc of the compass scale, or rose, covering 30° on
either side of the instantaneous track is at the upper part of the
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Figure 12.6 EHSI in ‘MAP’
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Colours: C Cyan
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display. Heading information is supplied by the appropriate IRS, and
the compass rose is automatically referenced to magnetic north (via a
crew-operated ‘MAG/TRUE’ selector switch) when between latitudes
73° N and 65° S, and to true north when above these latitudes.
When the selector switch is set at “TRUE’, the compass rose is
referenced to true north regardless of latitude.

Tuned VOR/DME stations, airports and their identification letters,
and the flight plan entered into the flight management system
computer are all correctly oriented with respect to the positions and
track of the aircraft, and to the range scale (nm/in) selected on the
EFIS control panel. Weather radar ‘returns’ may also be selected and
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Figure 12.7 EHSI in "PLAN’

mode.
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displayed when required, at the same scale and orientation as the
map.

Indications of other data such as wind speed and direction